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PREFACE 


Considerable  progress  has  been  made  in  the  last  few  years  in  the  possibilities  of  predicting 
the  fatigue  life  of  aircraft  structures.  It  may  suffice  here  to  mention  the  use  of  complex  fiight- 
by-tlight  sequences  in  full  scale  fatigue  tests  and  the  use  of  fracture  mechanics  for  materials 
selection,  crack  propagation  and  residual  static  strength  calculations  as  well  as  the  steadily 
growing  amount  of  service  load  data. 

If  ail  these  new  methods  and  data  arc  brought  together  one  can  be  reasonably  sure  that 
the  unexpected  and  costly  service  failures  which  occur  in  older  aircraft  will  net  come  about. 

The  Lecture  Seiies  will  mainly  concentrate  on  overviews  of  the  complex  problem  of 
fatigue  life  prediction,  and  individual  methods  which  Jlow  for  predicting  fatigue  life.  It  will 
be  of  special  interest  to  engineers  from  aircraft  and  othe'  industries  interested  in  structures 
and  materials  problems  and  to  government  representatives  who  arc  concerned  with  the 
design,  stress  analysis  and  ainvorthines  aspects  of  fatigue.  The  Lecture  Series  will  also  be 
of  interest  to  laboratory  scientists  woiking  in  applied  research. 

The  participants  should  have  a  basic  knowledge  of  fatigue  problems  in  order  to  benefit 
fully  from  the  presentation  of  the  latest  state-of-the-art  by  internationally  known  experts  in 
this  field. 


1 


i 

I 


% 

4 

| 

5 

$ 


s 


iii 


LIST  OF  SPEAKERS 


Lecture  Series  Director 


-  Dr  Ing.W.Schutz 

industrieaniagen-Betriebsgesellschaft 
80  i  2  Ottobrunn  bei  MQnchen 
Linsteinstrasse 
Germany 

Mr  W.E.A2atrson 

DatteiJe  Pacific  Northwest  Laboratories 

Structure  and  Mechanics 

Batteiie  Boulevard 

Richland.  Washington  99352 

USA 


Dr  Ing.O.Buxbaum 

Laboratoriunt  tQr  Petriebsfestigkeit 

61  Darmstadt 

Bartningstrasse  47 

Germany 

Mr  WJ.Crichlow 
Engineering  Advisor 
49f»6B  Kingsgate  Court 
Dayto  i,  Ohio  4543 ! 

USA 


Mr  J.A.B  Lambert 
Assistant  c  hief  Stressntan 
(Genera!  Fa-igueJ 
Uawker-SiddGey  Aviation  Ltd 
Hatfield.  H--;  ; 

England 

Professor  ->.Seiiijve 
National  Aerospace  Laboratory 
Sloternrg  l  >5 
Amsterdmv  1? 

Netherliiitdf 

Mr  Hc< -"rd  A."  net? 

Aerospace  Engineer,  FBR 

Air  Force  f  hgiu  Dynamics  Laboratory  (AFSC) 

Wright-Pattersou  Air  ferv'.  Basa 

Ohio  45433 


CONTENTS 


PREFACE 


SPEAKERS 


ASPECTS  OF  AERONAUTICAL  FATIGUE 
by  J.Scnijve 

METHODS  OF  STRESS-MEASUREMENT  ANALYSIS  FOR  FATIGUE  LIFE 

EVALUATION 
by  U.Owxbausn 

THE  USE  OF  COUNTING  ACCELEROMETER  DATA  IN  FATIGUE  LIFE  PREDICTIONS 

-OR  AIRCRAFT  FLYWG  IN  COMPLEX  ROLES 
by,  J.A.B.Lamb?rt 

THE  USE  OF  FRACTURE  MECHANICS  PRINCIPLES  IN  THE  DESIGN  AND  ANALYSIS 

OF  DAMAGE  TOLERANT  AIRCRAFT  STRUCTURES 
by  H.A.Wood 

CORROSION  FATIGUE  -  OF-  -  HOW  TO  REPLACE  THE  FIJLL-SC*  LE  FATIGUE  TEST 
bv  IV. E. Anderson 


Reference 


ON  FATIGUE  ANALYSIS  AND  TESTING  FOR  THE  DESIGN  OF  THE  AIRFRAME 
by  W.J.Crichlow 

A  RATIONAL  ANALYTIC  THEORY  OF  FATIGUE  -  REVISITED 
by  W.E.Anderson 

A  SUMMARY  OF  CRACK  GROWTH  PREDICTION  TECHNIQUES 
by  H.A.Wood 

THE  R.Ae.S.  -  F.SDU  CUMULATIVE  DAMAGE  HYPOTHESIS 
by  J.A.B. Lambert 

FATIGUE  LIFE  PREDICTION  -  A  SOMEWHAT  OPTIMISTIC  VIEW  OF  THE  PROBLEM 
bv  W.Schflu 


•”W*  "  r  .i*H#  ■  f  •<' 5»!i* T *CES* K«>essi!^^,«grtfn!!^^  ^sjs^r^KiikHeEC!-; 


1-1 


ASPECTS  OF  AERONAUTICAL  FATIGUE  I 

5 

J,  Schijve  * 

National  Aerospace  Laboratory  HLR  | 

Sioterveg  145,  AttBterda.it  (1?)*  The  Netherlands  % 
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SUMMARY 

Th-s  evaluation  of  the  fatigue  quality  of  an  aircraft 
ijivoivaa  several  steps,  such  as  (1)  det truncation  of  the 
fatigue  load  environment,  (2)  response  cf  the  air  raft 
structure,  (3)  Internal  lead  distributions  and  (4)  estima¬ 
tion  of  the  fatigue  properties.  The  fatigue  properties 
compnee  fatigue  life,  crook  propagation  and  residual 
strength.  The  latter  two  items  together  with  inspection 
procedures  are  qualifying  the  fail-safety.  The  above 
aspects  are  discussed  in  the  paper  with  reference  to  the 
contributions  of  design  efforts,  calculations,  testing, 
inspections  and  fatigue  load  monitoring. 


1,  i  mwjumj 

Fatigue  of  aircraft  structures  is  \  serious  problem  for  oeveral  reasons.  At  the  beg.nning  rf  this 
introductory  paper  it  appears  useful  to  list  the  nore  important  ones: 

a  In  the  past  and  up  till  recent  years  catastrophic  fatigue  failures  in  several  aircralt  and  helicoj  ters 
did  occur. 

b  Several  aircraft  new  in  service  have  net  with  the  necessity  of  costly  modifications  or  repairs  sue  to 
the  occurrence  cf  fatigue  cracks.  Fatal  accidents  could  be  prevented  because  fatigue  cracku  were  detected 
before  they  become  critical. 

c  Several  aircraft  nowadays  are  utilized  up  to  very  long  service  lives,  much  longer  than  in  the  past. 

'.’''-.sequent  ly  the  risk  c.f  fatigue  cracks  in  service  is  increasing, 
d  Decpitc  the  fail-safety  of  an  aircraft  structure  the  occurrence  of  cracko,  including  to-called  nuisance 
cracks,  is  undesirable  economically. 

e  Promising  new  aaterie’a  (titanium  alloys,  high  strength  steel)  in  many  cases  exhibit  a  high  "crack 
sensitivity*'. 

f  Operators  prefer  long  inspection  periods. 

TUesn  argu-nento  ill  istrate  that  the  fatigue  problem  is  part  of  the  delicate  balance  between  safety  and 
economics.  In  the  present  paper  it  will  be  shown  that  many  completely  different  aspects  are  involved  in 
fatigue  of  w,  aircraft  structure.  As  a  consequence  an  unbalanced  approach  to  solving  the  problem  may  easily 
be  nade. 

The  paper  startc  with  a  survey  of  the  various  topics  that  will  contribute  to  the  fatigue  quality  of  an 
aircraft.  Secondly  the  problem  areas  are  discussed  in  more  detail  and  some  recommendations  are  made. 

Finally  it  will  be  tried  to  evaluato  the  present  state  of  the  art. 

2.  S'JRV£V  OF  TiiS  AIRCRAFT  FATIGUE  PROBLEM 

For  the  U  Just  ration  cf  the  large  varf*‘*y  ©I  aspects  involved  in  aircraft  fatigue  it  *s  useful  to 
civic »  the  history  of  a  certain  aircraft  type  into  phases:  - 


«•*•■>.>»« fctits.  '  I.:  iSJasw-******* 


-  planning,  layout  and  design 

-  building  and  testing  the  first  aircraft 

-  experience  of  a  fleet  of  aircraft  in  service 

These  throe  major  phases  can  again  be  subdivided  into  a  number  of  smaller  phases,  as  indicated  in  table.  1 
(Hfcf.1),  which  clearly  illustrates  the  great  variety  of  aspects  involved.  It  cannot  be  the  purpose  of  this 
paper  t;  deal  exhaustively  with  ail  the  topics  mentioned  in  the  table.  However,  it  will  be  attempted  to 
deal  with  the  major  problems  involved  in  estimating  the  fatigue  quality  of  a  new  design. 

The  first  steps  in  the  approach  to  a  now  design  will  involve  the  specification  of  the  required  performances 
and  the  mission  of  the  new  aircraft.  One  might  expect  that  fatigue  considerations  are  not  so  important  at 
this  stage.  Nevertheless,  it  will  be  clear  that  the  required  service  life  is  already  an  item  of  major 
concern  for  fatigue  life  estimates  to  be  made  later  on.  As  ar.  example  the  larger  civil  transport  aircraft 
are  now  designed  for  a  20-years  eervicc  life  (Hef.2),  whereas  some  20  years  ago  a  IC-yeare  period  appeared 
to  be  sufficient.  For  budgetary  reasonB  military  aircraft  also  exhibit  a  tendency  to  require  a  longer 
service  life*  In  both  cases  we  simply  have  to  make  a  better  fatigue  resistant  structure  if  we  do  not  want 
to  run  into  difficulties. 

The  aspects  listed  in  table  1  are  shown  in  a  different  way  m  figure  1.  ror  each  problem  more  than  one 
solution  may  be  adopted  and  some  alternative  approaches  are  indicated  in  the  right  part  of  figure  1.  In 
‘he  left  part  tne  various  msciplines  involved  m  treating  the  problems  are  mentioned  and  this  illustrates 
that  aeronautical  latigue  to  its  full  extent  is  of  a  truly  interdisciplinary  nature. 

'A"->roblem  of  major  concern  is  the  quantitative  accuracy  of  t!;e  fatigue  properties.  It  is  well  Known  that 
very  precise  predictions  of  these  gropert'ea  are  beyond  the  present  state  of  knowledge.  For  that  reason 
one  of  the  steps  in  figure  1  is  labelled  us  the  estimation  of  .atlgue  properties  rather  than  the  determina¬ 
tion  of  these  properties.  Since  the  significance  of  such  estimates  is  affected  by  the  accuracies  of  all 
preceding  steps  as  well  as  the  subsequent  steps  (maintenance  and  data  recording)  they  all  will  contribute 
to  the  accuracy  and  the  reliability  of  the  estimations  made.  An  unbalances  approach  would  be  to  acquire 
very  accurate  information  cn  the  fatigue  behaviour  of  the  structure,  but  having  inaccurate  data  about  the 
load  environment  and  the  dynamic  response.  Another  unbalanced  picture  arises  when  highly  detailed  work  on 
environment,  response  of  structure  and  fatigue  estimates  is  combined  with  uncontrolled  maintenance  aho 
inspection  ana  the  absence  of  data  r*.  ''rning. 

The  steps Jc  figure  1  «*il  now  be  discussed  in  more  detail. 

3.  H£SlC:i  ASPtJVC 

Aspects  listed  in  table  5  are: 

-  type  of  structure,  1 ail- said  characteristics 

-  joints 

-  detail  design 

-  materia’ s  selection 

-  surface  treatments 

-  production  techniques 

All  these  aspects  have  some  bearing  on  the  fatigue  life  until  cracks  occur  and  on  the  subsequent  crack 
propagation  and  residual  strength  (fail-safe  quality),  ‘.omments  will  bo  made  on  a  few  topics  only. 

An  important  problem  is  how  to  achieve  good  fail-safe  properties  snd  how  to  avoid  structural  design 
features  that  may  impair  these  properties-  Sometimes  there  is  some  misunderstanding  when  comparing  multiple 
load  path  structures  and  multiple  element  components..  The  irtea  of  tne  mi  Uiple-eleraent  component  is  that 
failu-n  of  cne  eleven;  will  leave  enough  strength  for  tho  other  elements  until  the  forthcoming  inspection. 
Until  that  time  tho  remaining  elements  have  to  c i  try  a  larger  load.  Instead  of  a  single  lug-fork  joint  a 
multiple  fork  joint  muy  be  used.  A.  lug  has  a  poor  fatigue  reputation  ana  one  may  hope  that  failure  of  a 
cingle  lug  in  figure  2  Kill  reduce  the  strength  until  2/>  ci  itn  o-lginal  value.  However,  a  few  comments 
have  to  be  mace  now.  If  Oise  of  the  lugs  contains  a  crack,  its  stiffness  will  be  reducea  arwi  the  other  lugs 
will  carry  more  load.  It  is  likely  that  crackn  in  the  other  lugs  will  start  before  the  first  crack  is  large 
enough  for  an  easy  o-ieetloii,  oeaondiy,  il  a  craeK  la  growing  i,i  the  r.ddie  idg  the  detectability  will  be 
rather  poor.  In  other  words  in  this  case  inspection  is  an  inherent  aspect  of  the  fail-safe  quality. 
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A  similar  example  is  the  back-to-back  struct.je,  ouch  as  splitting  up  an  I-beam  along  the  web  into  two 
‘  e.'ims.  The  same  remarks  cn  mutual  i.;i.:rf-jrence  can  be  made  as  before, 

A  multi-lead  path  structure  is  a  <’(  uanJant  structure.  If  a  crack  occurs  in  one  of  the  components  its 
stiffness  will  hardly  be  affected  and  as  a  cou3oquoncc  the  load  distribution  in  the  structure  will  remain 
the  same.  The  load  distribution  will  only  be  changed  after  complete  failure  of  a  component  and  tne  other 
components  will  then  carry  more  load.  An  example  is  the  multispar  wing  with  a  multiple  connection  to  the 
fuselage  frames  (Fig.3).  Instead  of  a  single  spar  or  two  spars  a  number  of  spars  is  used.  If  one  spar  or 
its  connection  to  the  fuselage  fails  the  other  ones  will  maintain  sufficient  residual  strength  if  they  are 
unoracked.  This  certainly  will  apply  if  the  crack  is  a  premature  failure.  However,  if  the  crack  is  sympto¬ 
matic  for  either  a  marginal  fatigue  life  or  a  severe  fatigue  load  environment  the  other  spars  may  also  be 
cracked  and  a  high  residual  strength  way  be  illusory.  This  should  be  kept  in  mind  when  planning  inspection 
procedure*, 

Anoiner  example  is  a  stiffened  skin  which  can  be  made  by  integrally  machining  (single  element)  or  by 
bonding  or  riveting  separate  stringers  to  the  skin.  This  topic  as  well  as  the  application  of  straps  to  stop 
crack  growth  in  fuselages  ha3  been  the  subject  of  many  papers  m  the  literature  (fiefs  2,  4  and  5)  and  will 
not  be  discussed  any  furtiier  hero,  It  may  be  emphasised,  however,  that  mepectability  is  an  inherent  part 
of  the  problem. 

The  selection  of  materials  may  be  a  difficult  question,  since  many  different  requirements  have  to  be 
satis  'ied,  fatigue  being  just  one  of  them.  Unfortunately  the  stronger  Al-alloyt,  Ti-alloys  and  steels  have 
a  tendency  towards  increased  notch  and  crack  sensitivity  and  newer  fracture  toughness  values  an-  stress 
corrosion  resistance.  A  most  noteworthy  compromise  is  the  U3e  of  over-aged  Al-In  alloys  (T/  condition). 

4.  FATIGUE  S.'VIiiOHKEir  AED  JYl.'AM  J  REPOAoE 

The  description  of  the  fatigue  environment  is  a  complex  problem,  not  only  because  it  involves  a  good 
ceai  of  guessing  but  also  in  view  of  the  large  variety  of  aspects.  This  is  illustrated  by  table  2.  The 
typos,  of  fatigue  loads  that  may  be  encountered  by  an  aircraft  may  largely  differ  in  nature.  Moreover,  the 
envi'.vnment  will  be  highiy  dependent  on  the  type  of  aircraft  ana  the  way  m  which  it  is  used.  An  illustra¬ 
tion  of  the  variety  of  fatigue  loads  is  given  m  figure  4.  This  figure  shows  orders  of  magnitude  for  the 
duration  of  a  single  cycle  and  the  numbers  of  tycles  that  nay  occur  ir.  an  aircraft  life  time.  The  figure 
also  suggests  that  loading  rate  effects  should  be  considered. 

In  order  to  evaluate  the  load-time  history  of  an  aircraft  structure  a  mission  analysis  has  to  be  made.  A 
flight  profile  shou’-d  be  established  giving  information  on  fljing  altitude,  speed  and  loading  condition. 

An  example  has  been  given  m  figure  5.  From  this  type  of  information  we  may  calculate  the  loads  cor -espon- 
ding  to  the  ground-air-ground  cycle.  The  next  step  if  ,  insert  the  necessary  manoeuvres  in  the  flight.  It 
may  be  thought  that  the  loads  induced  by  the  manoeuvres  can  also  be  calculated.  We  then  have  to  consider 
the  types  of  loading  that  have  a  real  statistical  nature  such  as  gusto  and  taxiing  loads. 

In  the  technical  literature,  the  description  of  the  gust  environment  has  become  alncst  a  problem  of  its  own. 
There  are  two  approaches  to  it.  The  classical  one  is  to  consider  gust  loads  is  isolated  occurrences. 
Statistical  data  of  gust  loads  based  on  this  concept  have  been  collected  all  over  the  world  by  employing 
counting  accelerometers.  The  accelerations  have  to  be  translated  into  gust  velocities  for  which  the 
characteristics  of  *he  specific  type  of  aircraft  have  to  be  used.  This  approach  is  not  a  very  sound  one 
physically,  because  it  is  known  that  gusts,  or  better,  air  turbulence,  constitute  a  continuous  phenomenon. 

This  is  iliustratedby  strain  gauge  records  of  the  wing  bending  moment  of  two  different  types  of  aircraft 
(Fig.6).  Aircraft  type  A  hud  a  large  flexible  wing  and  the  first  wing  bending  mode  is  easily  recognized, 
which  is  less  clear  for  aircraft  typo  F. 

The  modern  approach  is  that  air  turbulence  can  bo  described  as  a  stochastic  preoees  which, under  the  assump¬ 
tion  that  it  is  a  Gaussian  process,  can  be  fully  described  by  a  power  spectral  density  function.  Thit  func¬ 
tion  is  dependent  on  the  flying  altitude  and  the  type  of  weather  and  many  data  of  this  nature  are  now 
available.  The  power  spectral  density  approach  allows  us  to  include  the  dynamic  response  of  .he  structure 
into  the  calculation  of  the  loads  in  the  structure  in  a  more  rational  way  than  with  the  classic -method. 

The  overshoot  "'‘a  wing  loaded  by  gusts  can  thus  be  more  rationally  accounted  for.  This  promising  approach 
is  still  under  development. 
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For  taxiing  loads  as  a  fatigue  load  for  the  undercarriage,  the  problem  is  difficult  because  theiv  are  three 
more  or  lees  independent  loading  directions}  moreover,  the  response  of  the  undercarriage  is  general*,,  ..on- 
linear.  Under  ouch  conditions  it  nay  be  that  load  measurements  on  a  prototype  provide  the  only  realistic 
solution  for  obtaining  relevant  information  on  the  fatigue  loadings.  This  may  also  apply  to  various 
manoeuvres  for  which  the  aerodynamic  calculations  or  the  wmdtur.nel  measurements  are  not  sufficiently 
accurate. 

In  summary,  it  may  be  said  that  the  description  of  the  fatigue  environment  for  a  new  aircraft  design  is  a 
fairly  comprehensive  ..r.d  certainly  not  an  easy  task.  It  requires  that  predictions  on  the  aircraft  use  be 
made  and  that  available  information  from  other  aircraft  be  translated  and  interpreted  for  the  new  design. 
The  response  of  the  aircraft  including  aeroelastic  effects  is  an  inherent  complexity  of  the  latter  problem. 


5.  INTERNAL  LOAD  DISTRIBUTION'S 

Apparently  the  calculation  of  the  load  distribution  in  an  aircraft  structure  is  more  or  less  a  natter 
of  routine  in  the  stress  office.  Nevertheless,  it  may  be  pointed  out  that  computer  techniques  {finite- 
element  analysis)  have  added  a  new  dimension  to  potential  refinements  of  the  structure.  That  means  that 
more  extensive  calculations  can  be  made  in  order  to  optimize  the  structure.  On  the  other  hand,  local  stress 
distributions  can  oe  preaictca  with  greater  accuracy.  This  is  of  utmost  iraportan-e  for  indicating  . acigue 
prone  areas  in  a  structure  and  critical  locations  m  joints.  In  order  to  have  a  full  and  well  balanced 
advantage  of  the  potentialities  an  intimate  consultation  between  the  fatigue  department  ard  the  stress 
department  is  most  aeoirable. 

The  usefulness  of  calculations  for  the  estimation  of  the  residual  strength  of  a  cracked  structure  was 
already  shown  (Refs  4,  8  and  d) ,  but  further  developments  may  be  expected.  A  future  goal  may  be  to  determine 
with  sufficient  accuracy  the  residual  strength  by  detailed  calculations.  Tils  amount  of  testing  rtj.ired 
may  thus  be  minimized. 


0,  EoTIEATEiC  FATIGUE  PROPERTIES  AS  A  DESIGN  PROBLEM 
6.1  Fatigue  lives 

In  the  design  phase  of  an  aircraft  it  is  certainly  useful  to  make  estimates  of  the  anticipate.’  fatigue 
life  m  order  to  be  sure  that  a  satisfactory  life  will  be  obtainable.  At  a  later  stage  such  estimates  can 
be  backeu  up  by  additional  tests  to  improve  the  quality  of  the  estimates. 

Some  procedures  for  predicting  fatigue  lives  are  outlined  in  figure  7.  Some  comments  on  the  three  ethods 
of  this  figure  will  now  be  made. 

Method  1 

Three  steps  have  been  indicated  in  figure  7  and  for  each  step  a  question  can  be  formulated. 

1 .  What  are  basic  fatigue  data? 

2.  Which  damage  theory  should  be  adopted? 

3.  In  which  form  should  the  spectrum  of  fatigue  loads  be  specified  in  order  to  be  mcluaea  in  the  fatigue 
life  calculations? 

-  Basic  fatigue  data 

Various  aspects  of  basic  fatigue  data  are  listed  in  table  3.  For  obvious  reasons  the  relevance  of  the  data 
is  improved  if  they  arc-  applicable  to  the  same  material,  the  same  type  of  component  and  flight-simulation 
loading. 

With  respect  to  the  typo  of  specimen  it  should  bo  noted  that  most  fatigue  cracks  in  se;  /ice  are  starting 
at  rivet  hoiC3  or  bolt  holes.  In  both  oases  fretting  corrosion  will  contribute  to  the  nucieation  of  the 
crack.  Under  such  conditions  data  of  vnnoti'hed  or  simply  notched  specimens  cannot  be  considered  as  being 
xeali8tic.  There  should  be  a.  least  some  similarity  between  the  specimen  and  the  new  component.  If  such 
data  are  not  available  some  testing  13  mandatory. 
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In  this  respect  it  is  noteworthy  that  methods  developed  to  predict  the  fatigue  strength  of  a  lug 
(Heyuood,  iief.1t,  later  improved  by  war soon,  itef.ll)  ere  entirely  baaed  on  existing  data  for  lugs. 

Despite  the  lug  joint  being  the  most  simple  joint  the  approach  starting  from  unnotched  material  data  was 
not  feasible. 

Considering  now  the  type  of  loading,  we  meet  a  secono  difficult  issue.  Const ant-amplitude  testing  is  highly 
dissimilar  to  the  loading  in  service.  However,  such  data  are  easily  employed  for  life  calculations.  More¬ 
over,  it  is  the  most  simple  test  and  older  fatigue  machines  cannot  apply  any  other  >.ype  of  loading.  An 
improvement  was  the  introduction  of  the  programme  test  by  Cassner,  see  figure  8  for  a  survey  of  load!  .g 
types,  and  many  data  were  collected  in  his  laboratory,  buch  data  can  be  employed  for  life  calculations 
(j!ef.12)»  A  similar  approach  was  suggested  by  Kirkby  (fief.  1 3)  for  raauom  load  tests. 

The  possibilities  for  cariyiug  out  fatigue  tests  were  drastically  changed  tv  the  introduction  o'  the 
closed-loop  eicctrchyirauiic  systems  to  fatigue  machines.  Might-simu.ation  loaji-.g  can  now  be  performed 
on  commercial  available  fatigue  machines,  lor  that  reason  the  present  author  (.'.ef.14,1  has  advocated  to 
perform  flight-simulation  tests  whenever  possible.  ~i:.ce  the  .tumoer  of  variables  of  a  test  is  increasing 
going  from  left  to  right  in  figure  3  some  recommendations  have  to  be  made,  .-.e  return  to  this  point  later  on. 


Damage  theories 

The  best  known  theory  is  the  Faimgren- Miner  rule,  the  attractive  feature  being  its  simplicity.  The  dis¬ 
advantage  is  also  well  known,  the  rule  does  not  give  accurate  life  predictions.  Depending  on  the  load 
spectrum,  )L  ■/!.’  may  deviate  largely  from  ,  It  is  somewhat  poor  comfort  to  know  that  the  rule  in  general 
will  be  on  tr.e  safe  side  if  positive  r.ean  stresses  apply  (fief.lj).  Anyhow,  preliminary  estimates  can  be 
made  with  the  Palmgj en-Kmer  rule  if  one  is  fully  aware  ol  its  limitations. 

jjony  alternative  theories  wore  proposed  in  the  literature.  An  extensive  survey  was  recently  given  in 
reference  3.  It  turns  out  that  improvements  of  the  Paimgren-i-.iner  ruin  are  attempts  to  account  for  residual 

stresses  at  the  notch  root  as  originating  from  the  vartaole  loan  pattern,  some  success  has  been  obtained, 

also  because  the  present  computers  allow  the  calculation  of  incremental  damage  cycle  a.,  ’ycie.  j.evertheless, 
more  research  is  still  though:  to  bo  necessary  before  a  general  purpose  tool  is  obtained. 

Following  the  author-s  own  proposal  (fief.ld)  a  variety  of  flight-simulation  test  data  should  be  collected 
for  several  types  of  specimens  and  various  load  spectra.  This  would  then  allow  life  estimates  tc  be  made  by 
interpolation.  The  attractive  feature  is  that  questionable  damage  calculations  are  ei.mir.ated  by  this 
procedure. 

Load  spectra 

In  section  4  it  was  briefly  indicated  how  a  service  load-time  history  bu  estimated.  Before  this  can  be 

introduced  into  a  damage  calculation  it  has  to  be  reduced  to  load  cycles.  This  problem  is  sometimes  referred 

tc  as  the  load  counting  problem.  3t  can  fce  illustrated  by  such  questions  as:  should  we  count  peak  loads, 
level  crossings,  or  load  ranges,  or  still  something  else.  For  instance  m  figure  9J  Should  we  consider 
this  to  be  three  load  ranges  (AB,  BC,  'ID)  or  is  the  more  relevant  feature  the  load  range  AD  with  a  much 
smaller  intermediate  cycle  (c'BC).  Various  counting  methods  were  developed  (fiefs  7,16)  and  this  matter  is 
still  subject  of  further  development.  The  problem  will  not  be  discussed  here,  but  it  is  an  important  issue, 
for  instance  when  cons'dermg  the  dam, .ge  contributions  of  ground-to-air  cycles. 

Methods  2  and  3 

These  methc-is  will  certainly  hi  utilised  to  some  extent  by  farms  that  have  a  good  tradition  in  t  ruo.ural 
design.  Starting  from  an  older  structure  with  a  good  service  fatigue  record  one  may  be  able  to  design  a  new 
structure  at  lea6t  to  the  some  standard  of  quality.  In  the  third  method  allowable  stress  levels  are  adopted 
baaed  on  past  experience  that  has  shown  them  to  be  allowable  from  the  fatigue  point  of  view,  provided  the 
structure  is  'properly  aeuigned.  This  method  is  in  fact  not  loo  different  from  the  second  one. 

The  designer  using  the  second  or  thirl  method  may  have  more  confidence  m  his  ettimates  since,  to  some 
extent,  ho  also  eliminates  environmental  and  frequency  effects. 

The  confidence  of  the  two  methods  may  be  further  increased  by  additional  testing.  As  a  matter  of  fact  the 
increased  confidence  (or  m  other  words  the  improved  capability  to  cope  with  fatigue)  ic  reflected  in 
slightly  increasing  Ig-stress  levels  (Ref.17), 
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6.2  Crack  propagation 


Problems  of  est-mating  crack  propagation  are  parti;,  similar  to  those  involved  in  maxing  Ills  estimates. 
Zo~e  specific  features  will  be  ronsidered.  Information  about  fatigue  crack  growth  is  desirable  in  view  of 
judging  the  safety  of  the  aircraft.  This  information  is  indispensable  for  assessing  the  fail-safe  quality 
of  the  structure.  Surprieingly  enough  there  is  still  a  lack  oi  requirements  in  official  airworthiness 
regulations. 

The  amount  of  available  data  from  constant-amplitude  tests  is  steadily  increasing  and  such  data  can  very 
well  be  correlated  by  the  stress  intensity  factors 


da 
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It  was  stimulating  to  see  that  the  same  function  was  applicable  to  tests  with  increasing  K-values  (panels 
with  end  loading)  and  tests  with  decreasing  K-values  (panels  with  wedge  force  loading)  (Ref.l8).  In  both 
cases,  however,  K-variations  from  cycle  to  cycle  were  very  small.  It  was  also  stimulating  that  crack  growth 
m  stiffened  panels  and  unstifiened  panels  could  satisfactorily  be  correlated  by  equation  (l),  again  under 
constant-amplitude  loading  (Ref.l9)« 

If  high  peak  loads  are  applied,  subsequent  crack  growth  is  delayed  considerably  (-nteraction  effects). 
Unfortunately  this  delay  effect  cannot  be  reconciled  with  equation  (1),  unless  further  refinements  are 
introduced.  It  was  therefore  stimulating  once  again  that  crack  propagation  under  random  liadmg  couia  be 
correla. ed,  if  S  s  was  substituted  into  K  (Refe  20-22) 

K  “  c  srBS  VS  (?■) 


Crack  propagation  m  aluminum  alloy  sheet  -aterials  under  flight-simulation  loading  was  extensively  studied 
by  the  ii'LR  (Refs  1  and  23).  This  was  also  done  for  different  design  Gtress  levels,  cha  cctenzed  by  the 
Ig-stre-s  level  in  flight.  It  was  hoped  that 


K  »  C  S,g  y'ita 
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could  correlate  the  data  from  different  tests.  Unfortunately  this  -as  not  true  as  shown  by  figure  10. 
Analysing  the  problem  (Ref.23)  it  became  clear  that  similar  K-vaiuou  are  net  a  sufficient  requirement  for 
obtaining  similar  crack  rates.  A  second  requirement  is  that  similar  dX/ca  velues  should  apply  also.  The 
tw'  requirements  are  ge..erally  incompatible,  but  apparently  the  second  requirement  is  unimportant  as  long 
as  interactions  effects  are  small.  Unfortunately  they  could  be  shown  to  bo  large  under  flight-si culation 
loading. 

If  mteraotioi  effects  are  ignored,  crack  growth  for  variable-amplitude  loading  can  be  calculated  by 
integrating  Aa  values  derived  from  equation  (1 )  (Kiner  approach),  ilnce  interaction  effects  are  predominant¬ 
ly  favourable  (that  means  delaying  crack  growth)  safe  estimates  will  generally  be  obtained.  The  estimates 
may  even  be  highly  conservative,  More  realistic  information  requires  data  from  flight-uia&iaiion  tests. 


7.  FATtCUE  TESTING  PROCEDURES 

In  the  previous  sections  it  has  been  outlined  how  provisional  estinates  cm.  be  obtained.  It  was 
emphasized  that  more  realistic  estimates  require  additional  testing.  Let  us  now  see  which  types  of  tonts 
can  be  performed  and  which  testing  purposes  may  be  pursued.  A  survey  is  given  in  figure  3. 

The  problem  of  employing  datu  for  making  life  estimates  was  already  discussed  in  chapter  6.  The 
present  discussion  will  therefore  be  restricted  to  the  other  purposes  indicated  m  figure  $. 

-  Comparative  design  studies 

Kany  people  still  feel  that  constant-amp iitudc  tests  ore  a  good  means  for  comparing  alternative  designs, 
different  production  techniques,  etc.  However,  the  possibility  of  intersecting  or  of  non-parallel  b-’i 
cr-r vc a  is  making  this  very  dubious.  In  figure  11  comparative  teste  at  stress  level  ^  would  indicate 
design  A  to  be  superior  to  design  B.  At  stress  level  b^j  the  reverse  would  apply,  whereas  at  bsg  both 
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designs  wo'aVi  be  approximately  equivalent-  Fretting  corrosion  la  just  one  aspec-t  why  ccnBtent-an.plitudo 
tost e  m>y  give  misleading  information  about  ite  effect  in  service  (fief-241. 

Tae  numerous  test  series  with  program  loading  carried  out  by  Gaesner  and  his  cc-workers  suggest  the  risk  of 
a  aiejvdgerjont  to  be  smaller  if  program  loading  were  adopted  for  comparative  testing.  This  will  apply  also 
to  random  loading.  In  view  f  discrepancies  sometimes  founts  between  the  rosultB  of  program  loading  and 
fandom  loading  (fiefs  2 J  and  lo)  the  latter  or.e  should  be  preferred.  However,  if  flight-simulation  loading 
can  be  adopted  it  appears  that  it  is  the  most  preferable  :■  ilution.  Heal  problems  should  be  tackled  with 
realistic  testing  methodsif  possible.  Ronay  (fief.2?)  adopted  random  fligbi-o.mulation  loading  for  exploring 
the  frtigue  behaviour  at  a  high-;  strength  steel.  Imig  t„.d  Illg  (fief.28)  adopted  this  test  method  for  study- 
3.1, g  the  offe  .  of  teraperutu?-  on  the  onduranoe  of  .notched  titanium  alloy  epecimens.  Schtttz  and  Lowah  (fief. 29) 
studied  the  effect  of  plastic  hole  expansion  on  iho  fat'gue  life  of  an  open  hole  2024  alloy  specimen  by 
employing  flight-simulation  loading.  At  ;!U«,  a»  part  of  an  ad-hoc  problem,  we  compared  two  alternat.ve 
types  of  jemte  -nth  random  flight-simulation  loading,  borne  aircraft  firms  have  already  started  comparative 
testing  for  sbaign  purposes  t-sployieg  a  i.in-i  of  flight-stniulatien  leasing. 

As  ai,  illuotratio-i  cf  different  anoero  l-s  the  <a me  question,  a  recent  investigation  (fief. 23)  lnciicatod 
that  the  cask  propagation  m  7075-76  wen  four  times  faster  than  if  2C24-T3  acooiaing  to  conctant- 
atf'1’ ltude  loading.  Howovrr,  wiser  I'light-nim^laiiu,  loading  the  ratio..  va;ied  from  1  to  3  (see  the  lower 
graph  in  figure  .*2). 

-  Dij  jot  oeterrination  of  f=.l..gue  life  and  crock  propagation  by  flight-sienlation  tests. 


Kaxing  direr  life  e-timatts  implies  that  data  with  a  quantitative  meaning  arc  looked  for,  rather  than 
comparative  mforartiutr  li:  this  si * -otlon  the  specimen  one  the  load-time  hlctcry  applied  should  be 
citi'jtod  as  realistically  as  possible.  It  .-a  then  an  unbalanced  solution  to  teat  a  '■eaiict'c  full-scale 
structure  with  simplified  load  sequences,  The  opposite  unbalanced  eolutio  •  is  to  tost  a  simplified  test 
(Xti^le  ur'isr  i  realistic  osrvico  loading  paCt*-rr,  both  solution:-  aheu  i  ie  avoided. 

If  only  part  of  a  full-scale  structure  ic  t'-rted,  for  instance  t  lwge  component,  extreme  care  should  be 
taken  that  the  load  transmission  to  the  structure  is  rep-esen'etivc  for  the-  eituotio:.  m  the  full  structure. 
Kith  respect  vu  the  fatigue  load  or.  exact  simulation  of  the  load-time  hmto-y  m  service  would  be  the 
preferable  solution.  In  c^ss  chat  it  ran  be  measured  before  the  fatigue  test,  it  is  the  best  starting 
point  as  aavo-aied  by  Eranger  (l<ef.3rti»  I.»  general  -uch  a  record  will  not  be  available  and  a  lead-time 
history  has  to  be  designed  on  tfti  basic  f  missive  analjESe  and  load  statistics  obtained  with  otfcsr  aircraft. 
It  is  thought  to  be  possibl.-  to  compose  rerreseuiu-ivc  load-time  histories  from  available  dat.  ,  As  an 
illustration,  figure  13  shews  a  sample  of  a  leas  record  from  the  lest  or.  the  1-23  wing.  .Different  types  cf 
wcatner  condition!  w  .-re  simulated  lr.  occordarce  with  statistical  information.  The  sequence  of  the  gust 
lowac  in  each  flight  was  random. 

It  will  be  clear  "hat  thcr*  aie  several  variables  characieririag  the  flight-simulation  test.  The  more 
important  variable;,  are: 


a  The  scs’ioncf;  of  the  loads  within  iar'i  High,,  aoveral  random  sequences  are  possible. 

£  Th*  ftituinum  stress  amplitude,  Sa  al^t  atjll  to  be  applied.  0811*1115  tha  numerous  cycles  with  a  low 
onpAitanv  will  save  m-icfc  te  tlug  time, 

u  Thu  (sea w-ap  1  trees  amplitude.  •'a(0<jX»  uti.I  to  bo  allowed  in  the  test.  The  infrequently  occurring 
cycles  with  a  high  amplitude  may  have  a  predominant  effect  on  the  fatigue  life, 
r  The  magnitude  of  the  ground-to-air  cycle  n  of  the  GTAG;  and  the  application  of  taxiing  loads. 

«.  The  -Jesig »»  stress  leva! . 

1::  rsi'Gfenye  3  a  survey  cf  in  vert. 'gat  io:*e  was  given.  Table  givea  an  impression  of  the  esteni  of  available 
data,  while  the  recwltn  will  be  auwaarized  below.  ^ 

T.i«  affect  of  ?hs  sequence  within  a  flight  appeared  to  be  minor.  ‘lompariaona  were  made  between  different 


type-  of  rondo-m  cri'l  programmed  noquc.-eeo. 

The  ossis&ic:!  of  tiisal itude  cycles  had  6  small  effect  in  some  cases,  but  the  effect  wan  larger  in 
other  eaeos,  especially  during  ersck  propagation.  An  il lustration  of  the  latter  result  is  shown  in 
figure  !4»  This  figure  also  shown  that  omitti.ug  the  taxiing  loans  did  not  affect  the  crack  projagation,  but 
this  conclusion  iu  valid  only  if  the  mean  atrens  or.  th-i  oompouca’  in  cospreuoivo  during  tfo 
The  effect  of  high-eoipiifude  loads  is  a  delicate  qasstio:.,  because  such  J^aus- -oun  mtrcauoc  favourable 
residual  •liressvn  ni.a  tfrun  increase  the  life.  In  oracr  'vC'^void^this^flvouraDl*  effect  we  may  irw-ato  the _ 
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high- amplitude  cycles  to  a  common  level,  the  truncation  level  S  The  effect  of  doing'  so  at  different 

levels  is  Illustrated  sn  figure  1^.  The  '‘lgure  shows  that  both  the  pre-crack  life  and  the  crack  propagation 
life  increase  if  cycles  with  higher  Amplituaes  are  applied,  similar  results  wore  obtained  for  7075-T6-  A 
most  dramatic  effect  of  a  high  load  on  subsequent  crack  growth  is  sheen  in  figure  15.  A  limit  load  on  a 
wing  structure  almost  completely  stopped  all  subsequent  crack  growth. 

With  respect  to  the  truncation  love)  ir  a  fiight-simuiation  teel  on  a  full-scale  structure  i.  was  recommended 
(Ref.35)  to  truncate  the  lead  spectrum  at  the  level  that  is  equalled  or  exceeded  10  times  in  the  anticipated 
service  life.  Although  higher  loads  will  be  met  b.v  seme  aircraft  of  a  fleet  others  will  not  meet  and  thus 
benefit  from  th'ese  higher  loads.  Obviously  there  is  come  arbitrariness  in  setting  a  truncation  level. 

Tbs  effect  of  the  design  stress  level  is  shown  in  figure  12.  The  design  stress  level  in  thio  figure  ie 
characterised  by  the  Ig-stress  level  in.  fi-gfct. 

Apparently  there  is  a  need  for  standardising  load  sequences  for  flight-oimuldiicn  teat  a  leaving  a  more 
general  pu fprr.v,  that  means  fer  studying  problems  not  related  to  a  specific  aircraft.  At  thin  moment  Chore 
is  a  co-operation  between  two  German  laburatoilea  and  M..t  in  order  to  arrive  at  standardised  cequenieo  for 
a  gust  dominated  spec-run  and  a  manoeuvre  com? noted  spectrtuj- 

-  Indication  of  fatigue  critical  elements  in  a  full-scale  sirucrure. 

In  reference  3  a  survey  wtr  given  fro*  test  cenas  on  Itintang  wings,  Coff&ando  wings,  Dakota  wings,  a  swept 
bac/C  wing,  F-27  center  section  wings  and  Vo/: cm  wing's.  One  general  trend  emerging  froft  the.  available  evidence 
was  that  the  picture  of  fatigue-critical  oloce/itc  in  an  aircraft  atructurs  In  sigaifleonily  depending  on 
the  Iona- time  history  applied.  This  emphasise?  the  need  for  rerlistic  lead- time  histories  for  application 
to  full-scale  testing. 

At  the  same  time  this  ccuclua'.on  is  stressing  the  significance  of  i.-.e  truncation  level.  Application  of 
limit  loado.-iiuri/.g  a  full-scale  fatigue  tret  nwy  effectively  change  the  picture  of  critical  elements.  It 
should  therefore  be  avoided,  if  t-ho  occurrence  of  limit  load  is  a  most  rare  event  m  tho  life  of  the  air¬ 
craft  (civil  aircraft).  The  results  of  figure  Ifi  ehew  that  a  limit  load  /say  well  stop  and  mask  all  cracks 
undetected  so  far. 


3.  5sAl!!TiIi&'CE  Afil/  I.ToPL'CTIOi" 

Maintenance  end  inspection  are  two  imncrtcnt  aspects  of  tho  safety  and  the  economy  of  operating 
aircraft.  In  a  recent  paper  (i<ef,36)  :!/  io'nouoer  and  Kayner  have  given  some  most  illustrative  examples 
which  will  be  briefly  mentioned  below,  •  * 

u  Helicopter  raair.  rctor  spindle. 

This  part  was  nude  from  4340  steel.  A  fatigue  failure  in  a  fillet  cause.*  a  fatal  accident.  Investigation 
of  the  failure  revealed  among  other  things: 

-  crack  growth  hau  neon  slow  an.-,  the  crack  was  probably  present  during  the  last  magnetic  particle 
inspection  2  months  before  the  accident, 

-  the  crack  nucleus  started  in  an  area  with  very  small  shallow  pita.  Koreover  the  Rockwell  c  hardness 
in  that  area  was  well  below  23  as  compared  to  the  specified  minimum  of  34  K.f 

-  the  fillet  area  had  not  been  properly  shot  peened. 
b  i.'ing  of  a  transport  aircraft. 

Tho  7 075-7*4  wing  s -mature  completely  l'ailca  during  severe  to  extreme  cl  ear-. air  turbulence.  The 
accident  investigation  revealed; 

-  the  failure  started  from  2  fatigue  cracks  at  either  side  of  an  access  door,  crack  3cr.gths  being 
3.25  "  end  2.5  "  respectively; 

-  tne  critical  location  was  covered  by  X-ray  inspections,  since  it  was  known  that  crcckc  wight  originate 
ui  that  area.  Three  sets  of  X-ray  pictures  frera  previous  inspections  indicated  the  two  cracks  ar.d  tho 
aircraft  had  flown  with  the  crackB  for  more  than  one  year.  The  maintenance  records  did  not  indicate  that 
the  cracks  had  been  detected. 


i  in~'  f:m'Y>*r 
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o  Wing  spar  failure  of  a  snail  transport  aircraft.  ’ 

A  fatal  accident  was  caused  by  a  fatigue  failure  of  a  wing  attachment  fitting  of  a  high  strength  steel. 
The  investigation  revealed* 

-  at  both  sides  of  the  c*  ticul  hole  a  large  part  of  the  section  wac-  weakened  by  fatiguej 

-  the  element  was  not  fail-  re  and  it  had  a  specified  safe-life  of  10C00  hours  after  which  replacement 
was  mandatory.  The  aircraft  :  . -.led  after  9333  Hours  of  service  time? 

-  the  fitting  was  chromium  plated  and  this  had  reduced  tho  safe-life  to  10000  hour3f 

-  the  operator  made  considerable  shorter  flights  at  higher  spoede  and  lower  altitudes  than  the  standard 
flight  assumed  by  the  aircraft  manufacturer. 

There  are  several  lessons  to  be  learned  from  these  acci vents.  The  first  example  showed  that  production 
errors  were  additive  id  causing  the  accident.  Apparently  tne  errors  could  pass  the  inspection  after  produc¬ 
tion,  "while  a  crack,  probably  being  present,  could  pass  a  service  inspection. 

The  second  accident  actually  proved  the  structure  to  be  fail-safe,  but  this  feature  is,  meaningless  if  it 
is  not  bucked  up  by  an  effective  inspection,  Secondly,  the  FAA  80  Limit  Load  fail-safe  requirement  should 
be  considered  to  be  marginal. 

The  third  example  illustrates  the  risk  of  the  safe^life  philosophy.  Unfortunately  a  practically  similar 
accident  occurred  to  the  same  aircraft  type  one  year  later.  It  then  turned  out  that  not  all  information  on 
this  critical  topic  had  reached  the  inspectors,  who  carried  out  the  periodic  inspections  on  this  lugs  The 
communication  of  relevant  information  may  be  another  weak  link. 

Holshouoer  and  lay nor  surveyed  23C  failed  components  and  m  50  percent  the  mode  of  failure  was  fatigue. 
Their  general  conclusion  was:  The  most  frequently  identified  cause  was  improper  maintenance,  including 
inadequate  inspec*  on,  while  fabrication  defects,  design  deficiencies,  defective  material,  and  abnormal 
service  damage  also  caused  many  fatigue  failures. 


9.  FATIGUE  LOAD  IffiHITOSIL’G 

In  the  third  accident  mentioned  in  the  previous  section  a  severe  usage  of  the  aircraft  contributed  to 
the  premature  failure.  This  aspect  was  already  a  topic  of  concern  many  years  ago.  Counting  accelerometers 
have  been  employed  to  make  load  records  of  the  utilisation  of  the  aircraft.  One  type  of  these  instruments 
was  oven  labelled  as  Fatigue  Kotor,  In  reference  37  .my  colleague  J.B,  de  Jongo  has  giver.- a  survey  of 
various  aspects  of  fatigue  load  monitoring  and  the  present  chapter  is  largely  basod  on  his  paper. 

The  prime  purpose  of  fatigue  load  monitoring  is  to  estimate  the  amount  of  the  consumed  fatigue  life.  All 
efforts  of  the  aircraft  producer  were  based  or.  an  estimated  utilisation  of  the  aircraft.  However,  the  load 
spectrum  in  service  may  bo  affected  by  geographical  variations,  seasonal  variations  and,  more  important, 
variations  between  different  operators  (long  flights  versus  short  flights).  Even  for  the  same  operator 
there  may  be  variations  between  different  aircraft  (for  instance  multi-role  military  aircraft).  If  the  load 
spectrum  in  service  is  accurately  known  this  information  can  be  compared  to  the  load  spectrum  assumed  by 
the  designer  ana  to  the  loan  history  applied  in  a  full-scale  fatigue  tost.  A  reassessment  of  the  fatigue 
life  and  tho  safe  inspection  periods  can  be  made  by  calculation  or  additional  testing,  if  the  latter  appears 
desirable.  The  life  end  the  periods  may  then  turn  out  to  grant  an  extension  of  to  require  a  reduction. 

In  order  to  make  service  load  records  accelerations  can  be  measured  and  usually  this  is  done  ar.  tho  center 
of  gravity  of  the  aircraft.  Unfortunately  the  acceleration  willgive  a  poor  indication  of  the  load  on 
various  parts  of  the  aircraft,  such  as  the  tail  for  instance- -Korcover,  the  relation  between  the  accelera¬ 
tion  and  the  load  will  depend  on  various  flight  parameters,  such  as  speed,  flap  position,  etc.  For  the 
wing  the  mass  distribution  (fuel  stores)  may  have  a  significant  effect  on  wing  bending.  In  reference  37  a 
variation  of  tho  wing  bending  moment  per  g  varied  from  0.3?  to  1,47  (relative  units)  within  a  single  flightl 
As  a  consequence  a  direct  measurement  of  the  load  in  a  component  or  the  stress  in  a  critical  orsa  appears 
to  bo  the  better  solution.  Strain  gauges  proved  to  be  reliable  sensors  for  this  purpose. 

Monitoring  fatigue  loads  of  a  fleet  of  aircraft  may  be  performed  in  two  different  ways  (tief ,37 ). 

2,  Sumple  monitoring. 

2  Individual  monitoring, 

Sample  monitoring  means  that  load  recos-ds  are  made  for  a  small  number  of  aircraft  m  order  to  obtain 
char,  c ten. "lie  data.  Such  data  have  a  limited  value  for  the  whole  fleet  due  to  the  campling  nature  of  the 
procedure. 
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Individual  monitoring  moans  that  loud  records  are  mado  for  each  individual  aircraft.  To  make  thl*  a 
feuonblo  Solution  u  « iir.pl c  and  omull  devlco  for  recording  tho  load  and  un  automatic  processing  and  ovalua- 
tion  of  the  data  art,  required.  The  :,'L3  haa  developed  a  system  for  individual  load  monitoring.  It  is  baaed 
on  strain  guugo  measurements  and  magnetic  tape  recording,  Processing,  reduction  a»id  evaluation  arc  parta 
of  the  eyutem.  An  important  problem  is  tho  otatlotlcal  reduction  of  the  loads  experienced  by  the  aircraft, 
A  special  counting  method  wao  developed  for  thie  purpose  and  preliminary  results  have  teen  given  in 
reference  1$.  In  addition  to  producing  data  for  comparison  with  the  predictions  of  the  aircraft  designer, 
the  individual  load  monitoring  also  enables  a  comparison  to  be  made  between  the  fatigue  load  experiences 
of  aircraft  of  the  some  fleet,  but  having  different  miocions. 


10.  discusgio:j 


In  the  present  paper  the  various  aspects  involved  in  securing  tho  fatigue  quality  of  ar.  aircraft 
structure  have  been  surveyed.  Uncertainties  are  attached  to  all  these  aspects  and  this  makes  accurate 
predictions  rathor  difficult.  The  question  muy  he  raised  where  tho  designer  should  put  his  major  efforts. 
This  can  best  be  unshared  in  a  negutivo  sensei  r.on  cf  those  aspects  can  he  ignored.  It  in  up  to  the 
designer  to  arrive  at  well  balanced  cointior.a. 
bone  aopecto  were  emphasized  in  this  paper: 

1  realiotlc  testing  methods 

2  load  measurements  in  service 

^  reliablo  inspection  procedures, 

acalistic  testing  includes  both  realistic  test  articles  and  realistic  load  sequences.  The  latter  implies 
fiight-rlmulatlon  loading. 

Load  measurements  in  nurvico  are  tho  noceucury  llfilc  to  all  tile  preceding  efforts  of  the  designer.  It  should 
preferably  be  done  by  strain  gauge  measurements  rather  than  acceleration  measurements. 

Obviously  reliable  inspection  procedures  ore  mandatory.  It  should  be  recognized,  howover,  that  the  human 
factor,  communication  and  information  may  be  weak  links  of  vital  in.portar.ee. 
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Table  A  Survey  of  the  phases  in  aircraft  design  ana  the  associated  fatigue  proolems  (Ref«3) 


DESIGN  rKASE 


.  Type  of  structure,  lail-safe  characteristics 
.  Joints 

Design  ,  Detail  design 

efforts  .  Katerials  selection 

.  Surface  treatments 
o  Production  techniques 


.  Airworthiness  requirements 


Estimations 

Calculations 

Testing 


.  Prediction  of  fatigue  environment 
mission  analysis 
load  statistics 
required  target  life 

.  Pynamxc  rerprnse  of  the  structure 

.  Estimation  of  fatigue  properties 
fatigue  lives 
crack  propagation 
fail-safe  strength 

.  Exploratory  fatigue  tests  for 
design  studies 
support  of  life  estimates 


CQKsTHUOTICK  OF  AIRCRAFT  PRCTOTYFE‘3  .  Load  measurements  in  flight 

TEoT  FLlGSiTS  .  Proof  of  satisfactory  fatigue  properties  by 

testing  components  or  full-structure 

*  Allowances  for  service  environment 

•  Structured  modifications 

♦  Inspection  procedures  for  use  in  service 


.  Load  measurements  in  service 
o  Corrections  on  predicted  fatigue  properties 
•  Cracks  in  service,  relation  to  prediction 
.  structural  modifications 


IvKdilArT  VI  SERVICE 


<* 


M3 


c 


Table  2  Various  aspects  of  the  aircraft  fatigue  environment  (Ref.3) 


Load-time  history  .  Mission  analysis,  flight  profiles 
.  Fatigue  loads 
gusts 

manoeuvres  r>' 

CTAC 

ground  loads 
acoustic  loading 
etc. 

.  Statistical  description  of  fatigue  loads 
Counting  of  peak,  ranges,  etc. 
PSl>~approach 

Unstationary  character  of  environment 
Scatter  of  environmental  conditions 
.  Sequence  of  fatigue  loads 
.  Leading  rate 

Time-hist or,, 

Wave  form 
Rest  periods 


Temperature-time 

history 

»  Fatigue  at  low  and  high  temperature 
.  Thermal  stresses  ^ 

.  Interaction  creep-fatigue 

Chemical 

.  Corrosion,  influence  on  crack  initiation 

environment 

crack  propagation 

.  Interaction  stress  corrosion-fatigue 

Table  3  Aspects  of  available  fatigue  data  for  making 
life  estimates  (Ref, 3) 


Aspect 

Specification  of  available  data 

hat trial 

.  Similar  material 

•  Sitae  material 

Type  of  specimen 

.  Unuotched 

.  Simply  notched  specimens 

.  Similar  structural  element 

.  Same  component 

Typo  of  loading  .  Constant-amplitude  test  data 
.  Data  from  more  complex  fatigue 
load  sequences 
.  Loading  in  service 
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Table  4  Investigations  on  flight- simulation  testing  ^  3) 


*‘-1— 1"  »rn»  '**"nn. 

1 

Variables  studied  *, 

Invent igat ion 

.“•latenal 

Specimen 

ioau 

1»  ad 

Flight 

loads 

..ms. _ 1 

spectrum 

Low«S„ 

%x 

CV clip 

High-S^ 

cycles 

Smin 

Taxiing 

loads 

Design 

stress 

1  evel 

ffaumaim 

(1964) 

7075-74 

2024-T3 

Edge  notched 
specimen, K.j«4 

Severe 

gust 

-4 

C 

X 

Oasoner  and  Jacoby 

(1954/65) 

2024-T4 

Elliptical 
hole  speciasn 
Xt  -  3.1 

gust 

> 

* 

: 

X 

Jacoby 

(1970) 

2024-T4 

same 

gust 

X 

Brar.ger 

(1967,1971) 

7075  bar 

2014  pints 

Hole  notched 
specimen 

K*  -  3.1 

manoeuvre 

X 

r. 

X 

Branger  and  Ponay 
(1968) 

Crili  steel 

Hole  notched 
specimen 

Kt  -  2.3 

manoeuvre 

X 

Imig  and  Illg 
(1969) 

7i-3Al  1  Hoi  V 

Elliptical 
hole  specimen 
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METHODS; OF  STRESS-MEASUREMENT  ANALYSIS  FOR  PATIGL'E  LIFE  EVALUATION 
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O.  Buxbaum 

-  -  '  Loboratariom  fO.-  Betriebsfestigkeit  -  . 

Bartningstrosse  47,  61  Darmstadt,  Germany 

SUMMARY-  T  ~ 

After  a  review  of  the  coyoting  methoch  pessibilities  and  limitations  of  a  spectral  presentation  of  measured  stress-timo  histories 
are  described.  A  concept  is  presented  which  disiingulshes  between  stresses  due  to  random  vibrations  ana  stresses  due  to  ma- 
noeuvers,  variations  of  payload,  etc.  and  which  is  suirabio  far  any  theoretical  or  experimental  fatigue  life  evaluation.  Ref¬ 
erence  is  madealso-lo  fatigue  testing  under  random  loading  and  to  rhe  derivation  of  externa!  loads; 

NOTATION 
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1.  INTRODUCTION 

Any  existing  method  for  o  theoretical  fatigue  life  prediction  of  a  structural  component  starts  with  a  statistical  distribution 
of  exceedances  I)  of  its  operational  stresses,  strains,  jsr  or.y  other  physical  quantity  from  which  they  can  be  derived.  It  is, 
however,  well  known  that  the  original  stress^- time  history  is  not  being  de.o.  bed  completely  by  such  an  excGfidar.ee "curve 
which  specifies  only  how  often  a  certain  event,  e,g,  the  crossing  of  o  given  level  or  a  range  of  given  magnitude  has  occur¬ 
red  per  unit  time  or  unit  distance.  A  distribution  of  exceedances  does  not'include  information  about  the  temporal  sequence 
cf  individual  peak  values  nor  about  the  individual  rotes  or  frequencies  with  which  the  stresses  hove  varied.  Therefore,  in 
connexion  with  the  development  of  modern  servchydrculic  testing  equipment  and  parallel  to  the  stow  but  continuous  pene¬ 
tration  info  the  mysteries  of  the  v-rious  mechcnisms  of  fatigue  damage  often  a  more  detailed  and  more  exact  description  of 
measured  stress-time  histories  is  required  than  it  is  given  by  the  distribution  of  exceedances;  If  methods  are  proposed  which 
allow  such  a  more  detailed  description,  they  con  be  occcpfed  only  for  the  purpose  of  fatigue  life  evaluation  if  their  results 
con  be  related  Sr,  some  way  to  the  respective  distribution  of  exceedances. 

Beside  offerring  the  basic  information  For  a  fatigue  life  evaluation  of  o  specific  component  ot  which  o  stress-time  history  has 
been  measured,  usually  the  analysis  aims  at  a  second  goal  of  equal  importance:  its  results  should  be  presented  in  o  form  which 
can  be  used  also  to  derive  information  for  the  design  of  similar  components  of  other  structures,  in  order  to  achieve  that  gener¬ 
alized  information,  the  environmental  causes  included  in  a  measured  stress-time  history  hevo  to  bo  separated  from  those  which 
have  originated  from  structural  response,  because  technicol  structures  represent  alostic.  more  Or  less  damped  systems  the  natu¬ 
ral  modes  of  which  are  excited  fcy  external  loads  so  that  during  the  transformation  of  the  load-time  history  into  a  stress-time 


^  In  this  report  the  expression  "distribution  of  exceedances"  wil!  be  used  instead  of  "cumulative  frequency  distribution"  in 
order  to  distinguish  between  a  counting  result  obtained  in  the  time  domain  com  oared  to  a  result  obtained  in  the  frequency 
domain,  e.g,  power  spectral  density. 


transfer  function 

frequency  _r 

cioss-frequency,  hj  =  j  H{  -  H;+]  j 
number  of  exceedances  - ' 

exponent 

number  of  maxima  or  minima 
density  distribution  of  rms- value 
variance  of  a  distribution  of  exceedances 
time 

integration  time 
statistical  variables 
rms- value 

power  spectroLdensify 
circular  frequency 

related  to  the  linear  mean  value  of  the  distribution  of  exceedances 
discrete  value  or  level 

related  to  the  mean  of  a  class  width,  e.g.  xm,i  -0,3  (x,  +  x;u-i) 
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history  both  amplitudes 'and  frequencies  may  be  distorted,  an  occurrence  Which  commonly  is  called  dynamic  response.  As  an 
exceedance  curve  of  measured  stresses  does  not  contain  information  about  frequencies,  as  it  has  been  mentioned  above,  ex¬ 
ternal  loads  can  be  derived  from  it  only  under  restricfed  conditions. 

It  is  tried  to  present  in  this  paper  a  survey  about  the  status  of  methods  for  the  analysis  of  measured  strcss-fime  histories  a.,  it 
is  nec  issary  tor  both  fatigue  life  evaluation  and  design.  First  some  recent  developments  and  considerations  about  the  usage 
of  counting  methods  will  be  reviewed.  Then  a  classification  of  measured  random  data  will  be  proposed,  from  which  the  ad¬ 
vantages  and  limitations  or  power  spectral  techniques  will  be  derived  as  it  recommended  e.g,  for  stresses  due  to  atmospheric 
turbulence  and  runway  roughnesses.  After  a  discussion  about  the  treatment  of  stresses  due  to  manoeuvers  finally  some  com¬ 
ments  will  be  made.about  relations  between  stresses  measured  at  different  points  of  a  structure. 

2.  SOME  REMARKS  ABOUT  COUNTING  METHODS 

Statistical  counting  methods  became  usualin  the  field  of  fatigue  for  the  analysis  of  measured  stress-time  histories  during  the 
thirties  of  this  century.  Since  at  that  time  the  Wdh let  test  wnh  its  sinusoidal  loading  history  was  the  common  procedure  for 
an  experimental  fatigue  investigation,  it  was  obvious,  that  any  measured  random  stresses  were  interpreted  as  a  sequence  of 
individual  stress  variations,  the  magnitude  and  number  of  occurrences  of  which  had  to.be  counted  2).  It  would  be  beyond 
the  scope  Of  this  paper  to  discuss  all  existing  counting  methods  in  detail,  especially  because  of  the  fact  that  critical  surveys 
about  fne  older  counting  methods  are  available  in  the  literature,  see  References  1  and  2.  For  the  purpose  of  understanding 
it  shall  be  only  reminded  here  of  some  basic  definitions  used  in  relation  with  counting  methods,  namely  the  three  character¬ 
istic  events  of  a  stress-time  history- which  are  suitable  for  counting,  see  Figure  ); 

a)  The  variable  stress  x  reaches  a  maximum  or  a  minimum,  i.c.  a  peak  value. 

b}'  The  variable  stress  x  changes  from  a  minimum  to  omaximum  (or  vice  versa),  i.e.  if  describes  a  positive  (or  negative) 
range.  (It  should  be  noted  that  ranges  are  counted  from  a  reference  level  unless  a  second  counting  condition,  e.g.  - 
the  instantaneous  mean  values  are  introduced.) 

c)  The  variable  stress  x  crosses  a  given  level  in  positive  or  negative  direction. 

All  counting  methods  which  are  being  used  today  are  modifications  of  those  three  basic  types.  Beside  the  older  counting 
methods,  like  countings  of  peaks,  peaks-befween-means,  level  crossings  (without  oi  with  release  levels),  ranges,  range- 
means,  ronge-pairs,  etc.  recently  some  additional  methods  have  beet,  introduced:  E.g.  the  socalled  rcin-flov'  cycle  counting 
method  (Reference  3),  the  results  of  which  are  for  most  stress-time  histories  equal  to  that  obtained  with  the  range-pair  count¬ 
ing  method;  ond  the  so-called  range-pair-range  counting. method  (Reference  4),  which  tries  to  avoid  a  disadvantage  of  the 
range-pair  method  (namely  that  the  relation  of  the  counting  result  to  the  actual  positions  of  maxima  and  minima  with  regard 
to  their  magnitude  as  occurred  in  the  original  stress-time  history  is  being  lost)  by  regarding  the  actual  instantaneous  mean 
values  of  each  range.  3y  that  procedure  the  result  oppears  as  a  two  dimensional  probability  distribution  like  that  from  the 
range-mean  counting  method,  which  was  developed  by  Gassner  and  Teichmann  in  1939  and  which  has  been  suggested  recent¬ 
ly  again  (Reference  5). 

Independently  from  the  fact  that  metal  physics  cannot  contribute  so  far  a  genera!  explanation  of  fatigue  damage,  which  could 
support  the  choice  of  an  optimum  counting  method,  any  counting  result  beeing  usually  presented  as  a  distribution  of  exceed¬ 
ances  will  include  problems  of  interpretation  regardless  of  the  specific  method  which  might  have  been  applied:  If  no  addition¬ 
al  information  about  the  original  stress-time  history  is  available,  the  distribution  can  be  regarded  only  as  the  envelope  of 
maxima  and  minima,  respectively,  of  variations  of  a  given  shape,  usually  of  sine  waves,  see  Figure  2.  By  this  procedure  the 
original  stress-time  history,  if  it  has  e.g.  a  constant  linear  mean  value  and  if  it  could  be  characterized  thus  e.g.  by  its  ratio 
of  number  of  crossings  of  its  mean  value  per  unit  time  to  its  number  of  peaks  per  unit  time,  i.e.  the  so-called  irregularity 
factor,  which  lies  in  practice  somewhere  between  0  and  1,  is  replaced  by  a  stress-time  history  having  such  a  ratio  equal  to  1. 
Consequently  the  interpretation  of  a  counting  result  includes  already  a  damage  hypothesis,  which  postulates  that  the  same 
fatigue  life  is  obtained  under  the  original  and  under  the  amplitude-modulated  stress-time  history  as  it  has  been  derived  from 
the  counting  result,  or  that  at  least  a  life  ratio  from  the  two  histories  Is  obtained  which  is  constant  for  all  possible  combina¬ 
tions  of  materials,  stress  concentrations,  stress  ratios,  surface  treatments  etc.  It  appears  that  under  that  assumption  an  optimum 
counting  method  hardly  can  exist.  But  it  should  be  reminded  here,  that  the  valuation  of  a  counting  result  is  beyond  the  fore¬ 
going  remarks  also  closely  connected  with  a  specific  testing  procedure  or  c  theoretical  method  for  fatigue  life  prediction,  e.g. 
if  *he  sequence  of  stress  variations  in  a  test  prcgiam  is  changed,  also  a  remarkable  change  in  life  may  occur,  see  e.g.  Refer¬ 
ence  6. 

In  this  connexion  also  a  note  has  to  be  added  about  the  use  of  so-called  release  levels,  i.e.  the  amount,  by  which  the  magni¬ 
tude  of  the  stress  signal  has  to  decrease  towards  its  mecn  or  Ig  value,  respectively,  before  a  counting  will  be  made.  The  use 
of  release  levels  seems  on  first  view  to  be  opposite  to  the  intension  of  describing  a  stress-time  history  adequately,  because  by 
suppressing  stress  variations  which  are  smaller  than  the  respective  release  levels,  information  is  intentionally  being  lost.  The 
possible  difference  between  a  counting  result  obtained  without  and  that  with  release  levels  depends  on 

a)  the  size  of  release  levels  relative  to  the  maximum  range  of  variation  of  the  stress-time  history  of  regard, 

b)  the  irregularity  factor  of  the  history, 

c)  the  distribution  of  the  content  of  energy  of  the  stress-time  history  over  the  range  of  frequency,  or  with  other  words  on 
the  probability  that  a  large,  but  low-frequent  is  combined  with  small  and  high-frequent  stress  variation. 


2)  In  this  connexion  the  so-called  blocked  prejram  test,  which  was  created  by  Gassner  at  the  same  time,  may  be  regarded 
as  a  modified  Wshicr  test  with  sinusoidal  stress  variations  of  varying  magnitude. 
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There  are  several  reasons  for. the  introduction  of, release  levels,  e.g.  the  protection  of  electro-mechanical  counters  (like 
those  of  the  well  known  Fatigue-Meter,  which  is  on  acceleration  counting  system  being  used  in  many  airplanes)  from  noise 
or  high- frequent  vibrations  which  might  be  superimpdsed'fo  the  accelerations  due  to. manoeuvers  and/or  gusts..  In  this. case 
the  release  levels  are  a  less. expensive  and'apprdximative  alternative  to  a  frequency  filter.  There  may,  on  the  other  hand, 
also  be  the  attempt  to  correcMhe  accuracy,  of  the  fatigue  life  prediction.  If  this  is  done,  it  should  be  always  kept  in  mind 
that  a  distribution  of  exceedances  which  was  obtained  by  the  use  of  release  levels  can  only  lead  to  cn  agreeable  fatigue  life 
estimation  in  combination  with  the  specific  method  of  damage  calculation  or  testing  procedure,  with  which  the  experiences 
have  been  gained.  As  soon  as  these  methods  are  changed,  it  has  to  be  proved  what  effect  on  the  fatigue  life  might  result 
from  this  change.  An  investigation  about  the  effect  of  the  magnitude  of  release  levels  on  the  respective  distribution  of  ex¬ 
ceedances  is  being  performed  in  these  dcys  at  the  Laboretorium  fur  Betriebsfestigkeit.  It  is  planned  that  the  results  will  be 
used  for  flight-by-fligh?  fatigue  tests  in  order  to  define  the  effect  on  life  time  to  failure. 

As  far  as  distributions  of  exceedances  of  measured  operational  stresses  are  generally  concerned,  one  more  important  attribute 
has  to  be  mentioned  here,  i.e.  the  possibility  of  extrapolating  them  under  certain  conditions  beyond  the  period  of  measure¬ 
ment.  This  can  often  become  necessary,  as  it  is  impossible  to-extend  what  is  called  a  flight-load  survey  to  the  life  time  of 
the  respective  structure.  The  so-called  extreme  value  distribution,  i.e.  the.distribution  of  positive  (and  negative)  stress  incre¬ 
ments  which  have  occurred  enee.per  flight  or  flight  segment,  has  proved  to  be  cn  excellent  tool  for  such  an  extrapolation  of 
o  distribution  of  exceedances.,  Moreover,  it  is  possible  to  attribute  to  the  distribution  of  exceedances  by  means  of  the  respec¬ 
tive  extreme  value  distribution  a  probability  with  which  it  is  reached  or  exceeded, see  References  7  and  8. 

3.  A  CLASSIFICATION  OF , STRESS-TIME  HISTORIES 

Front-view  of  the  historic!  development  of  the  field  of  fatigue  it  is  easily  comprehended  that  for  the  first  attempt  to  classify 
measured  stress-time  historicsisystemaiicaliy,  the  shape  of  the  distribution  of  exceedances  has.been  chosen  (Reference  9). 

As  the  distributions  of  exceedances  of  two  stress-time  histories  being  different  with  respect  to  their  origins  and  io  their  temp¬ 
oral  sequence  of  peak  values  may  hove  the  same  shape,  such  a  classification  is  insufficient,  if  the  aptitude  of  a  special 
mathematical  model  for  the  description  of  stress-time  histoi'es  is  to  be  investigated.  Because  of  that  reason  other  criteria 
have  to  be  introduced. 

3. 1  TVio  Possibilities  of  a  Mathematical  Description 

The  theory  for  the  treatment  of  random  physicafdata  offers  the  following  classification  (Reference  10),  see  Figure  3: 

Ar.y  observed  date  representing  a. physical  phenomenon  can  be  broadly  classified  as  being  either  deterministic,  if  they  can 
be  described  by  an  explicit  mathematical  relationship,  or  stochastic,  if  such  a  defined  relation  between  magnitude  and  time 
is  no  longer  possible,  in  the  latter  cose  is  any  record  of  any  length  unique,  i.e.  it  is  not  reproducible  in  the  same  way.  There¬ 
fore,  the  explicit  mathematical  relation,  which  allows  to  predict  the  magnitude  of  the  signal  with  certainty,  has  to  be  re¬ 
placed  for  Jochasric  data  by  statistical  functions  giving  only  a  probability  for  the  occurrence  of  a  defined  magnitude. 

For  a  further  classi flection  of  stochastic  data  theory  uses  the  definition  of  what  is  colled  a  random  process  being  defined  such 
that  a  series  of  sample  records  (also  called  an  ensemble)  is  available  which  can  be  described  by  so-called  ensemble  averages, 
i.e.  the  statistical  moments  taken  from  the  respective  random  process  at  some  time  t.  If  the  statistical  moments  vary  with 
time,  the  process  it  called  nonstationary,  if  they  are  invariant  with  time,  it  is  called  stationary.  For  the  case  that  one  sample 
record  of  a  random  process  is  statistically  equivalent  s  any  other  of  the  seme  ensemble,  the  ensemble-averages  may  be  re¬ 
placed  by  time-averages  and  the  respective  process  is  called  ergodic. 

In  the  literature  perferably  as  examples  for  random  processes  either  the  Brownian  motion  of  a  molecule  or  the  emission  of  elec¬ 
trons  at  the  cathode  of  a  tube  are  chosen,  where  the  latter  is  used  e.g.  in  so-called  noise  generators  in  order  to  produce  a 
random  process,  see  Figure  4  a.  This  kind  of  random  processes  differs  more  or  less  from  other  technical  phenomena  like  the 
positions  of  an  on-off  switch,  see  Figure  4  b,  or  the  normal  accelerations  of  o  military  airplane  due  to  manoeuvers,  see  Fig-’ 
ure  4  c. 

In  the  case  of  the  output  voltage  from  a  noise  generator  fluctuations  of  variable  magnitude  are  occurring  continuously  about 
a  constant  mean  value,  where  the  mean  value  either  is  crossed  by  the  signal  in  positive  and  negative  direction  alternately 
or  is  being  touched  by  the  signal  for  very  short  periods  of  time.  It  has  been  shown  by  Rice  that  the  average  number  of  mean 
crossings  per  unit  time  as  well  as  that  of  peaks  per  unit  time  obey  relationships  which  can  be  described  by  means  of  statistics 
(Reference  II). 

Opposite  to  this  example  of  a  random  process,  the  two  other  phenomena  as  shown  in  Figure  4  b  and  c  represent  what  is  called 
here  random  sequences  of  individual  events.  A  characteristic  of  these  sequences  is  «,g.  that  the  signal  is  returning  after  a 
deviation  normally  to  its  reference  or  resting  value,  where  it  con  remain  for  any  period  of  time  until  the  next  deviation  will 
occur.  Thus  the-  continuity  of  fluctuations  as  it  is  typical  for  random  processes  does  not  exist  for  random  sequences  of  individ¬ 
ual  events.  The  main  distinctive  mark  may  be  obtained  by  'avestigating  their  origins:  Random  sequences  will  usually  occur, 
when  men  generate  control  or  steering  actions,  where  a  randc."  process  originates  from  a  physical  source  and  "proceeds-1  un¬ 
affected  by  men. 

These  considerations  let  some  doubts  arise,  whether  the  classification  of  stochastic  data  according  to  the  possibility  of  their 
mathematical  treatment  will  be  sufficient  for  solving  all  problems  existing  today  in  combination  with  the  description  of  opera¬ 
tional  stress-time  histories.  Before  it  will  be  demonstrated,  how  the  solutions  available  for  some  static-.ary  random  processes 
con  be  transferred  to  stress-time  histories  and  how  random  sequences  of  individual  events  could  be  described,  first  a  proposal 
will  be  made  for  a  classification  depending  on  the  origins  of  the  data. 
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3.2  Origins  of  Stochastic  Stress-Time  Histories 

According  to  Reference  12,  o  classification  of  stochastic  stress-time  histories  which  takes  into  account  the  physical  proper¬ 
ties  of  materials,  which  allows  to  derive  information  about  external  loads,  omJ  which  includes  the  existing  possibilities  for 
a  mathematical  treatment  is  obtained  if  *t  will  be  distinguished  between  origins  of  stress-time  histories.  In  ogreement  with 
the  definitions  of  Section  3. 1  stresses  due  to  the  following  origins  may  be  regarded  as  random  sequences  of  individual  events: 

-  Variations  of  payload 

-  Variations  of  the  static  system  of  loads  (e.g.  by  the  so-called  ground-to  ain-to  ground  cycle  at  airpicnes  or  by  variations 
of  the  bending  moment  of  a  crane  beam  during  file  movement  of  the  trolley  carriage) 

-  All  types  of  manoeuvers  (changes  of  the  direction  of  movement,  changes  of  speed,  etc,). 

A!tematively,stresses  dim  to.the  following  origins  can  be  assumed  to  be  random  processes  or  random  vibrations: 

-  Gusts 

-  Road  or  runway  roughnesses 

-  Sea  waves 

-  Engine  induced  vibrations 

-  Acoustic  pressure  variations. 

Only  stress-time  histories  resembling  random  vibrations  may  be  described  under  certain  conditions  by  means  of  the  iheo,y  of 
random  processes,  where  sequences  of  individual  events  can  be  described  today  only  approximative^  by  using  counting  meth¬ 
ods  as  it  will  be  shown  later. 


3.3  Superpositions  of  Random  Vibrations  and  Sequences  of  Individual  Events 

Often  stresses  resulting  from  different  origins  ore  occurring  at  rhe  same  time  and  are,  therefore,  superposed  to  each  other. 

In  this  case  it  is  appropriate  trying  to  separate  the  various  ports  not  only  because  of  the  possible  difference  between  their 
statistical  properties  ond  thus  between  the  methods  of  analysis  to  be  chosen  but  also  from  view  of  the  response  of  materials 
io  various  combinations  of  loadings  (References  6  and  13).  It  is  easy  to  separate  different  parts  of  a  st'-ss-time  history  being 
recorded  on  magnetic  tape,  if  the  respective  ports  differ  with  regard  to  frequency,  magnitude,  or  both;  it  becomes  difficult, 
however,  if  there  are  no  such  differences,  and  it  cannot  be  performed  without  additional  information  which  has  to  be  elab¬ 
orated  with  a  usually  large  expenditure  in  measurement  equipment  see  as  an  excmple  for  the  separation  of  gust  from  mannoeu- 
ver  loadings  Reference  14.  The  effect  of  superpositions  of  stress-time  histones,  which  was  mentioned  before,  will  however 
decrease  the  more,  the  less  the  difference  between  the  respective  part;  with  regard  to  magnitude  and  frequency  v/ill  be. 
Therefore,  the  method  of  approximation  having  been  applied  since  several  decodes  for  the  analysis  of  measured  data,  i.e. 
to  treat  a  stress-time  history,  which  is  composed  from  several,  but  with  regard  io  frequencies  and  magnitudes  similar  parts, 
that  way,  as  if  it  had  arisen  from  only  one  origin,  this  method  can  be  continued  to  be  used  in  future. 

After  separation  and  proper  description  of  the  individual  parts  of  a  stress-time  history  finally  the  relations,  i.e,  the  possible 
combinations  of  these  parts  have  to  be  analyzed,  in  order  to  achieve  a  complete  presentation.  How  the  separation  can  be 
performed  and  how  the  relations  can  be  found  will  be  demonstrated  on  hand  of  an  example,  see  SecAion  5. 

4.  A  MODEL  FOR  THE  DESCRIPTION  OF  RANDOM  VIBRATIONS 

A  general  mathematical  solution  for  the  description  of  random  vibrations  does  no:  yet  exist;  it  is  only  available  for  a  special 
type  of  process,  the  Gaussian  one,  which  is  not  only  stationary  and  ergodic  but  which  is  also  characterized  by  o  distribution 
of  exceedances  having  the  bell-type  shape.  If  it  was  obtained  from  level  crossing  counting  (without  release  levels),  see 
e.g.  Reference  11.  Several  investigations  (References  15,  16,  17)  have  shown,  however,  that  stresses  ot  a  component  due 
to  random  vibrations  can  be  approximated  -if  this  is  possible  at  alt-  usually  only  for  relatively  short  periods  of  .ime  by  a 
Gaussian  process.  As  the  mathematical  model  which  is  currently  used  for  a  description  of  random  vibrations  is  besed  on  the 
theory  of  the  Gaussian  random  process,  it  seems  to  be  useful  to  summarize  first  the  mosi  important  results  which  were  gaineo 
for  this  type. 

4. 1  Statistical  Moments  of  a  Distribution  of  Exceedances,  Time  Averages,  Gaussian  Process,  ond  Power  Spectral  Density 

Given  be  the  distribution  of  exceedances  of  level  crossings  of  a  variable  x(i) ,  With  the  definitions  of  Figure  5  the  linear 
mean  value  of  the  distribution  yields 
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and  the  variance 
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Those  moments  belonging  totho  counting,  resultare  calledmomentaof  a  distribution' of  exceedances. 

An  ergodic  process  may  be  described,  os  if  has  been  mentioned  in  Section  3. 1,  by  mtvns  of  rime  overages,  which  are  ob¬ 
tained  for  a  defined  period  of  observation,  T ,  by  integration,  e.g.  the  linear  time  average 


i 

7  =  -~y  x(t)dt 


and  the  variance  3) 


I 
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The  square  root  of  the  variance  is  called  rms-value. 

If  the  function  x(t)  is  a  Gaussian  process  having  a  mean  volje  x  equal  to  O,  then  the  equation  of  its  distribution  of  ex¬ 
ceedances  obtained  by  counting  level  crossings  is  given  by 


H(x)  =  H0  exp  )  (5) 

As  the  number  H0,  with  which  the  mean  valuers. grossed  ei*her  in  positive  or  negative  direction,  and  the  variance  cr  of 
a  Gaussian  process  are  constant  in  a  given  period  of  time,  we  get  a  linear  relationship  between  x2  and  In  H(x) ,  or  with 
other  words  the  distribution  of  exceedances  occurs  as  a  straight  line  in  such -a  grid.  This  Is  used  very  often  in  order  to  check, 
whether  an  observed  distribution  of  exceedances  can  be  approximated  by  a  Gaussian  process  or  not,  because  the  exact  proof 
by  means  of  the  conditions  for  stationarity  and  ergodicity  is  difficult  and  in  most  cases  because  of  lack  of  sufficient  data 
impossible  (Reference  18). 

As  Rice  has  shown  (Reference  i  1),  all  parameters  necessary  for  the  description  of  a  Gaussian  process,  can  be  obtained  from 
the  conelation  function  or  its  fourier  transform,  the  so-called  power  spectral  density  0  (to),  e.g.  the  variance 


co 

o2  s J  <j>(io)dtu 


and  the  average  number  of  mean  crossings  per  unit  time 
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and  the  average  number  of  peeks  per  unit  time 
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The  ratio  Ho/M  is  used  as  a  measure  for  tho  irregularily  of  the  process;  it  is  always  less  than  1  and  it  decreases  with  in¬ 
creasing  frequency  bandwidth  of  the  spectrum  ^).  For  details  to  be  observed  when  determining  power  spectra  and  about 
related  problems  see  References  10  and  39. 

In  this  connexion  should  be  noted  that  a  simple  relation  exists  between  the  input  power  spectral  density  0;  (U )  and  that 
of  the  output  0Q  (w),  if  the  system  is  linear: 

♦e(w)  «  iA(iu)!2-4>j(u)  (9) 


it  should  be  noted  that  the  variance  of  the  distribution  of  exceedances  according  to  equation  (2)  and  that  obtained  by 
time  averaging,  tee  equation  (4),  are  not  identical.  This  can  be  shown  easily  by  assuming  a  periodic  function  x(t)  = 
a  sin  tu  t,  for  whir’  s2  =  2  a2,  but  x«  =  x. 

4) 

For  a  Gaussian  process  with  0  («)  =  const,  and  the  bandwidth  £*o  =  <*>2  “  w!  one  gets  for  &U-*0:  Hc/M  =  !,  and  for 
A  U  oo :  Hq/M  =  0. 745. 
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where  A  (i  bf  )  is  the  frequency  characteristic  of  the  system  end  its  squared  modulus  the  transfer  function,  Equation  (9)  is 
valid  for -both  de.'ermfniiticand  stochastic  timehistevi.:-;  it  could  be  a  useful  tool  for  deriving  external  load>  from  measured 
stresses,  if  th»re  would  not  be  its  bend,  which  restricts  its  validity  to  a  linear  system,  und  if  the  relations  derived  by  Rice 
would  bn  applicable  to  c*he'  processes  than  only  Gaussian  ones. 

As  only  ftwr  elasti.  systtvo  strict «y  linear,  it  has  to  be  tried  either  to  approximate  the  response  by  negi acting  the  non- 
linearities  or  to  linearize  >\e>  respective  system  partially.  About  problems  arisen  and  results  obtained  with  that  procedure 
for  airplanes  under  ^ust  lc*.  fing  see  References -20  to  22,  and  for  vehicles  driving  on  uneven  roadways  see  References  23 
to  25. 

The  other  objection  against  the  use  cr  power  spectral  density  for  fotigue  problems  concerned  the  stii!  missing  relotion  between 
it  and  the  distribution  of  rnce«danc«  c-f  a  nonstationary  process.  A  proposal  for  a  solution  of  that  problem  will  be  described 
in  the  fa1,  lowing  Section. 

A.  7  Linear  Combination  ->f  Gaussian  Processes 

Most  stress-time  histories  resulting  from  random  vibrations  and  having  been  observed  for  longer  periods  of  time  do  not  corre¬ 
spond  with  a  Gaussian  process  ;  they  have,  however,  very  often  the  two  characteristics,  that  their  linear  mean  value  can 
be  regarded  to  be  constant  and  that  they  are  symmetric  about  the  linear  mean  value  These  two  characteristics  have  been 
used  for  the  first  time  by  Press  et  al.  (Reference  15)  !o  interpret  the  loadings  of  on  airplane  due  to  atmospheric  tu/bulenre 
as  a  continuous  series  of  Gaussian  processes,  each  of  which  lasts  or.iy  for  a  relatively  short  period  of  time,  the  linear  mean 
values  of  which  are  equal  and  constant,  the  variance  of  which,  however,  may  change  from  one  process  to  the  following.  If 
it  is  assumed  that  a  stress- time  history  is  composed  from  n  Gaussian  processes  of  equal  duration,  then  the  equation  of 
the  distribution  of  exceedances  for  the  total  process  can  be  written  as 
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where  the  total  number  of  croir%s  s  the  mean  vc!  >e  is  <ji*'en  by 
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if  cquaiio  (M)  »'•  .s.'iten  in  an  infinitesimal  to  nr.  wv  g*-. 


H(x)  =  H0/ exp  .p(o)( 


where  o  (o)  is  the  density  distribution  of  the  rms- values  3  belonging  to  the  individual  Gaussian  processes.  It  can  be  as¬ 
sumed,  if  equations  (II)  or  (13)  >espectively  are  compared  with  equation  (10)  fhot  the  following  relation  will  exist 
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The  question  whether  c  given  stresv‘ime  history,  which  has  th;  chsrc’.trrisHcs  as  described  before,  is  either  composed  from 
a  series  of  Gaussian  processes  with  different  rms-values,  see  equation  fi".,  vt  is  a  Goussicn  process  with  varying  rms-ralue, 
as  equation  (13)  may  be  explained,  is  more  of  philctophic  nature  and  for  i’-o  valuation  of  the  assumed  t  todel  of  minoi  impor¬ 
tance.  Attention  has  to  be  paid,  however,  that  the  choice  of  the  infegrofk.n  'ime  T,  see  equation  (4),  which  is  necessary 
for  a  direct  determination  from  the  original  stress-time  history,  wi  1 1  decide  on  rr.e  duration  of  the  respective  Gaussian  pro¬ 
cess.  Therefore,  the  integration  time  may  not  be  too  large,  because  for  th;;  cr.se  <  xpcrience  has  shown  that  Gaussian  pro¬ 
cesses  wili  no  longer  exist,  nor  may  it  be  too  short,  because  the  definition  o*  fits  in’s- value  may  not  be  made  dubious,  if 
e.g.  the  integration  would  be  made  only  over  a  part  of  a  single  oscillation.  A  salable  choice  of  the  integration  time  was 
recommended  till  now  only  on  the  basis  of  romple-like  investigations  (Reference  1, , « 


The  respective  distributions  of  exceedances  may  usually  be  approximated  by  the  equation 


H(x)  =  H0  exp 


(-+•£) 


where  the  exponent  m  (0  <m<  2)  has  to  be  chosen  properly.  For  m  =  2  the  distribution  of  a  Gairsian  process  is  a- 
chieved,  compare  with  equation  (5),  For  definition  of  5  see  equation  (14). 
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5.  EXAMPLE  FOR  THE  ANAL.YSiS.OF  MEASURED  STRESS-TIME  HISTORIES 

In  Section  3  and  4  of  the  present  paper  some  theoretical  relations  were  exposed  which  are  important  for  the  analysis  of 
stress-time  histories.  In  this  Section  it  will  be  tried  to  demonstrate  on  hand  of  an  example  what  kind  of  problems  may  arise 
when  these  theoretical  considerations  are  applied  to  measured  operational  stresses. 

As  modern  computer  techniques  are  definitely  necessary  for  performing  a  detailed  analysis  of  the  kind  which  is  described 
here,  the  data  to  be  analyzed  have  to  be  preserved  on  magnetic  tape.  It  would  be  beyond  the  serpe  of  this  paper  to  discuss 
the  measurement  of  stresses  under  operational  conditions.  Therefore,  we  have  to  assume  that  every  precaution  has  burn  taken 
with  regard  to  instrumentation,  choice  of  measuring  system,  calibration,  frequency  resolution  etc.  in  order  to  get  relioble 
data. 

The  results  which  wil’  be  shown  in  the  following  were  received  by  means  of  a  digital  computer  having  a  relatively  small  mem¬ 
ory  of  16  K  and  some  basic  built-in  software  for  the  analysis  in  both  the  time  and  frequency  domain,  see  Figure  6.  In  addi¬ 
tion  a  lot  of  programs  were  prepared  in  assembler  language  so  that  data  can  be  processed  continuously  in  almost  all  procedu¬ 
res  which  ore  currently  applied  in  fatigue  load  analysis  and  that  up  to  16  times  faster  than  they  were  recorded.  Both  software 
and  hardware  of  this  computer  unit  are  still  being  extended  and  completed.  The  computer  is  used  for  the  analysis  of  time  his— 
toiies  exclusively. 

5.  1  Separation  of  Stresses  Depending  on  their  Origins 

Given  is  a  stres$-time  history  which  was  recorded  a*  the  steering-knuckle  arm  of  a  motor  vehicle  during  drives  over  roads 
in  medium  condition  in  a  speed  range  of  40  to  60  kilometers  per  hour.  This  stress-time  history  can  be  regarded  to  be  repre¬ 
sentative  for  many  others  with  respect  to  the  problems  of  analysis  involved:  It  is  consisting  of  a  constant  part  due  to  weight 
of  the  structure  end  payload  (which  is  assumed  to  be  equal  zero),. a  preferably  low-frequent  part  resulting  from  driving  ma- 
noeuvers  (individual  events),  and  stresses  with  higher  frequencies  due  to  rood  roughnesses  (corresponding  to  random  vibra¬ 
tions),  An  arbitrarily  taken  sample  record  is  shown  in  Figure  7  a.  Evidently,  it  has  to  be  assumed  that  the  bands  of  frequen¬ 
cies  of  stresses  due  to  driving  manoeuvers  and  of  stresses  due  to  roed  roughnesses  are  overlapping.  The  power  spectrum  of 
this  stress-time  history,  see  Figure  8,  shows  -beside  the  face  of  a  mountain  of  high  power  at  very  low  frequencies  which 
reaches  a  valley  basin  at  about  1  Hz-  two  peaks  at  about  2  Hz  ond  12  Hz,  where.the  /rarural  moae:  of  the  body  and  the  ax¬ 
le,  respectively,  are.  In  this  case  it  was  tried  to  separate  the  two  parts  of  stresses  by  high-pass  and  iow-poss  filtering  at  the 
first  minimum  at  1  Hz  The  filters  which  have  been  used  had  a  slope  of  48  db  per  octave  (make  Krohn  *  Hite,  type  3342). 
The  results  obtained  may  be  designated  approximative!/  as  stresses  due  to  road  :oughnes$es  and  due  to  manoeuvers,  see  the 
sample  records  in  Figure  7  b  and  c.  The  result^  in  so  far  satisfactory  as  the  linear  mean  value  of  the  stresses  due  to  road 
roughnesses  seems  to  be  constant  and  that  the  stresses  oscillate  symmetrically  cbout  it,  see  Figure  7  b. 

5.2  Analysis  of  Stresses  due  to  Road  Roughnesses 

When  explaining  the  ’.heoretical  model  for  random  vibrations  which  consist  of  a  series  of  Gaussian  processes,  see  Section  4.2, 
it  was  presumed  that  the  integration  time  could  effect  the  r.K-values.  This  dependence  appears  clearly  when  the  density  dis¬ 
tribution  p  (a)  of  the  rms-values  are  determined  from  the  high-pass  filtered  signal  which  was  chosen  as  an  example,  see 
Figure  9.  Beside  the  fact,  that  with  increasing  integration  time  two  peaks  occur  in  the  density  distribution,  it  should  be  not¬ 
ed  that  the  respective  highest  rms-values  observed  decrease  significcntly.  Accordingly,  the  corresponding  distributions  of 
exceedances  which  were  calculated  by  using  equation  (11)  or  (13),  respectively,  differ  more  or  less  from  that  distribution 
which  was  obtained  by  counting,  see  Figure  10.  For  the  present  case  the  best  agreement  between  counting  result  and  calcu¬ 
lation  based  on  p  (a)  was  obtained,  if  the  integration  time  T  was  0.5  seconds.  Several  analyses  of  similar  measurements, 
from  which  only  few  have  been  published  up  to  now,  see  References  12  and  26,  have  shown  that  stress-time  histories  due  to 
runway  roughnesses  observed  on  various  motor  vehicles  and  airplanes  during  taxi  condition  have  yielded  integration  times 
between  0.25  and  4.0  seconds,  if  the  condition  had  to  be  met  that  the  counting  result  and  the  calculated  distribution  of  ex¬ 
ceedances  are  in  agreement.  This  does  not  mean  that  the  rms-values  of  a  Gaussian  process  will  vary  after  these  short  periods 
of  time,  on  the  contrary,  most  samples  show  thetf  the  rms-value  is  constant  for  much  longer  periods;  but  it  may  happen  some¬ 
times  that  in  a  sample  with  low  or  medium  intensity  very  few  segments  with  high  intensity  are  interspersed.  The  high  stresses, 
however,  whi..h  may  affect  fatigue  life  significantly,  will  not  be  token  in  account  proper! y,  if  the  integration  time  is 
chosen  too  long,  or  with  other  words  there  is  a  bias  error  introduced  during  the  analysis  which  increases  together  with  in¬ 
creasing  integration  time,  see  Figure  10. 

As  this  examples  show,  the  distribution  of  exceedances  can  be  derived  by  means  of  the  theoretical  model  as  developed  for 
the  description  of  stresses  due  to  random  vibrations  ond  beyond  this  it  is  possible  to  achieve  information  which  alhws  to  re¬ 
produce  the  original  stress-time  history  when  using  a  set  of  band-pass  filters  coupled  with  a  random  noise  generator  or  by  a 
digital  computer.  Thus  the  analysis  result  can  be  applied  in  a  form  similar  to  its  original  one  in  a  servohydraulic  testing  e- 
quipment,  see  References  27  and  28.  In  addition,  externa!  loads  may  be  derived  from  the  measured  stresses,  if  it  will  be 
distinguished  during  analysis  between  data  for  constant  values  of  payload  and  of  speed,  and  if  the  corresponding  (linearized) 
transfer  functions  are  known.  Only  if  the  measured  data  are  analyzed  in  the  above  described  or  o  similar  manner,  the  de¬ 
scription  of  roadway  roughnesses  (References  29  ond  30)  or  uf  atmospheric  turbulence  (References  31  and  32)  in  form  of  power 
spectral  density  is  useful  for  fatigue  life  evaluation. 


^  Analyses  of  other  stress-time  histories  have  shown  that  there  may  not  alv/ays  be  a  distinct  minimum  in  the  power  spec¬ 
trum.  In  this  case  other  methods  for  separation  e.g.  an  integration  or  differentiation,  respectively,  have  to  be  chosen. 
The  most  appropriate  methods  for  separation  are  investigated  a  present  at  the  Laborotorium  fUr  Betriebsfestigkeit. 
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5.3  Analysis  of  Stresses  due  to  Manoeuvers 

According  to  the  definition  of  Section  3.2,  stresses  due  to  manoeuvers  can  be  regarded  c*  s-equences  of  individual  events, 
for  which  o  description  by  means  of  time  averaging  as  if  power  spectral  density  includes,  see  equations  (4)  an<i  (6),  is  ques¬ 
tionable.  Moreover,  stress-time  histories  due  to  manoeuvers  shew  often  a  large  unsymmetry  with  regard  to  their  reference 
stress,  which  is  in  the  present  case  that  due  to  weight  of  structure  and  payload,  see  Figure  7  c,  and  which  has  been  as¬ 
sumed  to  be  equal  zero.  This  unsymnetry,  or  with  other  words  this  difference  between  reference  stress  and  linear  mean  value 
cannot  be  taken  into  account  by  power  spectral  techniques  unless  additional  conditions  are  introduced. 

General. solutions  for  the  cnalyfic  description  of  sequences  of  individual  events  are  not  yet  available.  Therefore  it  is  sug¬ 
gested  to  apply  two  counting  methods  simultaneously  as  an  engineering  solution,  i.e.  to  count  both  level  crossings  and  cu¬ 
mulative  duration  times  (References  i  and  2).  The  first  counting  method  yields  a  result,  from  which  can  be  read,  how 
often  a  stress  level  was  reached  or  exceeded,  the  second  method  gives  a  distribution,  from  which  can  be  *-ken  how 
long  the  stress  was  altogether  above  a  given  level,  see  Figure  i  I .  Both  distributions  can  e.g.  be  stepped  s:.,  that  the  upper 
and  lower  values  of  stress  levels  will  correspond  and  that  by  a  suitable  choce  of  the  respective  numbers  of  exceedances  the 
areas  above  and  below  the  steady  distribution  will  be  equal  in  a  semi  logarithmic  grid  (Reference  33):  E.g.  yields  from 
Figure  11  fhot  70  times  stresses  due  to  manoeuvers  have  occurred  which  have  reached  or  exceeded  the  limits  of  +  10  and 
-  32  N/mm2;  the  corresponding  duration  time  has  been  100  seconds.  If  it  is  assumed  opproximafively  that  this  time  can  be 
distributed  equally  to  the  number  of  exceedances,  and  are  these  exceedances  interpreted  according  to  Figure  2  as  deviations 
from  the  reference  stress  level  (zero),  then  70  positive  and  negative  stress  variations  are  obtained  in  between  the  mentioned 
levels,  where  each  is  lasting  1.42  seconds.  The  total  time,  however,  during  which  the  stress  due  to  a  driving  manoeuver 
deviates  from  the  reference  stress  level,  consists  beside  of  the  duration  time  of  1.42  seconds  also  of  the  periods  of  increasing 
or  decreasing  stress,  respectively.  As  long  as  there  is  no  detailed  information  available  about  the  stress  gradients  with  re¬ 
spect  to  time,  a  rectangular  or  trapezoidal  stress-time  history  may  be  chosen  as  a  first  approximation  for  reproduction  of 
the  analyzed  stresses  in  a  servohydraulic  testing  equipment.  Furthermore  it  seems  to  be  justified  to  assume  the  individual 
stress  deviations  to  be  independent  from  each  other,  i.e.  they  may  occur  in  a  random  sequence.  With  that  procedure  the 
stresses  due  to  manoeuvers  can  now  much  better  be  taken  into  account  than  in  the  past,  although  their  description  is  not  yet 
perfect. 

5.4  Combinations  of  Stresses  due  to  Road  Roughnesses  and  Manoeuvers 

A  separation  of  stresses  according  to  their  origins  has  the  greet  advantage  that  the  individual  parts  can  be  described  with 
methods  which  are  adjusted  to  them  and  which  allow  to  derive  the  highest  amount  of  information.  On  the  other  hand  the 
separated  peris  usually  will  vary  at  random.  As  the  fatigue  strength  of  a  component  is  affected  amongst  others  by  the  absolute 
maximum  or  minimum  values  of  stress,  respectively,  which  resuit  from  the  superposition  of  the  individual  parts,  it  is  neces¬ 
sary  to  obtain  information  about  the  probability  with  which  defined  maximum  and  minimum  values  will  occur.  This  problem 
can  be  solved  by  a  two-dimensional  probability  function.  Experiences  gained  from  analyses  of  measured  stresses,  however, 
have  shown  that  often  an  extreme  value  distribution  is  sufficient.  In  the  present  example  of  stresses  due  to  road  roughnesses 
and  driving  manoeuvers  e.g.  those  absolute  maximum  or  minimum  peak  values  of  stress  increments  about  the  reference  stress 
are  analyzed  which  have  occurred  once  per  kilometer.  According  to  References  7  and  8  they  may  be  presented  as  logarith¬ 
mic  normal  distributions,  i.e.  plotted  in  a  Gaussian  probability  paper  with  logarithmic  grid  for  the  variate  as  straight  lines, 
see  Figure  12.  These  extreme  value  distributions  represent  the  probability  functions  for  the  maximum  or  minimum  stresses, 
regardless  whether  they  have  originated  from  a  road  roughness,  a  driving  manoeuver,  or  a  combination  of  both. 

With  the  extreme  value  distributions  of  maximum  and  minimum  stresses,  the  distribution  of  exceedances  counted  by  level 
crossings  and  thfc  distribution  of  cumulative  duration  times  for  stresses  due  to  manoeuvers,  as  well  as  the  power  spectrum  and 
the  density  function  of  rms-values  for  stresses  due  to  road  re.  ghnesses,  the  stress-time  history  which  was  chosen  as  an  examp¬ 
le  is  described  satisfactorily  in  order  to  run  a  modem  random  fatigue  test,  to  predict  the  fatigue  life  theoretically,  or  to 
derive  information  for  the  design  cf  other,  similar  components, 

6.  RELATIONS  BETWEEN  STRESSES  OR  LOADS  ACTING  SIMULTANEOUSLY  AT  DIFFERENT  POINTS  OF  THE  STRUCTURE 

The  appropriate  description  of  a  measured  stress-time  history  is  of  fundamental  importance  for  fatigue  life  evaluation.  Next 
to  it  attention  has  to  be  paid  to  the  relations  which  are  existing  between  stresses  and/or  loads  acting  simultaneously  ot  dif¬ 
ferent  points  of  the  structure.  As  stresses  or  loads  cannot  be  measured  at  any  point,  the  results  of  measurements  have  often 
to  be  transferred  to  other  points  of  the  structure.  This  procedure  becomes  vital  for  fatigue  evaluations  of  components  sub¬ 
jected  to  more  than  one  external  load,  it  the  loads  are  different  with  respect  to  phase  angles,  frequencies,  anej/or  magni¬ 
tudes. 

The  methods  for  describing  relations  between  measured  physical  quantities  which  vary  ot  random  and  which  occur  at  the 
same  time  is  not  yet  satisfactorily  developed.  Beside  a  description  by  means  of  transfer-functions  which  have  been  mentioned 
already  in  Section  4, 1  and  which  are  restricted  usually  to  linear  systems  the  easiest  ond  simplest  way  of  finding  a  relation 
empirically  would  be  plotting  simultaneously  occurring  values  of  two  time  histories  x  (t)  ond  y  (t),  i.e.  establishing  so- 
called  cross  plots.  The  answer  of  such  a  procedure,  however,  is  limited  because  only  amplitudes  are  used  as  a  criterium. 

An  exorple  for  such  crass  plots  is  shown  in  Figure  13,  where  the  stress  increments  having  been  measured  in  a  distance  of 
about  1 .5  feet  parallel  to  the  stringers  at  a  wing  box  of  a  transport  airplane  ore  presented:  During  flight  exists  a  relation 
acceptable  from  view  of  fatigue,  which  says  that  the  two  stress-time  histories  ore  almost  alwoys  in  phase.  A  comparative 
frequency  anolysis  has  made  clear  that  both  histories  are  governed  during  flight  by  the  first  bending  mode  of  the  wing.  For 
the  condition  taxi  on  ground  the  cross  plot  of  the  incremental  stresses  at  the  same  points  shows  much  more  scatter.  This  re¬ 
sults  probably  from  the  fact  that  the  main  landing  gear  is  attached  to  the  rear  spar  of  the  wing  box  and  that  thus  in  addition 
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to  bending  also  torsion  inodes  are  excited,  the  response  of  which  is  amplified  by  the  masses  of  the  engines  at  the  wing.  A 
complementary  stress  analysis  has  yielded  that  the  average  direction  of  principal  stresses  is  changing  by  about  30  degrees 
between  the  two  conditions  flight  and  taxi.  A  true  random  fatigue  test  with  the  complete  wing,  in  which  all  these  details 
would  be  duplicated,  can  today  not  be  imagined,  especially  because  of  economic  reasons.  Therefore,  a  conventional  full- 
scale  test  with  a  flight-by-flight  sequence  of  loads  was  performed  and  this  was  achieved  quite  easily,  because  the  respective 
distributions  of  exceedances  of  incremental  stresses  due  to  ground  loads  had  consistent  numbers  of  mean  crossings  end  similor 
shapes  and  they  differed  only  with  respect  to  their  stress  intensifies  by  a  factor.  Thus,  the  change  of  principal  stresses  during 
tuxi  condition  was  simulated  by  shifting  the  center  of  the  distribution  of  test  loads  chordwise  and  the  right  incremental 
stresses  were  obtained  by  applying  th'oYespective  distributions  of  exceedances  in  phase,  i.e.  assuming  that  damage  will  not 
be  affected,  if  the  actual  sequence  of  stresses  is  changed.  As  experience  shows  (Reference  d)  in  the  case  of  wing  loads  of  a 
transport  airplane  this  might  have  been  true,  if  a  flight-by-flight  sequence  has  been  applied.  The  problem  of  relations  bet¬ 
ween  stress-time  histories,  however,  cannot  be  eluded  always  by  such  a  simple  procedure. 

An  engineering  solution  is  presented  in  Reference  34  for  the  case  that  the  distribution  of  exceedances  of  a  stress-time  history 
has  to  be  derived  from  that  of  vertical  accelerations,  if  no  direct  correlation  is  existing  between  them.  The  example  which 
was  chosen  refers  to  the  loads  at  the  tailplane  and  the  developed  procedure  is  especially  designed  for  extending  the  informa¬ 
tion,  which  is  being  gained  by  means  of  counting  occelerometers.  The  procedure  itself,  is  not  restricted  to  this  field  of  ap¬ 
plication,  but  it  has  its  limitations  due  to  the  fact,  thot  only  distributions  of  exceedances  are  obtained,  see  Section  2. 


If  true  random  testing  is  intended,  much  more  information  is  necessary  but  only  a  distribution  of  exceedances  or  a  cross  plot. 
How  far  e.g.  a  cross  correlation  function  which  is  defined  os 
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can  be  applied  generally  for  the  description  of  the  relations  between  any  measured  stress-time  histories  is  still  widely  un¬ 
explored.  At  present  several  research  institutes  are  dealing  with  this  problem.  From  the  variou,  results  which  hove  be>'n 
obtained  so  far  and  which  will  be  published  in  near  future,  only  one  interesting  is  to  be  mentioned  here  os  an  example: 
C.J,  Dodds  of  the  University  of  Glosgow/Scotland  was  successful  in  describing  the  relation  between  right  hand  and  left 
hand  vertical  loads  at  the  wheels  of  a  motor  vehicle  by  means  of  the  coherency  function  according  to  equation  (17),  If  the 
roadway  roughnesses  can  be  described  by  power  spectral  density  and  if  isotropy  and  homogeneity  ore  assumed. 


7.  CONCLUSION 

The  objective  of  the  present  paper  was  to  show  connexions  and  trends  of  measurement  analysis  as  it  is  used  for  fatigue  life 
evaluation.  Thus  it  has  been  renounced  offering  too  many  details  and  example-,  in  favour  of  a  survey  wh’ch  covers  the  moin 
problems  and  areas  of  research  in  this  field.  It  is  obvious  thot  the  method  proposed  for  describing  stresses  due  to  random  vi¬ 
brations  and  due  to  individual  events  may  be  changed  slightly  in  order  to  adapt  it  to  the  requirements  of  testing  procedures. 
The  basic  idee,  however,  hes  to  be  fallowed  and  it  can  be  already  seen  clearly  today  that  current  methods  of  fatigue  life 
prediction  will  be  improved  significantly  by  utilizing  both  complete  information  as  contained  in  measurements  and  possibil¬ 
ities  of  servohydraulic  testing  equipment  to  their  full  extent. 
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Examples  for  stochastic  time  histories 

a)  output  voltage  of  noise  generator 

b)  portions  of  on-off  switch 

c)  normal  rccelerotions  of  an  airplane  due  to  monoeuvers 
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Distribution  of  exceedances  of  low-pass  filtered  signals 

a)  level  crossing  countings 
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TUS  USE  OK  COUNTING  ACCELEROMETER  DATA  IK  FATIGUE  LIFE 
PREDICTION'S  TOR  AlRCRArT  FLYING  IN  COMPLEX  SOLES 

By  J.A.B.  Lambert 

Assistant  Chief  Stressman  (General  Fatigue) 
Hawker  Siddoley  Aviation  Ltd. , 

Hatfield,  Herts., 

United  Kingdom. 


SUMMARY 

The  fatigue  life  requirements  or  design  aim  in  an  aircraft  specification  has  to  be  related  to  a 
detailed  statement  on  the  intended  usage  of  the  aircraft.  In  practice,  after  some  years  in  service, 
the  actual  sortie  pattern  or  role  of  the  aircraft  may  be  quite  different  from  the  specification  sortie 
pattern.  The  effect  on  the  fatigue  life  may  be  considerable,  and  counting  accelerometer  data  is 
still  widely  used  to  record  the  loading  experience  of  individual  aircraft,  to  enable  the  fatigue  life  of 
each  aircraft  to  be  assessed. 

1 he  relationships  between  c.g.  accelerations  and  the  stress  in  the  critical  sections  of  the  structure 
may  be  difficult  to  establish,  particularly  in  large  flexible  aircraft,  or  in  aircraft  operating  in 
tr— 'sonic  speed  ranges  and/or  with  large  changes  in  weight.  The  way  some  of  these  problems  are  tackled 
in  the  U.K.  is  discussed. 

lhe  parameters  which  influence  the  g/stress  relationship  are  different  for  every  design  and  sortie 
pattern  combination,  and  great  care  is  needed  in  planning  the  data  recording  sheets  so  that  the  relevant 
data  is  collected.  The  use  of  multi-mode  counting  accelerometers  may  be  essential  in  order  to  be  able 

to  separate  the  data  where  large  variations  in  the  g/stress  ratio  exist  in  different  phases  of  a  sortie. 
However,  compromises  are  often  necessary  so  that  data  collection  does  not  become  impracticable. 

Fatigue  tests  form  an  essential  part  of  the  design  process,  and  it  is  usual  nowadays  for  the  test 
load  spectrum  to  be  a  very  fair  representation  of  the  original  spectrum  laid  down  in  the  specification. 
Nevertheless,  a  common  problem  is  the  re-interpre.tn'tion  of  the  test  result  when  it  is  found  that  the 
current  service  load  spectrum  is  different  from  the  original  test  spectrum,  and  this  problem  is  also 
discussed. 

LIST  OF  SYMBOLS 

E  number  of  times  a  A g  level  =  L  is  reached  or  exceeded. 

K  constan*  fatigue  meter  formula,  applied  to  S. 

L  Ag  ieve  recorded  by  a  counting  accelerometer  (fatigue  meter) 

Suffix  1,3,3  etc.,  indicates  1st.,  2nd.,  3rd.,  etc.,  value  of  term. 

Q  percentage  safe  life  consumed. 

W  average  sortie  weight  in  a  fighter  sortie. 

Wq  most  usually  recurring  average  sortie  weight  in  a  fighter  sortie  pattern. 


1. 


INTRODUCTION 


It  is  current  practice  for  tne  design  specification  of  a  new  aircraft  to  include  the  fatigue  life 
requirements, in  addition  to  all  the  other  performance  and  weight  requirements,  and  so  on.  Hie  form  this 
reouirement  takes  can  range  from  a  simple  statement  on  the  expected  retirement  life,  for  a  ’safe  life’ 
design,  to  a  complicated  Design  Warranty  statement  involving  required  ’crack-free*  lives,  economic  repair 
life,  design  aims,  and  liability  clauses.  However,  one  thing  all  requirement  statements  must  have  in 
common  is  that  the  required  life  mus*  be  related  to  some  specified  sortie  pattern,  consisting  of  one  or 
more  flight  plans. 

For  a  transport  or  bomber  type  of  aircraft,  the  load  spectrum  in  the  design  fatigue  calculations 
would  be  based  on  generalised  gust  frequency  data  and  the  specified  flight  plans.  For  a  fighter  or  crop- 
sproying  typo  of  aircraft,  as  manoeuvre  loads  are  generally  so  much  higher  than  gust  loads,  often  the  gust 
spectrum  is  ignored;  and  so  the  flight  plan  as  such  is  a  relatively  unimportant  parameter  in  the  fatigue 
calculation.  Instead, it  is  the  usual  practi.  '  to  specify  the  manoeuvre  ’g’  spectrum  appropriate  to  the 
role.  But  whether  the  load  spectrum  used  for  the  design  calculations  is  based  on  gust  data  or  manoeuvre 
•g’  data,  fundamentally  both  these  data  are  based  on  c.g.  acceleration  frequency  data, which  had  been 
measured  on  many  earlier  aircraft  types  fitted  with  VG  or  VGH  recorders.  In  effect,  what  the  designer  does 
is  to  relate  those  original  measurements  to  the  new  aircraft  by  taking  into  account  the  flight  plans  or  the 
specified  role. 

Unfortunately,  once  the  aircraft  has  entered  service,  it  is  often  the  case  that  the  operational 
requirement  changes,  so  that  the  original  flight  plans  or  specified  roles  no  longer  apply.  Therefore  it 
is  to  be  expected  thut  the  original  fatigee  life  expectation  will  also  change.  This  problem  is 
particularly  acute  in  military  aircraft,  where  the  change  in  sortie  pattern  '■ould  alter  the  fatigue  life 
of  a  component  by  an  order  of  10:1  from  the  original  ‘datum’  figure.  With  potential  variations  of  this 
magnitude  it  is  ooviously  vital  to  keep  a  constant  watch  on  the  fatigue  life  consumption  rate  of  each 
aircraft  in  •»  fleet.  When  it  is  neon  that  a  particular  aircraft  or  grorp  of  aircraft  is  using  up  fatigue 
life  too  quickly,  it  con  bo  transferred  perhaps  to  a  squadron  which  is  flying  in  a  leas  severe  role.  In 
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this  way,  with  careful  planning,  the  total  utilisation  of  a  fleet  can  be  extended,  and  fewer  aircraft  will 
have  to  be  retired  prematurely. 

For  many  years  counting  accelerometers  (or  'fatigue  meters'  ns  they  are  often  called),  mounted  near 
the  c.g.  of  the  aircraft,  have  been  used  to  monitor  the  fatigue  life  consumption  in  critical  components 
of  the  aircraft.  lMs  instrument  has  proved  to  be  reliable  in  service,  and  although  it  requires  some 
additional  data  to  be  collected  before  the  readings  can  be  converted  into  fatigue  life  increments,  the 
operators  have  generally  been  able  to  cope  with  thi3  task.  Other  more  direct  ways  of  recording  fatigue 
experience,  such  ns  a  continuous  strain  gauge  trace,  are  attractive  at  first  sight;  but  there  can  be 
serious  drawbacks  such  os  long-term  reliability,  temperature  compensation  and  drift,  difficulty  of 
replacement  in  service  and  re-calibration,  and  analysing  the  vast  amount  of  data.  However,  as  aircraft 
and  their  flight  plans  become  more  complicated  and  unorthodox  compared  with  previous  generations  of 
aircraft,  it  might  be  asked  whether  the  simple  'fatigue  meter'  is  sufficient  to  monitor  the  fatigue  life 
of  modern  aircraft  satisfactorily? 

The  basic  problem  to  be  resolved  when  using  counting  accelerometer  data  for  determining  the  load 
spectrum  in  a  critical  section  is  that  there  is  (usually)  no  indication  when  the  various  'g'  counts 
have  occurred  in  the  flight.  It  is  therefore  only  possible  to  make  any  use  of  the  data  if  it  can  be 

assumed  that  the  load/g  ratio  is  sensibly  constant  during  the  part  of  the  flight  where  most  of  the  fatigue 
damage  is  done.  However,  with  the  complex  sortie  patterns  flown  by  current  military  aircraft,  it  is 
becoming  increasingly  difficult  to  make  this  assumption;  because  the  load/g  ratio  depends  on  many 
parameters  which  change  throughout  the  flight,  but  cannot  be  estimated  unless  additional  data  is 
collected  for  each  flight.  Experience  with  service  operators  has  shown  that  except  for  a  few  obvious 
parameter*  like  aircraft  weight,  number  of  landings,  and  so  on,  it  is  not  practical  to  ask  pilots  to  fill 
in  detailed  questionnaires  about  the  flight  profile  as  part  of  a  routine  flight-by-flight  return.  It  is 
unlikely  that  a  pilot  will  remember  precisely  what  manoeuvres  he  did  during  the  flight,  or  what  the 
altitude  was  when  he  did  them^or  the  rate  of  pulling  on  'g'  etc..  Answers  to  questions  like  this  are 
likely  to  be  only  an  impression, or  an  opinion,  rather  than  factual,  and  the  subsequent  analysis  based  on 
such  answers  will  be  no  more  'accurate'  than  if  much  broader  questions  had  been  asked.  Nevertheless  it 
will  be  shown  that  counting  accelerometers  are  currently  being  used  quite  successfully  for  monitoring 
fatigue  life  in  aircraft  flying  in  complex  roles,  after  supplementing  the  meter  records  with  relatively 
simple  flight  data,  which  can  be  obtained  reliably. 

•?.  RELATIONSHIP  BETWEEN  THE  LOADS  OH  STRESSES  IN  A  SECTION  AND  C.G.  ACCELERATIONS 

First  it  must  always  be  borne  in  mind  tha t,  generally, 'fa tigue  meter'  data  will  only  be  of  any  value 
in  fatigue  life  calculations  for  sections  where  the  loads  or  stresses  are  directly  related  to  the  c.g. 
acceleration.  In  practice  this  means  for  sections  in  the  inboard  half  of  the  wing,  and  in  the  fuselage 
in  the  region  of  the  wing  root.  If  the  aircraft  has  very  flexible  wings  it  becomes  increasingly  difficult 
to  relate  loads  to  c.g.  accelerations  for  sections  further  outboard  along  the  span.  It  is  unrealistic  to 
expect  'fatigue  meter'  data  to  be  of  any  use  for  monitoring  the  life  of  tail  units.  This  is  still  a 
serious  problem  which  is  outside  the  scope  of  this  lecture. 

The  first  task  is  to  determine  the  load/g  or  stress/g  ratio  over  the  whole  range  of  flight  conditions 
and  nircraft  configurations  likely  to  be  encountered.  The  most  satisfactory  way  to  achieve  this  is  by 
installing  strain  gauges  to  measure  the  overall  loads  in  flight, and  an  accelerometer  at  the  c.g.  which 
has  the  same  characteristics  os  that  of  the  'fatigue  meter',  and  conducting  flight  trials  to  measure 
directly  the  load/g  relationship.  Generally  at  this  stage  the  actual  critical  sections  will  not  have 
oeen  established  except  on  the  basis  of  theoretical  estimates.  It  is  preferable  in  any  case  to  try  and 
measure  overall  loads  on  the  aircraft  rather  than  the  stress  at  a  potential  critical  section  only,  in 
case  the  full  scale  fatigue  test  does  not  confirm  that  the  section  i£  the  critical  section. 

Traditionally,  the  loads  in  military  aircraft  are  calculated  on  the  basis  that  the  aircraft  is  a 
'rigid'  structure.  Fighters  designed  to  withstand  high  manoeuvre  accelerations  have  to  be  compact  and 
stiff;  and  so  it  is  to  be  expected  that, for  o  given  aircraft  weight  and  configuration, the  load/g  ratio 
should  be  constant.  Tbe  load/g  ratio  will  usually  be  determined  first  by  calculation  for  all  the 
required  conditions,  but  this  should  always  be  backed  up  by  flight  measurements.  If  the  aircraft  is  more 
flexible,  the  loud/g  ratio  may  vary  considerably  in  manoeuvring  cases,  due  to  aero-elastic  effects 
(e.g.  twisting  off  of  incidence  os  the  wing  bends  upwards,  particularly  in  swept-wing  aircraft) 


When  the  main  source  of  fatigue  damage  is  gusts,  the  load/g  ratio  is  usually  determined  at  the  design 
stage  by  calculations  based  on  a  discrete  gust  analysis.  Power  spectral  methods  are  not  used  widely  in 
the  U.K.  for  fatigue  calculations.  The  gust  data  used  in  the  U.K.  is  that  given  in  ref.l,  which  wan 
derived  from  accelerometer  VG  and  VGH  records  obtained  mainly  from  subsonic  transport  aircraft.  No 
direct  allowance  was  made  in  the  analysis  of  the  data  for  structural  flexibility,  and  so  implicitly  the 
derived  gust  velocities  include  a  'dynamic  overswing'  factor.  Therefore,  if  the  aircraft  under 
consideration  has  similar  dynamic  characteristics  to  the  aircraft  used  for  the  gust  measurements,  it  may¬ 
be  treated  as  a  'rigid'  structure.  However,  it  can  only  be  expected  that  the  'rigid'  relationship 
between  gust  loads  and&g  will  be  valid  for  sections  in  the  inboard  half  of  the  wing  and  the  centre  part 
of  the  fuselage,  as  mentioned  earlier. 

If  the  aircraft  und"r  consideration  is  more  flexible  than  the  aircraft  ucod  for  the  gust  measurements, 
or  too  dissimilar  in  configuration,  or  if  tho  critical  sections  are  too  far  removed  from  the  aircraft  c.g., 
then  the  eotlmute  of  loads  and  bg  has  to  bo  based  on  dynamic  response  calculations,  'iliere  is  a  graph  in 
ref.  1  which  may  be  used  as  a  guide  to  whether  an  nircraft  has  to  be  considered  as  'flexible'  or  'rigid'. 
Strictly,  the  dynamic  effects  hidden  in  tha  gust  velocity  data  should  be  taken  out  when  the  loads  are 
based  on  'dynamic'  calculations;  but  as  it  is  not  possible  now  to  estimate  exactly  what  the  dynamic 
ovorawing  factors  woro  in  the  measuring  aircraft,  usually  no  reduction  in  made  to  the  gust  velocities. 
Therefore,  in  this  case, a  measured  'g'  spectrum  would  bo  expected  to  be  somewhat  'lighter'  than  the 
calculated  spectrum.  Once  again,  it  is  highly  deoirablo  to  carry  out  flight  measurements  to  confirm  the 
load  distribution  for  a  given  Ag,  over  the  whole  range  of  weights,  speeds  and  altitude  likely  to  be 
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encountered.  This  id  often  not  an  easy  matter,  becauae  it  is  not  always  possible  to  find  enough 
turbulence  at  all  altitudes  during  the  test  flying  to  provide  a  worthwhile  record  trace.  The  Flight  Test 
department  must  therefore  be  persuaded  to  persevere  in  their  efforts  to  provide  samples  from  the  whole 
flight  envelope. 

The  usual  orocedure  for  analysing  the  flight  measurement  data  is  to  derive  A (stress)  frequency 
curves  for  each  strain  gauge  j-^sition  and  the  Ag  frequency  curve  from  the  same  period  of  recording  time. 

The  period  should  be  as  lcng  as  possible  provided  the  aircraft  condition  remains  approximately  constant 
during  the  period.  Usually  though,  the  period  is  limited  by  the  capacity  of  either  the  recording 
equipment  and/or  the  data  reduction  facilities.  Then  by  dividing  tUstress)  at  a  given  frequency  byAg 

at  the  same  frequency,  a  number  of  stress/g  ratios  aie  obtained,  over  a  r.jige  of  Xiequencies  (see  Fig.1) 
Ideally  the  otress/g  ratio  for  each  strain  gauge  position  should  be  constant  for  all  frequencies;  but  a 
fair  amount  of  experimental  scatter  can  be  expected.  Therefore,  an  'average1  value  is  drawn  through 
each  set  of  points,  which  may  have  to  be  slightly  'adjusted'  when  the  final  overall  stress  or  load 
distribution  is  being  drawn  out.  It  is  usual  at  this  stage  to  convert  the  stress  pattern  into  overall 
loads/g,  unless  the  strain  gauges  have  been  applied  to  known  critical  sections;  the  strain  gauges 
having  been  calibrated  previously  by  applying  a  known  load  distribution  to  the  component. 

If  the  stress/g  (or  load/g)  ratio  is  obviously  not  constant  over  the  range  of  frequencies  needed, even 
after  making  allowance  for  scatter,  it  will  probably  be  found  that  the  A(stress)  =  0  and  Ag  =  0 
frequencies  are  significantly  different.  If  this  'zero  crossing'  frequency  ratio  is  taken  into  account 
when  calculating  the  load/g  ratios  for  several  frequencies,,  then  a  more  constant  set  of  values  should  be 
obtained.  Note  that  if  this  procedure  is  adopted,  the  resulting  load/g  ratio  for  that  strain  gauge 
position  will  be  lower  than  if  an  attempt  had  been  mac’s  to  draw  an  'average'  value  through  th-  'unadjusted' 
load/g  values;  but  also  that  a  corresponding  'frequency  factor'  has  to  be  included  m  the  fatigue 
calculations,  for  critical  sections  arot nd  that  position. 

3.  PLANNING  THE  FATIGUE  METER  DATA  SHEET  (FMDS) 

Having  determined  by  calculation  and/or  flight  test  measurements  how  the  various  flight  parameters 
(weight,  altitude,  Mach  no.  etc)  affect  the  load/g  ratio  for  all  the  critical  sections,  the  next 
objective  is  to  plan  the  FMDS  so  as  to  make  provision  for  all  the  data  that  has  to  be  recorded  ir. 
addition  to  the  actual  accelerometer  counts.  Before  the  'g'  counts  can  be  converted  into  increments  of 
fatigue  damage  or  life,  each  line  of  readings  must  be  assigned  to  its  appropriate  ‘block’,  for  which  the 
load/g  ratio  for  each  critical  section  is  reasonably  constant.  The  success  of  the  whole  fatigue  meter 
approach  to  fatigue  life  monitoring  depends  mainly  on  how  little  variation  in  the  load/g  ratio  can  be 
achieved  within  each  'blqck',  whilst  still  making  the  widest  possible  definition  of  a  'block'. 

It  will  be  assumed  that,  for  military  aircraft  anyhow,  the  fatigue  meter  will  be  read  sfter  every 
sortie,  so  that  at  least  there  is  no  difficulty  m  c  llectmg  the  'g'  records  into  'blocks'  of  similar 
flight  types.  So  the  first  task  is  to  determine  the  range  over  which  each  flight  parameter  car.  vary 
without  the  load/g  ratio  altering  by  more  than  an  acceptable  amoun*.  Obviously,  the  narrower  the  'block' 
band  width  for  a  given  parameter,  the  more  constant  the  loud/g  ratio  wilJ  be  for  that  block,  and  hence  the 
more  accurate  the  fatigue  damage  estimate  will  be.  However,  the  over-riding  consideration  in  determining 
the  'block'  band  widths  is  the  complexity  of  tft->  parameter  required  ano  whether  the  operator  can  (or  will) 
supply  the  data.  If  the  parameter  required  is  simple  (e.g.  take-off  weight,  fuel  weight  etc.)  then  there 
is  generally  no  problem  in  getting  the  precise  flight-oy-flight  values,  and  the  choice  of  'block'  band 
width  is  with  the  designer,  and  only  involves  making  a  compromise  between  the  calculation  accuracy 
required  and  the  extra  analysis  involved.  But  if  the  ruling  parameter  affecting  load/g  is  less  precise 
(e.g.  the  height/Mach  no.  at  which  an  exercise  was  carried  out)  the  FMDS  returns,in  response  to  questions 
of  this  kind, are  likely  to  be  less  reliable,  and  the  preferable  course  is  for  the  designer  to  accept  a 
broader  line  of  quostionning  and  a  broader  'block'  band  width,  and  try  to  estimate  the  effect  of  the  more 
variable  load/g  ratio  within  the  'block'. 

In  the  (usual)  event  that  the  'block'  band  width  has  to  be  wider  than  'ha  designer  would  choose, 
because  of  the  limitations  in  getting  come  flight  parameter  da  a,  then  the  fatigue  damage  calculations 
will  have  to  be  based  on  an  'average'  load/g  ratio  for  the  block1.  Tb’s  can  be  determined  in  a  variety 
of  ways.  The  simplest  is  just  to  use  the  maximum  load/g  value  for  the  'block1,  which  is  a’ right  if  a 
conservative  life  estimate  is  acceptable.  Howe' »r,  if  the  variation  of  load/g  within  t(  ■  'block1  is 
large,  and  the  'block'  band  width  cannot  be  reduced,  tnen  the  only  procedure  left  is  to  calculate  a 
'weighted  average'  figure.  It  is  necessary  to  estimate,  by  whatever  means  are  available,  the  proportion 
of  the  total  flying  covered  by  the  'block'  which  occurs  .n  each  part  of  the  block.  Then, by  assuming 
that  the  'g'  counts  relevant  to  that  'block'  ar<»  distributed  to  each  part  of  the  'block'  m  the  same 
proportions,  the  fatigue  dm..age  can  be  calculated;  and  from  this  the  'weighted  average'  load/g  which  does 
the  same  damage  when  applied  to  the  total  'g'  counts  for  the  'block'  is  calculated. 

If  too  much  reliance  has  to  be  placed  on  estimating  'weighted  average'  lood/g  values,  because  either 
the  load/g  ratio  varies  so  much  for  the  particular  aircraft  typo, or  it  is  impracticable  to  ask  for 
narrower  'block'  band  widths,  then  the  reliability  of  the  life  estimates  must  be  reduced.  But  another 
vital  ingredient  in  the  procedure  is  to  win  the  support  of  the  operator, at  the  source  of  the  data.  All 
personnel  involved  in  making  the  FMDS  returns  should  be  instructed  in  the  purpose  of  all  this  endless 
form-filling  and  recording  of  operational  statistics,  in  order  to  maintain  i  high  level  of  accuracy 
throughout  the  whole  service  life  of  the  aircraft.  For  the  designer's  part,  he  must  do  everything 
possible  to  make  the  operator's  task  easier,  by  not  trying  to  achieve  more  'accuracy'  by  demanding  too 
many  'blocks'. 

It  is  not  possible  to  go  into  any  more  detail  about  planning  the  FMDS  in  this  section,  because  each 
aircraft  has  its  own  peculiar  problems.  In  section  6  of  this  lecture  some  examples  of  the  aoove 
procedure  will  be  presented,  which  will  illustrate  tne  way  some  ot  these  problems  are  tackled  in  the  U.K. 
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l).  FATIGUE  METER  FORMULAE 

Having  (hopc^ullyi)  determined  a  number  of  a/orage  load/g  values  that  apply  to  a  corresponding 
number  of  'blocks*  in  the  complete  flight  envelope,  and  having  established  a  v.oy  of  identifying  tne  'g' 
records  with  the  various  'clocks',  the  designer  con  then  produce  a  formula  for  converting  the  'g' 
records  into  fatigue  damage, or  its  equivalent,  it  must  be  said  straight  away  that  the  development  of 
formulae  in  the  U.K.  has  been  influenced  by  the  need  to  provide  formulae  in  the  simplest  possible  form, 
because  the  current  practice  is  for  the  operator  to  analyse  the  FMDS's  and  then  'update'  tne  fatigue  life 
by  a  'hand'  calculation.  In  these  circumstances  it  is  obviously  necessary  that  each  calculation  shall  bo 
able  to  be  done  simply.. 

Bearing  this  in  mind,  'fatigue  meter  formulae'  ore  often  based  on  the  method  developed  at  the  RAE 
by  Phillips  (ref  2).  For  those  not  familiar  with  this  method,  a  brief  description  will  be  given.  The 
total  'g'  spectrim  for  a  'block'  is  divided  into  2  parts  1)  a  turbulence  component,  consisting  cf  the 
total  negative  'g'  spectrum  and  a  corresponding  equal 'mirror  image'  positive  'g*  spectrum;  that  is,  a 
spectrum  symmetrical  about  lg.  2)  a  manoeuvre  component,  consisting  of  the  remaining  positive  'g' 
spectrum,  associated  with  an  arbitrary  negoti.^  g'  spectrum  in  which  the  negative  'g'  levels  are  (ray) 

-  ,15  x  the  positive  'p '  levels.  This  is  done  to  allow  for  some  'overawing'  when  recovering  the 
aircraft  from  a  high  positive  'g*  manoeuvre.  A  typical  spectrum  is  shown  in  FAg.2. 

The  turbulence  component  frequency  curve  is  idealised  as  a  straight  line  AB  in  Fig;  2,  and  by 

assuming  tne  S-N  curve  for  the  section  can  be  written  in  the  form  f  ---  +  Na/J~N ,  it  is  shown  that  the 

fatigue  damage  due  to  the  turbulence  component  can  be  written  in  the  form  :- 

^T  =  ci  Ejl  +  C2  E2  (1) 

The  manoeuvre  component,  fatigue  damage  is  estimated  simply  by  assuming  all  the  'g'  counts  between  each 
pair  of  'g'  levels:-  L-  to  Li,,  L4  to  Lt^and  Lj  to  Lg  occur  at  the  mid-interval  'g'  value.  This  leads 
to  an  expression  for  fatigue  damage  in  the  form  t- 

Qm  =  c4  De3  “  E2>  “  *B4  “  BlD  (?) 

+  C5  £(Eq  -  £^)  -  E^J  +  cy  Eg 

The  total  fatigue  damage  due  to  turbulence  and  manoeuvres,  or, with  suitable  factors  in  tr.e  constants,  the 
percentage  of  fatigue  life  used  is  therefore  estimated  from  the  very  simple  formula  :- 

Q  =  (Ki  El  +  K2  E2  +  Kj  Ej  )  (3) 

The  same  principle  can  be  extended  to  any  number  of  Ag  measurement  levels  (usually  not  more  than  8} 

Ground-to-rir  damage,  when  significant,  is  included  as  a  separate  Urm  in  Eq  (3),  and  in  most 
instances  is  simply  a  function  at  Take  Off  Weight  and  the  number  of  landings. 

Sometimes  a  slightly  refined  version  of  Phillips'  method  is  used,  in  which  the  fatigue  damage  due 
to  the  'g'  counts  between  each  pair  of  adjacent  -g'  levels  is  estimated  by  dividing  the  L  interval  into 
a  number  of  small  'steps'  and  summing  the  incremental  damage  for  each  'step'.  Also  it  is  not  necessary 
to  assume  that  the  S-N  equation  is  in  the  form  used  by  Phill^^s;  any  conventional  set  of  S-N  data 

will  give  a  damage  formula  in  the  same  form  as  Sq (3).  Where  another  S-N  curve  shape  is  used,  then  the 

procedure  for  calculating  the  fatigue  damage  in  the  interval  to  Lj  for  example  would  be  to  draw  a 
series  of  load  spectra, with  unit  E^  (say),  for  ratios  at  ^  and  calculate  the  damage  AQ  for  each 
spectrum.  When  A Q  is  plotted  against  B2/Elj the  result  is  a  very  fiut  curve  (passing  through  Q  =  0, 
Eg/Ei  ■  1,  not  0), but  a  straight  line  can  be  fitted  to  the  curve  which  will  result  in  very  little  error 
in  AQ  over  the  useful  range  at  Bg/Ei  (see  Fig. 3) 

i.o.  AQ/E^  =  C2  (.Eg/Bi)  cj[  (4) 

which  iG  the  same  as  Eq  (1). 

The  damage  calculations  are, of  course, based  on  the  appropriate  S-N  curve(s)  end  load/stress  ratio 
for  the  section,  together  with  the  load/g  ratio  for  each  'block'  i.e.  there  is  a  separate  damage 
calculation  for  each  'block*  and  each  critical  section.  The  S-N  curves  are  'adjusted'  to  pass  through 
any  test  result  points  obtained  from  the  full  scale  fatigue  test,  and  all  the  necessary  safety  factors 
are  also  included.  This  means  that  the  safe  fatigue  life  is  reached  when  the  percentage  life  consumed, 
a f  calculated  by  the  formula,  reaches  100?:.  However,  sometimes  the  formula  is  issued  to  the  operator 
before  any  test  result  is  available.  If  eventually  the  full  scale  test  result  indicates  that  the  life 
is  longer  than  originally  predicted,  it  would  be  safe  for  the  aircraft  to  continue  in  service  after  the 
percentage  life  consumed  iwo  reached  100$,  based  on  the  original  formula.  Rather  than  change  all  the  - 
co-efficients  in  the  formula,  which  would  involve  the  operator  in  having  to  recalculate  a)l  his 
•update'  totals,  the  concept  of  calling  Q  the  'Fatigue  Index'  (F.I.)  was  introduced.  Thus  the 
designer  is  able  to  simply  issue  an  instruction  to  ii.o  operator  that  he  may  lly  the  aircraft  ‘up  to  an 
F.I.  of  170’  for  example,  without  having  to  explain  how  it  is  possible  to  acb. eve  170$  of  the  6afe  life) 

As  will  be  shown  in  the  examples, this  basic  formula  form  is  often  modified  in  other  ways  also,  to 
suit  the  particular  problem.  The  usual  practice  is  to  account  for  the  difference  in  'damage'  done  by 
one  'block'  and  another  by  applying  an  overall  factor  to  one  formula, rather  than  quoting  separate 
formulae  for  each  'block'. 

If  a  computer  is  used  for  all  the  analysis  work,  then  there  is  no  real  need  to  make  approximations 
in  the  damage  ca-culation  in  order  to  achieve  a  simple  formula,  because  the  computer  can  obviously 
handle  more  ccmplicetod  expressions  and  still  do  all  the  Analysis  in  3n  acceptable  time.  The  use  of  a 
computer  would  enablo  much  tighter  control  to  ba  kept  over  a  large  fleet,  because  the  'updr1''"  could  be 
done  much  .lore  frequently.  Also  narrower  'block'  band  widths  could  be  used,  provided  the  a,.*a  was 
available.  A  typical  more  refined  method,  which  was  used  recently  in  the  U.K.  in  a  computer  analysis  of 
a  large  amount  of  fatigue  meter  data,  is  given  in  Appendix  1. 


5.  THE  mj  SCALE  FATIGUE  TEST 

In  the  U.K.  it  is  regarded  ns  desirable  to  carry  out  a  full  scale  fatigue  test,  as  a  find 
demonstration  of  the  fatigue  life  of  the  aircraft.  In  my  opinion,  i  *■  is  preferable  tc  delay  this  test 
until  enough  service  experience  has  been  gained  to  be  able  to  measure  the  flight  load  spectrum  that 
ought  to  be  simulated  on  test,  rather  than  base  the  test  loads  on  a  theoretical  flight  plan  and 
calculated  loads.  The  eonaoquences  of  sotting  up  the  test  based  on  calculated  ('rigid1  aircraft) 
loads  before  any  flight  measurement  trials  have  been  conducted  is  illustrated  in  Fig.h.  It  was  found 
for  this  aircraft  that  the  dynamic  overawing  effects  at  mid-span  were  considerable,  so  that  although 
the  test  load  spectrum  was  a  block  programme  representing  the  measured  'g'  spectrum,  the  fatigue  damage 
being  achieved  on  test  at  mid-spar,  was  less  than  ir.  >.nu  sircral*  i"  ser-'ce.  The  case  for  delaying  th> 
test  is  possibly  stronger  for  military  aircraft  than  for  civil  aircraft.  The  utilisation  rate  of  civil 
aircraft  is  often  so  nigh  that  the  fatigue  test  must  start  before  the  aircraft  goes  into  servire^in 
order  that  the  test  shall  get  sufficiently  'far  ahead'  of  the  lead  aircraft  before  the  tine  that  the  first 
cracks  might  appear  in  service.  Also  ti~  flight  plan  (initially  anyhow^  flown  m  service  by  a  civil 
aircraft  is  more  likely  to  bear  a  close  resemblance  to  the  flignt  plan  m  the  specification.  But  for 
military  aircraft  the  opposite  trends  are  more  usual.  There  is  usually  ample  time  to  get  the  'test  hours 
ahead  of  the  lead  aircraft  even  if  the  start  of  the  test  is  delayed  for  some  years,  before  the  critical 
fatigue  life  is  reached.  Also  the  acturl  flight  plans  are  moie  likely  to  be  significantly  different 
from  those  used  in  the  design  calculations  and  the  original  specification. 

Strain  gauges  should  be  fixed  on  the  full  scale  lest  specimen  m  the  same  positions  as  on  the 
flight  trials  aircraft,  so  that  the  tost  loads  may  he  compared  with  the  flight  loads.  The  aim  should  be 
to  achieve  the  seme  ioad/g  values  on  test  as  on  the  aircraft  at  all  the  likely  entice!  .actions,  although 

often  compromises  will  have  to  bo  made  in  order  to  arrive  at  a  practical  test  loading  distribution.  In 

practice  the  loading  programme  is  adjusted  within  small  limits  until  the  fatigue  damage, based  on  the 
test  load  spectrum, equals  the  damage  based  on  the  measured  aircraft  spectrum, at  the  most  critical  section. 
For  all  other  sections  it  will  be  necessary  to  apply  a  factor  to  the  test  result,  to  convert  it  into  the 
equivalent  life  achieved.  The  comparative  fatigue  damage  calculations  on  which  such  factors  are  based 
must  be  based  on  the  same  S-N  curvts  and  load/stress  ratios  as  used  in  the  fatigue  meter  formulae 
calculations,  of  course.  However,  care  must  be  taken  when  interpreting  a  test  result  wnen  the  ‘ect  stisss 
spectrum  at  a  particular  section  is  different  from  the  aircraft’in  service' spectrum.  Kirkby  in  ref. .5 
warns  of  the  risk  of  over-e  climating  the  actual  service  life  on  the  basis  of  comparative  damage 
calculations  if  the  test  stress  spectrum  Is  more  severe  than  the  service  spectrum.  For  example,  suppose 
a  test  carried  out  under  a  certain  spectrum  resulted  in  a  test  life  equivalent  to  308OO  hours;  DUt  it  is 
found  that,  although  the  test  and  service  spectra  are  the  same  shape,  the  service  stresses  are  all  y>% 
Lower.  Based  on  a  comparative  da  .arc  calculation,  the  estimated  service  life  would  be  77000  hours;  but 
the  actual  service  was  only  71000  hours.  Thus,  the  life  achieved  11,  .ervice  wan  only  90%  of  that 

predicted.  Also  comparatively  small  changes  in  spectrum  snape  car.  product  a  dramatic  effect  on  the  life 

estimate.  In  particular  if  the  test  soectrum  contains  even  a  few  high  stresses  which  do  not  occur  in 
tr.e  service  spectrum,  there  is  a  very  real  risk  cnac  the  comparative  damage  calculation"-  will  result  in 
unsafe  service  life  estimates. 

If  the  strain  gauges  are  poi  itioned  i  'entic-lly  on  the  flignt  test  aircraft  and  full-scale  tost 
specimen,  and  the  load  ir.  the  critical  section  car.  be  related  direct.y  to  a  strain  gauge  reading,  it  is 
not  really  necessary  to  know  the  actu.J  sir*>8c-  1.,  that  section.  Once  a  test  result  has  been  acnievcJ, 
a  damage  calculation  can  be  made,  based  on  the  .»•!!  curve  jpprepria  :e  to  the  section,  to  find  the  value 
of  the  lond/»trosf>  ratio  that  will  resu’t  in  a  damage  equal  to  unity  for  the  test  result.  Thus  the 
ordinate  of  the  S-H  curve  is  now  the  p.  oo.-ct  of  the  actual  (unknown)  loud/stress  ratio  and  the  test  result 
facte"  (on  stress).  Alterr'tively,  the  S-P'  -uve  ran  tie  converted  into  a  'Load-N'  curve,  or  even  into 
a  'g-N'  curve,  if  this  will  m.  .e  the  fatigue  forntul.  calculations  easier. 

6.  SXAnFI.ES  OF  CURRENT  AIRCRAFT  FOWULA  DERIVATIONS 

it  is  prop.sed  n< v  to  pars  from  the  general  discussion  on  the  problem  of  how  to  analyse  fatigue 
meter  data  to  some  eximples  of  :  e  procedure  in  action. 

The  examples  ce  chosen  from  both  categories  ox  the  problem:- 

A.  Fighter  type  oinraft,  loaded  mainly  by  manoeuvre  loads. 

8,  Transport  cr  bomber  r  ireraft,  I'-ided  mainly  by  gusts,  or  manoeuvres  which  are  treated  in  the 
same  way  as  gusts. 

A.  Load/g  ratio  in  fighter  type  aircraft 


In  a  conventional  fighter  type  of  aircraft  there  is  generally  no  g'-eot  problem  in  calculating  ‘he 
load/g  ratio  for  the  critical  sections.  Tne  aircraft  is  usually  treated  as  n  ‘rigid1  structure,  and  so 
the  load/g  ratio  is  constant  ove"  the  who.e  range  of  ’g*  required.  The  rate  of  appl'  mg  the  'g*  loads, 
which  uffects  the  wing  loads  because  the  tail  loads  needed  vary  with  rate,  ia  not  ‘suer,  into  account,  as 
it  usually  nae  only  a  small  effect  on  the  load/g  ratio. 

It  is  fortunate  that  nea 'ly  ell  sortie  pa*  terns  for  this  type  of  aircufe  consist  of  a  straight¬ 
forward  transit  phase  to  the  combat  or  training  area,  the  operational  xercise,  and  a  transit  phase  back 
to  vase.  Tb  simplify  the  calculations  it  is  assumed  that  all  the  manoeuvre  loads  which  will  cause 
significant  fatigue  damage  occur  in  the  operational  exarcise  pa"t  of  the  sorti  .  Gust  and  mano  .vre 
loads  that  occur  during  the  transit  phases  are  assumed  to  be  negligible  by  comparison.  .lore  often  than 
not,  the  GTAC  is  also  negligible  by  comparison  with  the  manoeuvring  loads,  and  is  Iso  ignored  The 
important  point  of  this  assumption  is  that  the  variation  in  1  oe:/»  due  to  change  in  aircraft  weight  as 
fuel  is  used  up  can  be  avoided,  simply  by  assuming  that  all  the  'g'  counts  occur  at  the  operational 
exercise  moan  weight.  Generally  this  will  bo  the  average  of  the  take  off  and  landing  weights,  but  this 
is  not  always  so  in  heav  aircraft. 
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Howover,  oven  if  the  nbove  simplification  is  acceptable,  problem#  still  arise  when  the  sortie* 
pattern  is  more  complex,  The  additional  complication  ia  due  to  the  nature  and  variability  of  the 
operational  exercises  that  may  be  performed.  Moot  service  aircraft  operate  in  a  variety  of  roles,  e.g. 
interception,  ground  attack,  etc.  Dropping  stores  or  tip  tanks,  flight  at  high  Mach  No.,  or  high 
vs.  low  altitude  manoeuvres,  may  all  significantly  change  the  loud/g  ratio  in  a  critical  section.  How 
then,  can  the  'g'  records  be  analysed  if  all  these  extra  parameters  have  to  be  accounted  for? 

Consider  the  example  of  a  supersonic  fighter  type  'X'.  The  critical  section  is  in  the  wing  lower 
surface,  where  the  stress  is  related  directly  to  wing  bending  moment  (BM).  Flight  test  measurements  to 
obtain  wing  bending  moments  showed  that  the  BM /g  ratio  was  not  constant,  but  varied  with  Mach  No., 
altitude,  aircraft  weight  and  c.g.  position.  It  was  also  found  that  at  high  'g'  the  spenwise  load 
grading  changed,  that  is,  less  load  is  carried  by  the  outer  part  of  the  wing  and  more  by  the  inner  part, 
this  effoct  increasing  as  the  'g'  is  further  increased.  The  result  of  this  is  that  above  a  certain 
"transition"  'g'  level,  the  load  in  the  critical  section  is  approximately  constant  regardless  of  the 
maximum  'g‘  level  reached.  The  BM/g  ratio  increases  with  both  Mach  No.,  and  altitude,  as  shown  in  Fig. 5 
until  a  high  Mach  No.,  is  reached,  after  which  the  BM/g  ratio  decreases. 

The  curves  in  Fig.  5  are  actually  the  BM/g  values  at  the  'transition  g'  value  for  each  Mach  No., 
and  altitude  combination.  The  dotted  line  indicates  the  region  of  the  flight  envelope  where  the 
maximum  ‘g’  that  can  be  achieved  is  limited  by  the  fully-up  elevator  travel,  where  this  occurs  before 
the  'transition  g'  level  is  reached. 

From  Fig.  5  it  1b  obvious  that  the  BM/g  ratio  varies  too  much  to  be  able  to  assume  that  a  single 
average  value  can  be  used.  In  a  situation  like  this,  a  compromise  has  to  be  made  between  the  accuracy 
of  the  fatigue  life  estimate,  which  can  suffer  if  a  bad  choice  of  the  average  load/g  ratio  is  made,  and 
the  impracticability  of  being  able  to  separatethe  'g'  records  into  more  than  a  few  very  broad  'blocks'. 
In  thin  case,  after  extensive  questionning  of  the  pilots  and  studying  the  training  exercise  schedules, 
it  was  concluded  that  the  manoeuvring  loads  in  a  given  flight  could  be  assumed  to  have  occurred  within 
one  of  the  following  4  'blocks'  in  the  flight  envelope 

1.  At  low  Koch  No.  (<  .75)  and  any  altitude,  but  in  practice  nearly  always  below  5000  ft. 

2.  At  Mach  No.  =.75“«95,  and  sltitudes  below  20000  ft.  but  again  in  practice  mostly  at  low  altitudes. 

3.  As  for  2.,  but  sltitudes  above  20000  ft.  (and  in  practice  mostly  above  JOOOO  ft). 

4.  At  high  Mach  No.  (>  .95)  and  any  altitude,  but  mostly  at  high  altitude. 

Accordingly  the  operator  was  asked  to  arrange  for  the  fatigue  meter  to  be  read  after  each  flight, 
and  the  pilot  enters  on  the  FMD3  in  which  'block'  the  attack/interception/exercise  phase  of  the  flight 
occurred.  In  this  way,  the  total  'g*  records  can  be  divided  into  the  4  'blocks'  above,  and  each 
•block'  can  bo  analysed  individually,  basing  each  calculation  on  a  different  avcroge  BM/g  ratio. 

Taking  into  account  the  information  received  from  the  pilots,  the  following  'weighted  average’ 

BM/g  ratios  were  chosen !- 


Block 

'Wt.av. '  BM/g 

lbf.  in/g 

1 

882,000 

2 

985,000 

3 

1,150,000 

4 

1,085,000 

Those  values  are  indicated  by  4  short  horizontal  lines  on  Fig. 5. 

The  BM/g  value  for  hloek  4  appears  to  be  rather  lowj  this  is  bocouse  it  is  apparent  from  the  'g' 
records  for  this  block  that  a  large  proportion  of  the  manoeuvres  performed  at  high  Mach  No.  are  near  the 
•g'  limit  set  by  the  full  elovator  movement. 

The  BM/g  ratio  is  assumed  to  be  constant  for  all  'g'  values  up  to  the  'transition  g'  value.  In 
fact  there  is  o  small  variation  in  the  BM/g  ratio  with  'g's  the  value  tends  to  get  smaller  as  'g' 
increases.  As  the  fatigue  damage  done  by  the  lower  'g'  values  is  a  small  proportion  of  the  total  damage, 
it  in  not  considered  necessary  to  use  higher  /nlues  than  shown  in  the  table  above,  especially  as  the 
next  assumption  discussed  below  tends  to  be  severe. 

The  'transition  g'  value  also  varies  with  altitude  and  Mach  No.,  and  Fig. 6  shows  a  typical  carpel 
plot  for  one  aircroft  weight  condition.  As  one  would  expect,  the  'transition  g'  value  falls  as  the 
altitude  increases,  for  a  given  Mach  No..  Note  that  the  solid  lines  in  Fig. 6  indicate  the  'transition  g', 

and  not  the  maximum  'g'  that  eon  bo  applied  at  that  altitude/Mach  No.,  The  dotted  lines,  however,  do 

indicate  the  maximum  'g'  that  can  be  applied,  which  is  limited  by  the  full-up  elevator  movement.  The 
4  'blocka*  of  the  flight  envelope  ore  also  shown  in  Fig. 6.  Here  the  task  of  determining  the  correct 
BM/g  ratio  'cut  off  ie  impossible,  as  the  altitudo/Moch  No.  for  each  manoeuvre  cannot  be  related  to 
its  'g*  count.  In  these  circumstances,  it  is  only  possible  to  make  the  most  soverc  assumption,  which 
ia  to  delay  the  'cut  off  until  the  highest  likely  value  of  ’g',  i.e,  a  value  at  or  near  the  'peak'  of 
each  'block'  diogr«n  In  Fig. 6.  This  assumption  is  net  seriously  pessimistic  for  'blocks'  1  or  2  , 
because  most  of  the  flying  ie  done  at  altitudes  below  5000'  anyway |  or  for  block  4,  because  high  Mach  No. 
tendo  to  be  associated  with  high  altitude.  The  assumption  in  rother  pessimistic  for  block  J, 

The  finnl  BM/g  r»tio,used  to  derive  the  4  fatigue  meter  formulae,  Is  summarised  in  the  curves 

shown  in  Fig.7,  In  the  wny  described  above,  the  complicated  variation  of  the  ratio  shown  in  Fign.  5  and  6 
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.nave  been  reduced  to  4  very  sir  ->ls  relationships.  Note  that  Fig. 7  only  applies  to  one  aircraft  weight. 

The  final  adjustment  is  to  vary  the  ’transition  g'  cut-off  in  proportion  to  1/  (average  sortie  weight), 
because  the  spanwise  load  grading  is  a  function  of  the  wing  incidence  (i.e.  total  lift). 

For  this  aircraft,  as  the  3M/g  ratio  for  each  'block'  is  constant  above  the  'transition  g* ,  the  'g* 
frequency  curves  are  effectively  truncated  at  tne  'transition  g*  value,  and  so  the  formulae  in  section  6 
have  to  be  modified  accordingly.  As  the  truncation  level  varies  with  the  average  sortie  weight, 
the  F.I.  also  depends  on  the  weight.  Sample  ealculationSjdone  for  a  variety  of  spectrum  shapes, 
indicated  that  the  variation  in  F.I.  with  average  sortie  weight  was  approximately  linear  over  the  range 
of  weights  needed.  Therefore  it  was  considered  sufficiently  accurate  to  base  the  formulae  on  the 
'transition  g'  levels  for  W0,  and  account  for  variations  in  weight  by  including  another  term  in  the 
formula.  The  final  foimulae  were  in  the  form 

F.I.  =  (1  +  a  (W-W0))  (Xj  Kj  Eg  •*  K*  Ej  +  —  (5) 

where  a  -  constant 

The  whole  analysis  is,  therefore,  reduced  to  :- 

1)  identifying  the  broad  sortie  typo,  and  assigning  each  flight  to  a  'block'  number 

2)  recording  the  take-off  and  landing  weights  for  each  flight,  from  which  W  is  obtained. 

3)  summing  up  all  the  'g'  counts  in  each  'block'  type  and  W  band  sub-groups. 

4)  applying  the  data  to  the  formulae  and  evaluating  F.I.  for  the  period  of  flying,  which 
is  then  added  to  the  previous  accumulative  total  of  F.I. 

This  analysis  is  performed  by  the  operator  until  the  F.I,  =  30%  of  the  permitted  maximum  F.I. 

When  this  value  is  reached,  the  standard  procedure  in  the  U.K.  is  for  the  manufacturer  to  be 
contracted  to  carry  out  a  complete  re-assessment  of  the  fatigue  life  calculations.  This  involves 
checking  the  sortie  pattern,  to  see  if  any  changes  in  operational  pattern  have  occurred  in  service  which 
have  not  already  been  accounted  for;  checking  the  mete-  >.ecords  and  reviewing  any  doubtful  data; 
reviewing  any  new  test  data  etc.,  'file  remainder  of  the  service  life  i3  then  kept  under  very  close 
scrutiny  ns  the  final  part  of  the  safe  life  is  used  up. 

B.  Lond/g  ratio  in  bomber/trar.sport  type  aircraft 

As  discussed  in  example  A,  although  the  conplex  vsrion  of  load/g  during  the  combnt/exercise  phase 
of  a  fightc-r  sortie  may  be  c  difficult  problem  to  simplify,  at  least  it  can  usually  be  assumed  that  all 
the  'g'  counts  will  occur  during  this  phase.  However,  the  problem  in  the  large  bomber  or  transport  type 
aircraft  is  the  other  way  about.  Generally  there  is  no  great  variation  in  the  type  of  flying 
performed  over  the  whole  flight,  but  the  fatigue  damage  is  now  done  by  load  cycles  which  occur  all 
through  the  flight  and  not  especially  in  cne  phase.  The  load/g  ratio  is  probably  not  constant 
taroughout  the  flight,  and  certainly  aircraft  weight  will  again  be  an  important  parameter.  The  basic 
problem  described  earlier  still  exists;  that  is,  how  to  determine  a  constant  load/g  value  for  use  with 
a  giver,  'block'  of  counting  accelerometer  data. 

Provided  the  flying  contains  no  abnormal  manoeuvres  for  this  tvpa  of  airciaft,  the  general 
practice  in  the  U.K.  is  to  assume  that  the  dirtribation  of  counting  accelerometer  'counts'  will  be  in 
accordance  with  the  thoroetical  distribution,  based  on  the  flight  profile  and  the  standard  gust  data. 

The  standard  gust  data  used  is  obtained  from  ref.  1,  which  (for  wings)  is  assumed  to  .nclude  the  effect 
of  normal  manoeuvring  in  a  transport  type  of  aircraft.  Ho  distinction  is  made,  when  analysing  the 
counting  accelerometer  data  which  forms  the  basis  of  the  standard  'gust'  data,  between  'g'  counts  due 
to  gusts  o-  due  to  manoeuvres;  therefore  the  total  'gust'  frequency  includes  both  types  of  loading. 
However,  it  has  to  be  assumed  that  there  is  not  a  great  deal  of  difference  between  the  load  in  a 
critical  section  due  to  a  'lg  gust'  and  a  Ig  manoeuvre,  if  the  calculation  is  to  be  based  solely  on  the 
standard  'guc-t'  data. 

The  general  procedure  is,  therefore,  as  follows 

1.  befin-  the  flight  profile,  dividing  it  into  a  number  of  stages  (usually  by  height  band).  Derive 
distances  flown,  average  height,  speeds,  weights  etc.,  for  each  stage. 

2.  Calculate  for  each  flight  stage  the  incremental  lead  in  each  critical  section  and  the  Ag  at  the 

c.g.  for  a  lOfps.gust,  ar.d  the  lg  steady  flight  road. 

3.  Calculate  the  theoretical  fatigue  damage  at  each  critical  section,  using  the  appropriate  load/stross 
relationships,  S-Il  curves,  and  results  from  test  specimens. 

4.  Knowing  the  Ag  for  a  lOfps  gust  in  each  stogo,  calculate  the  total  theoretical  'g*  frequency  for 

the  flight  profile. 

5.  Derive  a  'weighted  average'  lg  load;  'weighted'  in  proportion  to  the  time  sp^nt  in  each  flight 
stage,  for  the  purpose  of  taking  this  os  a  constant  lg  value  in  the  equivalent  damage  calculation,  based 
on  the  theoretical  'g'  frequency  curve  obtained  in  4). 

6.  For  each  .rit^cnl  section,  calculate  the  fatigue  damage  based  or.  4)  and  5),  the  same  strees/load 

relationship  as  used  in  J>) ,  lor  various  load/g  ratios;  until, by  interpolation,  the  load/g  ratio  im 
obtained  which  results  in  a  fatigue  damans  equal  to  the  theoretical  damage  calculated  in  3). 

As  it  is  usual  in  this  type  of  aircraft  for  the  speeds  throughout  any  flight  to  follow  a  pre¬ 

determined  pattern,  then  b;oadly  speaking,  both  the  lg  and  gust  incremental  loads  will  be  related  mainly 
to  take  off  weight  (TOW),  zero  fuel  weight  (ZFW),  cruising  altitude  and  flight  duration.  If  the  flight 
planning  results  in  about  the  same  amount  of  fuel  remaining  at  the  end  of  eaoh  flight,  then  flight 
duration  is  related  to  TOW  and  ZFW.  Small  "ariations  in  speed  from  the  normal  operational  pattern  will 


not  affect  the  load/g  ratio  significantly,  because  both  the  loads  and  the  &g  due  to  a  gust  tend  to 
change  by  the  sane  amount  due  to  a  change  of  speed  alone,  Therefore ,  the  average  load/g  ratio  for  a 
given  flight  profile,  calculated  in  the  way  described  above,  will  be  dependant  mainly  on  flight 
profile,  TOW  and  2FW, 

Sometimes  the  load/g  ratio  is  dependant  on  even  fewer  parameters  than  the  three  above.  In  swept 
wing  aircraft,  in  order  that  the  c.g.  of  the  aircraft  shall  not  3hift  forward  or  aft  too  much  as  fuel  is 
used  up,  the  fuel  usage  drill  is  arranged  so  that  the  c.g.  of  the  fuel  does  not  alter  too  much  as  fuel 
is  consumed.  If  the  spanwise  position  of  the  fuel  c.g.  i6  near  the  spanwise  centre  of  lift  for  the  wing, 
this  can  result  in  the  load/g  ratio  for  wing  sections  near  the  wing  root  being  fairly  constant  over  a 
useful  range  of  fuel  weights,  provided  there  are  no  large  dynamic  overswing  effects  to  be  taken  into 
account.  Take  the  Comet  2  for  example.  The  fuel  ia  carried  in  5  tanks  in  each  wing,  plus  a  centre 
section  tank.  Fig  8  shows  how  the  load/g  varies  with  aircraft  weight.  Note  how  the  whole  diagram  is 
displaced  as  the  ZFW  changes,  but  the  load/  g  ratio  was  considered  to  be  sufficiently  constant,  over  the 
usual  range  of  operating  weight,  to  use  a  value  which  was  simply  a  function  of  2FW.  Therefore,  it  was 
unnecessary  to  worry  about  the  flight  profiles,  because  wherever  the  *g *  counts  occurred  during  a 
flight,  the  resulting  load  in  the  critical  wing  section  was  proportioned  to  Ag.  Ir.  this  instance,  it 
was  fortuitous  that  there  was  this  easy  solution  to  the  problem  of  obtaining  constant  load/g  ratios, 
and  so  the  additional  data  required  on  the  FMDS  was  simply  Take  Off  Weight  and  fuel  load  at  T.O. 

From  these  the  ZFW  was  obtained  (for  some  reason  the  operator  finds  ii  difficult  to  record  ZFW  directly!) 
and  the  records  were  grouped  into  4  'blocks’  according  to  ZFW,  for  which  4  formulae  were  provided^ based 
again  on  Phillips'  method. 

However,  the  solution  is  r.ot  often  as  easy  as  this.  Take  the  example  of  a  bomber  type  aircraft 
'Y*.  The  flight  profile  requirement  laid  down  in  the  design  specification  is  shown  in  Fig.  9  (a), which 
was  rOT  just  a  straightforward  long-range  high  level  mission. 

Having  entered  service,  the  strategical  requirement  for  the  aircraft  changed  radically,  as  is  so 
often  the  case,  so  that  after  a  few  years  the  actual  sortie  pattern  could  be  described  as  falling  into 
3  distinct  types  of  flight  profile 

i)  The  original  High  level  flight  profile  (see  Fig.9  (a)) 

ii)  A  High-Low-Kigh  flight  profile,  as  shown  in  Fig.  9  (b) 

iii)  An  OCU  role  flight  profile,  consisting  of  a  high  level  part,  followed  by  a  long  session 
of  circuits  and  approach  exorcises,  as  shown  in  Fig.  9  fc). 

For  these  widely  different  types  of  sortie,  the  BM/g  ratio  for  or.e  type  of  sortie  bears  no  relation 
at  all  to  the  ratio  for  another  type,  as  is  illustrated  by  the  two  curves  given  in  Fig.  10.  The  upper 
curve  shows  that  the  ratio  varier,  during  a  high  level  flight  by  nearly  1.5:1  which  con  hardly  be 
regarded  as  constant.  The  lower  curve  varies  a  little  less.  For  other  Take  Off  Weights  and  ZFW's  the 

curves  were  different  again.  It  was,  therefore,  necessary  to  derive  average  values  for  the  EM/g  ratio 
for  every  variation  of  flight  profile  and  weight,  using  the  procedure  described  above.  The  average  values 
thus  calculated  are  snown  by  dotted  lines  in  Fig. 10.  Note  how  the  average  values  are  biased  towards  the 
low  altitude  part  of  the  flight  BH/g  values,  which  is  where  most  of  the  'g'  ccuntG  would  be  expected  to 
occur.  It  is  an  unfortunate  coincidence  that  the  2  overage  values  shown  are  so  close  together;  for 
other  weights  the  average  values  are  different! 

Once  again,  as  was  the  cose  for  the  fighter  type  aircraft  'X‘,  it  was  necessary  to  conduct  a 
thorough  survey  of  the  whole  sortie  pattern  for  the  aircraft,  to  establish  how  many  'blocks'  the  fatigue 
meter  records  would  nave  to  be  divi-'»d  into.  Finally  it  was  decided  to  use  28  'blocks’  as  follows 


1.  High  level  sortie  with  4  different  TOW's,  at  a  light  ZFW  which  is  taken  as  being  constant  (on 
training  exercises  the  bomb  bay  load  is  negligible,  so  there  is  little  change  in  ZFW  even  if  any 
practice  stores  are  released). 

2.  As  for  1)  with  heavy  ZFW  (generally  a  heavy  bomb  bay  load  which  is  r.ot  released  in  peacetime). 

5.  High-Low  sortie  with  4  different  TOW's,  sach  TOW  associated  with  3  different  values  for  fuel 

weight  used  at  the  start  of  the  low  level  phase  of  the  sortie,  all  at  the  light  ZFW. 

4.  As  for  3)  taking  the  middle  value  of  fuel  weight  used  at  the  start  of  the  low  level  phase,  for  each 
TOW,  but  with  heavy  ZFW. 

5.  CCU  sortie  with  4  different  TOW's  and  the  light  ZF*. 

28  separate  average  BN/g  ratios  were  worked  out  for  4  critical  sections  in  the  wing  and,  therefore, 
potentially  there  could  have  been  28  different  fatigue  meter  formulae  for  each  critical  section!  Put 
this  was  considered  at  the  time  to  be  too  complicated  for  the  operator  to  apply,  and  30  the 
presentation  was  simplified  in  the  following  manner:- 


1.  The  16  'blocks'  with  the  light  ZFW  (i.e.  blocks  of  type  1  and  3)  were  all  related  by  a  factor  Cj 
to  a  'datum'  block,  which  was  selected  as  the  most  frequently  occurring  block  from  this  group  of  16. 
fhen  16  fatigue  lives  were  calculated  for  each  critical  section,  based  on  the  16  average  SM/g  ratios 
and  the  measured  's’  spectrum  for  the  'datum'  block.  (The  fatic'd  meter  formulae  were  not  prepared 
un'il  the  aircraft  type  had  been  in  service  for  several  years,  and  a  „wusidcrable  amount  of  fatigue 
meter  data  wae  available).  Based  on  these  lives,  the  factor  C*  is  defined  as 


for  sortie  'p' 


fatigue  life  for  sortie  'p' 
fatigue  life  for  'datum'  sor tie 


(6) 


2.  A  single  fptisue  meter  formula  (for  each  critical  section)  was  obtained  using  Phillips'  method 
and  the  'datum'  oortie  BM/g  ratio. 
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3.  Because  there  were  so  few  sorties  flown  with  heavier  ZFH's,the  extra  complication  of  providing 
separate  formulae  for  these  sorties  (i.e.  blocks  of  type  2)  and  |t))was  not  justified.  Instead  these 
sorties  were  allowed  for  by  first  considering  then  as  though  they  were  ’light  ZFW'  sorties,  and  then 
factoring  the  formula  up  by  a  factor  Cj.  For  each  sortie  type  the  theoretical  fatigue  damage  had 
already  been  worked  out  in  order  to  derive  the  average  BH/g  ratios,  both  for  'light*  ZFtf  and  ’heavy’ 
Using  these  results,  the  factor  Cp  was  defined  as 

theoretical  damage  for  sortie  ' q *  (heavy  ZFV) 

= - — -  (?) 

theoretical  damage  for  sortie  'o'  (light  ZFrf) 


ZrV  cases. 

Cp  for  sortie  'q' 


In  the  event  that  a  heavy  store  fc  released  during  a  sortie,  the  value  of  Cp  used  is  taken  as 
the  average  value  of  Cp  for  the  ZFW  before  and  after  dropping  the  store  (H.Bi  the  Z*V  after  dropping 
the  store  is  not  necessarily  the  'light'  ZFW  value). 

h.  Separate  formulae  were  provided  for  the  OCU  sorties,  as  the  flight  profile  wa3  so  different  from 
the  others. 


Therefore,  out  of  the  28  sortie  types  could  be  dealt  with  by  using  ono  formula,  of  the  form 

F.I.  =  Cx  x  Cp  (Kr  x  Kp  Ep  +  Kj  Ej  r  -  )  (8) 

where  the  values  for  Cj  and  Cp  are  supplied  in  tables  for  various 
sortie  descriptions  and  ZFW  values. 

It  should  be  mentioned  finally  that  the  'datura'  formula  (inside  the  bracket  of  £q  (8))  includes 
a  GTAC  term,  and  the  Cp  factor  also  contains  an  allowance  for  GT’AC  damage.  The  GTAC  contributes  between 
yk  -  15£  to  the  F.I.,  according  to  the  sortie  type  flown. 


?.  FURTHER  DEVELOPMENT  IN  THE  USE  OF  FATIGUE  METERS 


Ihe  fact  that  the  fatigue  meter  does  not  record  when  the  variou  'g'  counts  occurred  during  a 
flight  leads  to  the  fatigue  calculations  having  to  be  based  on  assumed  distributions  of  the  'g'  counts, 
and  'weighted  average'  load/g  values.  If  the  load/g  ratio  varies  throughout  the  flight  by  a  large 
amount,  then  the  estimate  of  an  average  value  for  the  flight  can  be  unreliable,  to  say  the  least;  but 
if  the  maximum  load/g  value  is  used,  the  F.I.  may  be  badly  over-estimated,  which  is  not  altogether 
desirable  either.  However,  there  are  special  situations  in  which  the  load/g  ratio  is  known  to  vary 
suddenly  at  some  identifiable  point  during  the  flight.  For  example,  in  a  'swing-wing'  aircraft  it 
would  be  expected  that  the  load/g  ratio  for  a  wing  section  would  vary  greatly  in  the  swept  and  un-swept 
configurations.  An  ordinary  FMD3  return  oould  net  possibly  be  expected  to  give  any  reliable  data  on 
the  amount  of  manoeuvring  that  took  place  before  and  after  the  wing  was  moved,  nor  even  exactly  when 
in  the  flight  it  was  moved.  Yet  without  this  data,  it  is  very  difficult  to  make  any  reliable  estimate 
of  on  average  load/g  value  to  apply  to  the  whole  flight. 

To  meet  this  problem,  the  feasability  of  a  'multi-mode'  fatigue  meter  could  be  considered.  This 
instrument  would  contain  two  sets  of  'g'  counters,  one  of  which  is  switched  on  when  the  wing  is  in  the 
un-swept  position,  whilst  the  other  set  is  switched  off.  When  the  wing  is  swept  back  past  a  given  angle, 
the  first  set  is  switched  off  and  tne  second  set  is  switched  on.  In  this  way  the  'g*  counts  for  each 
part  of  the  flight,  with  the  wing  un-swept  or  swept  back,  would  be  recorded  separately.  Thus  each 

part  of  the  flight  could  be  related  to  its  own  average  lcad/g  value,  which  would  be  b.sed  only  on  the 
(presumably)  much  smaller  variations  in  load/g  occurring  in  that  part.  As  a  result,  the  confidence 
in  the  life  estimate  would  be  higher  than  if  no  separation  of  the  'g'  counts  had  been  possible. 

Other  examples  of  situations  where  a  multi-mode  meter  might  be  useful  are  if  hea«y  stores  ere 
released  regularly,  but  not  necessarily  at  the  mid-point  of  the  flight;  or  if  manoeuvres  at  nig'n  *g’ 

■are  performed  with  the  wing  flaps  lowered  to  increase  the  In  both  these  examples  the  BH/g  near  the 

wing  root  could  alter  by  a  large  amount  after  the  stores  are  released,  or  the  flaps  are  lowered.  In 
these  cases  the  meter  switch  would  be  wired  into  the  release  mechanism  or  flap  position  indicator 
circuits  respectively. 

8.  CONCLUDING  REHARKS 


The  counting  accelerometer  (or  fatigue  meter)  has  been  used  successfully  for  many  years  to  monitor 
the  fatigue  life  consumption  of  fleets  of  aircraft,  mostly  of  a  military  type.  However,  the  initial 
^s-.'-pt  that  the  'g'  readings  could  be  directly  related  to  stress  cycles,  on  the  basis  of  a  single 
value  of  the  lond/g  or  stress/g  ratio,  has  gradually  developed  if  to  a  sometimes  complicated 
assessment  of  the  'average'  value,  as  aircraft  ai<d  roles  have  become  more  complex. 

Fast  experience  has  shown  that  generally  the  overall  utilisation  of  a  fleet  can  be  extended  as  a 
result  of  the  analysis  of  all  tho  fatigue  meter  data,  if  every  aircraft  is  fitted  with  a  fatigue  meter. 
Searing  in  mind  that  part  of  any  life  extension  will  be  due  to  tho  reduction  in  safety  margin  which  is 
allowed, because  the  loading  history  of  every  aircraft  is  individually  recorded,  this  con  easily  be 
nullified  if  it  becomes  necessary  to  make  an  over-conservative  estimate  of  the  load/g  value.  Therefore, 
the  effectiveness  of  the  fatigue  meter  is  directly  related  to  the  ability  of  tho  designer  and  operator 
together  being  able  to  make  a  realistic  analysis  of  the  flight  and  load/g  patterns.  In  my  opinion, 
the  examples  for  aircraft  'X'  and  'Y'  presented  in  this  lecture  represent  about  the  limit  in  role 
complexity  that  can  still  be  monitored  realistically  by  a  simple  fatigue  meter.  For  more  complex 
applications  the  next  possibility  for  development  could  be  the  use  of  tho  multi-mode  meter,  which 
vo-ld  improve  the  accuracy  of  the  F.I.  estimate  without  much  additional  complication. 


i 
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Measured  BM/g _ 

Calculated  BM/§ 


Fig*  5«  Typical  damage  curve  for  a  segment  of  a  total  loading  spectrum 
I,^E1  to  L2  E2,  showing  how  the  curve  can  be  represented  by  a 
simple  linear  equation. 


Fraction  of  Semi-span 

4,  Comparison  between  measured  and  calculated  BM/g  in  a  large  'flexible 
aircraft  wing  subjected  to  gusts. 

(H.B:-  The  calculated  loads  are  for  a  'rigid'  aircraft;  therefore 
the  ratio  represents  also  the  dynamic  overshoot  factor). 


Mach  No. 


Curves  shovin'  hne  large  change  in  3M/g  ratio  at  the  cri  icnl  section  of  aircraft  'Y*  when  flying  in  a  High-level 
conpared  with  a  High-Low  sortie. 
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Development  of  a  method  for  estimating  fatigue  damage  from  the  fatigue  meter  recordo,  suiteble 
for  analysis  in  a  computer. 


1.  The  methods  described  in  section  4  of  the  lecture  for  calculating  the  fatigue  damage  all  make 
the  assumption  that  the  ’g’  frequency  curves  (either  +vo  or  -veAg)  are  represented  by  a  serios  of 
straight  lines  joining  each  of  the  recorded  (L,E)  points.  When  3  or  4  points  are  available  it  is  possible 
ti.  make  a  more  refined  assessment  of  the  •  g*  frequency  curves  and  fatigue  damage,  at  the  expense  of 
greater  complication  in  the  analysis.  However,  this  is  no  problem  if  the  calculations  are  done  in  a 

computer.  To  ensure  that  the  damage  calculations  for  each  individual  aircraft  in  a  fleet  are  compatible, 
it  is  essential  that  the  ’g*  frequency  curves  shall  be  defined  in  the  same  way. 

2.  The  method  described  in  this  appendix  was  developed  for  an  aircraft  fitted  with  the  Mark  14 
fatigue  meter  used  in  the  U.K.  (manufactured  by  Mechanisms  Ltd.,  Croydon,  U.K.)  This  meter  records  at 
theftg  threshold  levels  ofs- 

L1  =  -2.5e,  L2  =  -1.5g,  L?  -  -0.75g,  L4  =  +0.?5g,  L ^  =  +1.5g,  1 6  =  +2,5g,  L?  =  +4,0g,  Lg  =  +6.0g 

3.  The  total  'g'  spectrum  is  divided  into  the  turbulence  component  and  manoeuvre  component  as 
described  in  Section  4.  Each  component  is  analysed  as  follows:- 


cU 


Ls- 

(\G) . 

“ 

Lj- 


Manoeuvre  Component 


Et  Ml  Ss-6i  Ei  E^-Ej, 


Counts/ Hoofc 


1)  Fit  a  cubic  equation  to  points  P,Q,R,S. 


2)  As  Eg  is  usually  either  zero,  or  such  a  small  value  that  it  cannot  be  regarded  as 
statistically  significant,  the  point  (Lgl  Eg)  is  ignored.  But  it  is  necessary  to  consider 
leads  higher  than  L_  in  the  damage  calculation,  and  also  to  set  a  consistent  upper  limit  for 
the  calculation  for'every  aircraft  in  a  fleet.  For  tain  type  of  meter,  this  upper  limit  was 


leads  higher  than  L_  in  the  damage  calculation,  and  also  to  set  a  consistent  upper  limit  for 
the  calculation  for'every  aircraft  in  a  fleet.  For  t-.is  type  of  meter,  this  upper  limit  was 
set  at  A g  =  5»0.  Therefore  the  cubic  equation  is  used  to  find  the  frequency  E  corresponding 
to  L  =  5.  ° 


3)  Defining  L^  =  .42%  +  .57%,  the  fatigue  damage  for  the  manoeuvre  component  is  then 
calculated  in  the  usual  way,  dividing  the  frequency  curve  into  ’blocks"  at  0.2g  increments 
of  L,  from  L  =  0.2-^5»  and  associating  each  ^E  value  with  the  average  value  of  for  the 
block. 


Turbulence  Component 


4)  Fit  a  quadratic  equation  to  points  T,U,V. 


5)  Find  the  least  value  of  L,  which  is  a  multiple  of  0.2g,  for  which  E<  Eq.  Let  this  value 

-  L  « 
o 

6)  Defining  Lg  =  1  +  L,  the  fatigue  damage  for  the  gust  component  is  calculated  in  the  same 
way  as  for  the  manoeuvre  component,  from  L  =  0,2->  Lq, 

7)  Add  manoeuvre  and  gust  damage,  and  add  in  any  GTAC  damage. 


«*»>«»* 
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ThlS  Method  for  defining  theAg  frequency  curves  inside  the  commiter,  and  then  extratjo’at'' a 

£2  H  rqUenCy  end  °f  the  Spectrum’  c”ate  ^  2,  and/or  T  iTlZ^ 

high  or  low,  or  aero.  Provision  has  to  be  made  in  the  programs  to  allow  for1  this  data? 

curve  may  w^ZTJvS'iAirti  !?!,!!  “‘’"‘T1*11? •“*»  restive  to  the  other  values  of  E  ,  the  comnuted 
; r*ght  over  at  high  values  of  L  so  that  A E  becomes  negative.  If  no  steps  are  taken  to 
identify  this  condition,  an  incorrect  damage  estimate  will  result,  or  the  programme  nav  fail  In  orrie- 

rhSUUS  °CCUrrins*  tl,e  Programme  must  be  written  a)  to  accent  a  negative  A  K 
1  ’  i  „  S  w^eab,tfh  feiS  °rUrS’  *  WSrninG  maH:er  iB  °UtpUt  “»*«*  or 

',fai1uree,,  cannbeflidentified^afterwards°andeinvesti gated  to°se:Swhat^wasUwrongewithtthe'  'g^^counts^* 

?„v  ?t-2“  •  r  7“'  js*2i*  srasr* 

Ei  -  °> >  or  a  quadratic  equation  instead  of  a  cubic  (if  E„  -  o). 
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THE  USE  OF  FRACTURE  MECHANICS  PRINCIPLES  IN  THE  DESIGN  AND  ANALYSIS  OF 
DAMACE  TOLERANT  AIRCRAFT  STRUCTURES 

Howard  A.  Wood 
Aerospace  Engineer 
Air  Force  Flight  Dynamics  Laboratory 
Air  Force  Systems  Command 
Wright-Patterson  AFB,  Ohio 

This  survey  reviews  current  trends  in  the  usage  of  high  strength  structural  materials  for  aerospace  appli¬ 
cations  and  illustrates  Che  manner  in  which  fracture  control  procedures  may  be  implemented  to  achieve  a 
higher  degree  of  damage  tolerance.  Experiences  with  the  application  of  fracture  requirements  to  two 
current  designs  is  related.  These  experiences  have  contributed  immensely  to  the  formulation  of  specifica¬ 
tions  for  use  "across  the  board"  on  all  new  systems.  Important  aspects  of  the  proposed  USAF  Damage 
Tolerance  Criteria,  Including  Initial  damage  assumption  and  crack  growth  analyses,  are  discussed. 


I  Introduction 

Recent  cases  of  catastrophic  failure  of  primary  structure  in  first  line  USAF  aircraft  due  in  part 
to  the  presence  of  undetected  flaws  and  cracks  has  emphasized  the  need  for  fracture  control  procedures  to 
augment  traditional  static  and  fatigue  design  and  qualification  requirements.  Such  procedures,  when 
effectively  implemented,  would  insure  the  reduction  in  the  probability  of  catastrophic  failure  due  to 
undetected  flaws  and  allow  the  safe  operation  of  the  air  vehicle  within  the  prescribed  service  period. 

With  regard  to  aircraft  structural  design,  fracture  control  implies  the  intelligent  selection, 
usage  and  control  of  structural  materials,  the  design  and  usage  of  highly  accessible,  J.nspectable  and 
damage  tolerant  structural  configurations,  and  the  control  of  safe  operating  stresses  (Figure  1). 


Fig.  I  The  objectives  of  fracture  control  procedures 


In  design,  consideration  is  given  to  the  likelihood  that  all  new  structure  contains  flaws,  intro¬ 
duced  during  the  processing  of  the  basic  material,  during  part  forming  or  during  the  assembly  process, 
with  the  size  and  character  of  initial  flaws  governed  by  the  capability  to  detect  during  the  manufacturing 
cycle.  Analysis  and  tests  are  performed  to  verify  that  the  assumed  initial  flaws  will  not  grow  to  catas¬ 
trophic  proportions  and  cause  failure  in  the  prescribed  service  period. 

The  traditional  USAF  approach  to  insuring  structural  integrity  is  to  design  for  a  crack  free  service 
life  through  conventional  fatigue  analysis,  careful  attention  to  workmanship,  surface  finish  and  protec¬ 
tion,  detailed  design,  local  stresses  and  esse  of  inspection.  Demonstration  is  accomplished  through  a 
full  scale  airframe  cycle  test  to  simulated  service  conditions.  The  achievement  of  these  goals  of 
"fatigue  quality"  or  "durability"  are,  of  course,  essential,  and  the  implementation  of  fracture  control 
procedures  is  in  no  way  intended  to  replace  fatigue  requirements. 

Naturally,  there  has  been  resistance  among  many  to  accept  the  pre-existent  flaw  philosophy  in  air¬ 
craft  design,  because  of  the  weight  penalties  normally  associated  with  supplemental  strength  and  life 
requirements.  There  are  those  who  cite  aircraft  performance  degradation  and  the  time  and  cost  of  imple¬ 
menting  fracture  requirements  as  deterrents. 

Effective  employment  of  fracture  control  procedures  on  new  USAF  designs  has  been  hampered  by  the 
lack  of  an  adequate  material  environmental  data  base  for  most  materials,  deficiencies  in  fracture  analysis 
techniques,  uncertainties  with  regard  to  production  and  in-service  inspection  capability,  poorly  prepared 
specifications,  and  inexperience  with  respect  to  requirements  for  full  scale  proof  of  compliance  testing. 

1 1  M  aterlaxn  Utlllzatl on  -  The  Need  for  Fracture  Control 

The  obvious  desire  for  more  efficient  aircraft  structures  has  resulted  in  the  selection  and  use  of 
high  strength  alloys  in  primary  members  with  little  regard  for  the  general  decrease  in  fracture  toughness 
associated  with  increased  yield  strength  (Figure  2).  So,  too,  sophistication  in  design  and  analysis 
techniques  and  closely  monitored  weight  saving  programs  have  afforded  some  the  opportunity  to  exploit 
conventional  alloys  such  as  7075  aluminum  far  beyond  the  practical  limits  with  the  result  being  higher 
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allowable  design  stresses  with  each  aircraft  system.  These  general  practices  of  course,  have  reduced  the 
tolerance  of  the  structure  to  both  initial  manufacturing  defects  a»d  service  produced  cracks.  Critical 
flaw  sizes  are  often  on  the  order  ol  the  part  thickness  many  times  much  less,  making  positive  detec¬ 
tion  during  normal  field  service  inspections  improbable.  Higher  design  stresses,  of  course,  increase  the 
likelihood  of  early  fatigue  cracking  in-service  and  may  result  in  loss  of  fleet  readiness  and  expensive 
maintenance  ^nd/or  retrofit  programs. 


For  a  specific  application,  the  designer  must  select  a  material  of  reasonably  high  strength  in  order 
to  meet  static  strength  requirements  and  still  achieve  minimum  weight.  A  parameter  for  evaluating  struc¬ 
tural  efficiency  (o  /material  density)  will  be  mentioned  later.  In  the  selection  process,  however, 
fracture  toughness  must  be  a  consideration.  The  achievement  of  maximum  yield  strength  and  maximum  frac¬ 
ture  toughness  is  of^en  difficult  as  is  Illustrated  in  Figure  2.  It  is  generally  recognized  that  within 
certain  material  groups,  toughness  decreases  with  increasing  yield  strength.  This  trend  is  illustrated 
in  Figure  2  for  aluminum,  titanium  and  several  selected  steels  where  material  data  from  Table  1  nave 
oeen  plotted.  Variations  in  Kjc  can  be  expected  for  any  given  alloy  and  strength  level  and  these  varia¬ 
tions  are  generally  due  to  metallurgical  aspects,  Impurities  or  manufacturing  processing.  This  variability 
makes  the  selection  of  a  "design  allowable"  extremely  difficult. 


YIEID  STRENGTH  •  <r  USD 
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TABLE  1 

Typical  Material  Properties 


ot 

(?) 

(3) 

(4) 

IS) 

(») 

Ti*1<J 

Plan 

•» 

H* 

Strength 

Strain  Tcwqh. 

i,,  (rre<«t) 

*IC 

jm 

*IC 

Q6*C 

206 

S0-9C 

.120  -  .JS 

.04  -  .19 

724 

177(318) 

4J40 

270 

S3 

.12 

06 

77/ 

18? 

XX* 

247 

69 

16 

.03 

872 

244 

:$$ 

85 

20 

.100 

1007 

314 

•Ml 

29* 

#5 

.04 

.02 

1039 

141 

9*1  5Co  K 

tao-*<»o 

lie- i?o 

1.22 

-61 

fOQ 

447 

Alutf 

7075-T73 

(for?1%> 

u 

31 

.44 

.22 

660 

310 

2024-T8S1 

(puo) 

2G24-T8SI 

55 

23 

.32 

.16 

sco 

"0 

w 

28 

.46 

.23 

580 

2CT4-T6 

64 

35 

.56 

.23 

660 

707S-T8S1 

(put*) 

7I7S-TJ3 

78 

26 

.22 

.11 

7S0 

260 

(fortir*) 

! _ 

J5 

35 

,44 

.22 

750 

350 

to 

(2) 

(3) 

Ml 

IS) 

(6) 

JGtirQY  ‘ 

n«ic  —> 

■TO - 

yf 

St?tftgth 

Strain  lows?;. 

* 

*tc! 

1  <!C 

”rt 

KIC 

.  vj 

ii 

V 

0 

707$ 

:sl»MJ 

76 

27 

■it 

.13 

760 

m 

JS75-T6 

(forging) 

7« 

27 

.26 

7S0 

270 

70J9-T6 

69 

30 

.33 

19 

690 

300 

Ti  o»1*4V(ma) 

137 

50*60 

■13(  19) 

856 

*12(3751 

U  6*1-3V(STA> 

158 

45 

u 

.0? 

983 

256 

T*  tJ-tf-llrtM) 

l» 

JL-50 

10(  22) 

©$(.11) 

937 

2*9(31?) 

T< 

163 

34 

.08 

04 

1018 

252 

168 

^ _ 

04 

•« 

10S j 

l’“ 

**  ASTK  Thick****  fcaqulraa  for  ?Un»  Strain  fractwrw 


Uu<v»t«nt  to  *€  fnr  *  .6jyl 


■.y'-'&i***  w  -* : 


4-3 


In  specifying  a  particular  material  and  strength  level  (minimum  acceptable  OyS),  the  designer 
usuaxly  would  not  be  concerned  about  those  quantities  of  material  which  possessed  strenth  levels  on  the 
upp  ;r  end  of  the  normal  range.  However,  because  of  the  dramatic  decrease  in  Kic,  he  must  in  many  '•ases 
linuc  the  upper  bound  of  acceptable  range  of  yield  strength.  This  is  one  procedure  used  to  spec!./ 
titanium  alloys.  In  Figure  2,  ranges  for  two  common  titanium  alloys  are  noted.  The  data  are  shown 
at  one  yield  strength  value  to  illustrate  the  fallacy  in  specifying  only  OyS  minimum. 

The  material  selection  process  is  therefore  a  tradeoff  procedure  wherein  many  concurrent  requirements 
must  he  satisfied.  For  the  case  in  point,  the  designer  must  establish  a  criteria  for  accepting  either  a 
reduced  toughness  or  strength  level.  The  choice  might  be  dictated  by  overall  flaw  tolerance.  Tnis  is 
illustrated  in  Figure  3  where  the  ordinate,  (Kjc/o )?,  a  parameter  indicative  of  crack  size,  is  used. 
Since  structures  are  designed  to  withstand  (statically)  a  percentage  of  the  yield  strength,  this  parameter 
nav  be  conveniently  used  to  illustrate  flaw  tolerance  sensitivity.  Examination  of  Figure  3  indicates  a 
more  dramatic  reduction  in  the  crack  length  parameter,  with  increased  yield  strength. 

The  same  trend  is  repeated  in  Figure  4;  however,  the  yield  stiength  has  been  normalized  to  the 
material  density  ?  .  Ihe  parameter  o ys/g  is  one  form  of  structural  efficiency  used  to  select  materials, 
h'ote  that  material  ranking  has  changed  with  titanium  being  superior  to  steel.  One  exception  illustrated 
is  the  18%  Hi  maraging  steel  and  2N3  4C  which  fall  beyond  the  bounds  illustrated.  There  are  recognizable 
limits  on  Loth  the  values,  of  (Kjc/cvs)  and  (a  / p  )  for  materials  in  use  today.  The  bounds  are  illus¬ 
trated  in  Figure  4. 


The  data  presented  in  Figure  4  clearly  illustrate  the  relationship  of  non-destructive  inspection  (NDI) 
capability  and  material  selection  to  resist  brittle  fracture.  For  example,  a  through  the  thickness  crack 
will  experience  plane  strain  fracture  when  K.  »  KjC  “  o  P^c  •  ^  fracture  is  assumed  to  occur  at  the 
design  limit  stress,  the  value  of  critical  crack  length,  dc,  can  De  computed.  For  many  aircraft  structures, 
design  limit  stress  is  of  the  order  of  o «  0.6 o  ;g  and  ac  " ^ K-xc  \  \  '  ’  Thus,  eac^  point  on 

\p.6oySJ  ~  '^OySJ 

Figure  4  might  be  considered  the  critical  characteristic  flaw  dimension  for  plane  strain  fracture,  -,nd 
thus  describe  the  sensitivity  level  required  for  fleet  inspection.  For  this  type  of  selection  criteria, 
many  materials  may  be  prohibited  because  of  the  extremely  small  flaws  which  must  be  detected.  Limits  of 
HDI  practice  are  not  well  defined. 


l  ip  4  Varuhor,  ol  crack  length  parameter  with  structural  efficiency  parameter 


With  the  technological  trend  in  material  utilization  growing  toward  greater  strength  to  weight  ratios, 
it  seems  logical  also  to  define  more  realistic  limits  on  the  material  selection  based  on  uncontrollable 
"human  element"  defects.  Thus,  the  crack  size  definition  of  Figure  4  might  indicate  limits  prcduced  bv 
normal  tool  marks,  scratches  or  gouges  produced  during  manufacture  or  maintenance.  If  these  limits  arc 
recognized  as  sound,  then  more  effective  means  of  inspection  may  be  required,  such  as  proof  of  testing 
(Figure  5). 


In  the  previous  discussion  it  was  assumed  that  pit  ic  strain  fracture  was  the  dominant  consideration. 
Fortunately,  this  is  not  always  the  case  for  many  eng'r.eering  materials  because  of  the  effects  of  thick¬ 
ness,  plasticity,  geometry,  etc.  (Figure  6  and  7).  The  question  does  remain,  however,  as  to  what  role 
Kj/,  has  In  the  material  selection  and  analysis  process.  It  is  perhaps  safe  to  conclude  that  the  selection 
oi  candidate  materials  for  a  specific  consideration  can  be  made  on  the  basis  of  superior  Kjc,  so  long  as 
Che  materials  are  similar.  The  decision,  however,  rests  upon  the  thickness  required  to  fulfill  the  task. 
In  Figure  7,  the  variation  of  critical  stress  i.itcnsitv  factor  with  thickness  is  illustrated  for  several 
tlloys.  (Ref.  1) 
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Material  selection  based  on  cyclic  growth  considerations  Is  not  as  clearly  defined,  since  observed 
trends  In  cyclic  rate  data,  for  a  non-aggressive,  environment  '.ndicate  that  materials  within  a  gr  yup  or 
class  generally  fall  within  a  narrow  scatterband,  with  little,  if  any  dependence  on  toughness,  Average 
growth  rate  curves  have  been  included  in  Figure  S  Co  illustrate  the  relative  relationship  between  materials, 
Hahn  (Ref.  2)  has  observed  that  the  rate,  da/dn,  can  be  approximated  for  many  materials  as: 
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in  che  central  or  log,  linear  portion  of  the  growth  rata  curve.  Several  points  are  shown  in  Figure  8  using 
the  Hahn  expression.  Because  of  the  relationship  of  growth  rate  to  modulus,  E,  the  data  can  be  normalized 
to  the  material  density,  Q  ,  as  indicated  in  Figure  9  where  rate  curves  are  seen  to  converge.  It  is 
apparent  then,  that  a  material's  advantage  can  only  be  assessed  on  an  individual  application  basis. 

Growth  under  variable  amplitude  spectrum  loading,  for  example,  may  produce  different  trends  in  growth 
retardation  due  to  the  interaction  of  loads.  Generally  speaking,  however,  the  time  to  failure  from  an 
initial  flaw  is  dependent  upon  the  toughness  kjc  as  illustrated  in  Figure  10.  The  relative  effect,  however, 
m <.;•  be  dependent  upon  the  shape  and  severity  of  the  spectrum.  The  selection  of  materials  for  repeated  load 
application  in  the  presence  of  flaws  nay  be  seriously  influenced  by  the  chemical  and  thermal  environments 
in  which  Che  structure  must  operate. 


Fig  8  Fatigue  crack  growth  data  for  typical  FiP-9  Comparative  crack  gro  vth  rate  data 

aircraft  structural  materials 


Fig.  10  Effect  of  fracture  toughness  on  life  for  various  spectra 
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III  Fracture  Control  -  Basic  Objectives 

Of  the  recent  Air  force  experiences  with  'nigh  strength  materials,  none  is  more  dramatic  or  illustra¬ 
tive  of  the  need  for  fracture  control  than  that  of  D6ac  steel  used  in  major  structural  locations  of  the 
F-lll,  Reference  3.  tin  accident  in  December  1969,  which  has  been  attributed  to  the  presence  of  a  critical 
defect  in  the  steel  wing  pivot  fitting,  was  the  singular  event  which  caused  wide  spread  action  and  reaction 
within  the  Air  Force  and  the  contractor  and  resulted  in  the  formation  of  a  fleet  recovery  program  and 
structural  proof  test  effort. 


fig.  1 1  Wing  pivot  flaw 

The  flaw  responsible  for  this  incident  is  shown  in  Figure  11.  Critical  depth  occurred  in  the  struc¬ 
ture  at  a  poirt  less  than  the  thickness  of  the  member.  The  dark  region  of  the  flaw  is  surmised  to  have 
originated  during  the  manufacture  of  the  basic  forging.  Subsequent  analysis  of  this  material  (D6ac  steel, 
strength  level  220  ksl)  during  the  fleet  recovery  program,  revealed  its  sensitivity  to  quei  ching  procedure 
during  heat  treatment  with  a  greater  than  two  to  one  variation  in  fracturj  toughness,  Kjc,  resulting  even 
though  standard  tensile  properties  fell  within  the  acceptable  range.  The  effect  of  this  2:1  variation  of 
Kic  is  to  reduce  the  critical  crack  size  by  a  factor  of  four. 

With  somewhat  "ideal"  conditions  existing  in  this  Instance  (i.e.,  the  flaw  occurring  ir.  a  region  of 
high  stress,  and  orientated  normal  to  the  principal  stress  direction)  biittle  fracture  of  this  urexposed 
flaw  was  Inevitable.  The  subsequent  recovery  program  for  the  F-lll  fleet  and  the  proof  test  program  are 
well  documented.  (Ref.  3)  This  incident  resulted  in  the  largest  single  investigation  of  a  structural 
alloy  ever  to  be  undertaken  (Ref.  4). 

The  wing  pivot  flaw  Is  an  excellent  example  to  illustrate  the  need  for  fracture  control  considera¬ 
tions  in  design  and  will  be  used  here  to  assist  in  identifying  major  goals  which  are  to  be  achieved  as  the 
result  of  Instituting  fracture  requirements. 

In  examining  this  failure,  one  could  conclude  that  a  higher  toughness  would  have  resulted  in  a 
larger  critical  crack  size,  possibly  through-the-thickness  and  a  much  improved  probability  of  detection. 

For  some  cases,  fuel  leakage  might  be  expected.  Thus,  we  can  say  that  fracture  considerations  should 
encourage  the  intelligent  selection  of  materials  and  control  procurement  and  processing  to  insure  consistent 
properties;  assist  in  establishing  inspection  procedures  including  such  requirements  as  positive  detection 
and  leak  before  break  situation.  In  addition  to  material  selection,  growth  ot  flaws  can  be  lessened  and 
critical  crack  sizes  increased  considerably  by  limiting  or  controlling  design  stress.  This  can  have  addi¬ 
tional  benefit  from  the  point  of  view  of  fatigue  resistance  or  durability  and  can  significantly  result  in 
reduced  maintenance  cost  and  system  down  time. 

The  wing  pivot  fitting  used  in  this  example  is  essentially  a  single  load  path  member.  Failure  of 
this  element  resulted  in  loss  of  the  aircraft.  A  more  damage  tolerant  structural  arrangement,  including 
possible  multiple  load  paths  or  crack  arrest  members,  If  properly  designed,  could  have  improved  the 
overall  safety. 

In  Section  11,  materials  data  were  presented  to  illustrate  how  strength-weight  (efficiency)  could 
result  in  the  selection  of  material  with  an  undesirable  level  of  toughness.  Lilt-wise,  the  choice  based  on 
fatigue  alone  might  lead  to  serious  difficulty  since  many  high  strength  materials  (steels,  for  example) 
may  have  acceptable  fatigue  resistance  but  possess  low  resiatance  to  brittle  fracture  and  subcritical  flaw 
growth  (stress  corrosion  cracking,  for  example). 

Structural  configurations  which  possess  multiple  at  paths,  crack  stoppers,  etc.,  are  necessary  and 
desirable,  however,  their  ability  to  function  and  meet  specific  preassigned  goals  must  be  demonstrated 
early  in  design. 

Controlling  design  stress  ,tvels  for  common  structural  mu  lals  <  nave  untold  benefits  from  boi 
the  strength  and  fatigue  points  of  view  and  can  prevent  costly  field  maintenance  problems.  For  example, 
multiple  lose  path,  redundant  and  "fail  safe"  arrangements  may  effectively  prevent  the  loss  of  aircraft, 
so  long  as  adequate  ana  .requont  inspections  are  planned.  The  sole  dependence  of  the  fai1  safe  approach 
to  achieving  fracture  contrc'  without  regard  to  limiting  de-  frn  stresses  may  result  in  frequent  setruer 
failures,  costly  unscheduled  maintenance  and  aircraft  down  t»i,ie.  ti..s  situation  can  be  alleviated  by 
requiring  each  member  in  the  multiple  or  redundant  set  to  be  inherently  resistant  to  flaw  ,ro»ch  within 
prescribed  bounds  (i.e.,  mi  nave  a  safe  life  with  cracks.) 
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The  ability  to  detect  and  quantify  flaws  and  cracks,  both  in  the  raw  product  form  and  the  final 
assembled  structural  article',  remains  as  the  most  significant  measure  in  deterring  catastrophic  fracture. 
Because  we  institute  fracture  control  procedures  is  in  fact  a  frank  admittance  that  serious  flaws  can  and 
often  do  go  undetected.  This  fact  was  dramatically  pointed  out  by  Packman,  et  al  (Ref.  5)  in  a  study  for 
the  Air  Force  Materials  Laboratory.  The  data  in  Figure  12  has  been  obtained  from  that  report  and  depict 
the  sensitivity  and  reliability  of  common  h'DI  methods  in  controlled  laboratory  experiments.  The  results 
are  quite  surprising  because  relatively  large  flaws  were  not  detected.  This  does  not  mean  that  all  hope 
is  lost  of  improving  our  methods  and  procedures.  On  the  contrary,  continued  development  or  improved  ND1 
techniques  is  mandatory. 


Fig.  12  Lemonstration  of  flaw  defection  capability 


IV  Fracture  Control  -  Requirements 

Preparation  of  detailed  step  by  step  requirements  for  fracture  control  is  3  difficult  task  because  of 
the  numerous  classes  of  aircraft  (i.e.,  fighter  bombers,  trainers,  etc.)  in  use  today  by  the  Air  Force  and 
because  of  the  various  types  of  structural  arrangements  which  comprise  these  airframe:;.  Aside  from  the 
selection,  procurement  . nd  control  of  processes  for  engineering  materials,  implementation  of  fracture 
considerations  consists  o'  the  formulation  of  safe  crack  life  and  strength  goals  which  must  be  satisfied 
by  primary  structure.  Compliance  with  these  requirements  is  accomplished  by  analysis  in  all  cases  and 
often  requires  substantiation  by  element,  component  or  full  scale  testing.  The  fracture  analysis  is 
completed  in  connection  with  the  conventional  analysis  (e.g.,  static  and  fatigue)  for  which  a  flaw  free 
structure  is  assumed. 

In  the  fulfillment  of  these  analyses,  basic  materials  allowable,  knowledge  of  operational  environ¬ 
ments  and  an  analysis  capability  to  perform  complex  flaw  growth  and  strength  analyses  are  among  the  items 
necessary.  Supplemental  tests  may  be  required  to  establish  or  substantiate  stress  intensity  relationships, 

verify  real  time  and  spectrum  growth  behavior,  and  demonstrate  crack  arrest  capability. 

Within  the  USAF,  early  attempts  have  been  made  to  define  and  implement  fracture  control  programs  for 

systems  currently  In  the  design  stages.  Figure  13  includes  a  summary  of  the  major  elements  for  two  of 

these  systems. 
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"...Primary  structures  which  are  not  fall  safe  shall  be  designed  so  that  Initial 
flaws  or  cracks  will  not  propagate  to  critical  crack  length  during  the  lifetime 
of  the  aircraft.  Through  fracture  data  tests  and  analysis,  the  characteristics 
and  dimensions  of  the  smallest  initial  defect  that  could  grow  to  critical  site 
during  the  service  life  shall  be  determined.  Once  these  initial  flaws  sizes 
have  been  identified,  quality  control  procedures  shall  be  developed  such  that 
parts  containing  initial  flaws  of  these  dimensions  will  not  be  accepted.  In 
the  event  chat  the  identified  initial  flaws  sizes  ore  smaller  than  the  quality 
control  detection  capability,  changes  shall  be  made  in  the  materials  and/or 
stress  levels  so  that  initial  flaws  compatible  with  quality  control  capability 
can  be  tolerated." 

l'he  requirements  were  further  modified  to  require  that  the  service  life  analysis  be  made  with  specific 
Initial  crack  size  assumptions.  In  other  words,  the  initial  crack  size  is  to  be  treated  as  a  design 
allowable.  For  example: 

"...These  initial  defect  limits  are  as  follows,  (a)  In  the  absence  of  special 
NDI  procedures  as  indicated  below,  the  minimum  allowable  defect  size  shall  be 
0.150"  in  its  critical  dimension,  i.e.,  0.150"  deep  for  a  surface  flaw...  (b) 

Defects  smaller  than  0.150"  will  be  allowed  if  special  NDI  procedures  are 
followed  with  a  demonstrated  ability  to  detect  flaws  of  the  required  size  with 
a  95X  probability  at  a  50%  confidence  level..."  (This  was  later  amended  to 
955!  confidence  that  at  least  90%  of  flaws  greater  than  critical  size  are  found. 

The  analysis  of  each  parr  was  to  be  performed  as  follows: 

"...The  analysis  shall  assume  the  presence  of  a  crack  like  defect,  placed  In 
the  most  unfavorable  oriencation  with  resp-ct  to  the  applied  stress  and 
material  properties  and  shall  predict  the  growth  behavior  in  the  chemical, 
thermal  and  sustained  and  cyclic  stress  environment  to  unlch  the  component 
is  subject." 

Kith  regard  tc  material  selection,  tisage  and  control,  raeasurec  were  to  be  instituted  to  insure  ade¬ 
quate  toughness  in  production.  The  early  version  of  the  requirements  stated 

"...Specifications  snail  be  Drepared  to  insure  materials  having  minimum 
guarantied  Kjc  are  used  in  manufacture." 

While  ‘he  intent  was  certainly  sincere.,  the  wording  was  revised  to  te  more  direct  and  more  nearly  defini¬ 
tive. 

"...The  materials  from  which  the  structures  are  to  be  fabricated  shall  be  con¬ 
trolled  by  a  syScem  of  procedures  and/or  specifications  which  are  sufficient 
to  preclude  the  vtliliotlcn  in  fracture  critical  areas  of  materials  possessing 
static  fracture  properties  significantly  inferior  to  those  assumed  in  design." 

To  *-hose  farailljr  with  aircrafc  structural  design  and  analysis,  these  requirements  seemed  profound  in 
nature,  and  when  circulated  among  the  major  airframe  manufacturers  in  1570,  certainly  caused  a  mild  furor. 
Nevertheless,  the  basic,  meaning  of  these  requirements  is  sti.il  with  us,  both  as  contractual  obllget<on3 
on  the  bomber  program  3tid  requirements  for  future  systems. 

Because  et  inexperience,  several  items  of  the  early  requirements  needed  strengthening,  or  at  least 
clarification. 

First,  the  early  requirements  lacked  sufficient  s'rength  regarding  the  safe  ersek  growth  goals  of 
multiple  load  path  or  fall  safe  structure. 

The  second  point  concerns  the  statement  regarding  the  control  and  assurance  of.  material  property 
consistency.  This  simply  means  that  p-opertios  must  be  guaranteed  by  the  metal  producers,  or  that 
screening  of  stock  and  segregation  must  he  performed  with  the  selection  of  or.ly  the  superior  material  for 
production,  a  costly  procedure  in  any  case.  The  question  of  what  properties  to  control  is  often  asked 
Kjc  is  the  logical  choice  since  it  is  the  only  property  for  which  standards  exist.  The  rate  of  fatigue 
crack  growth  da/dn  is  perhaps  more  significant  on  life  but  do?'’  no*  -spear  to  be  as  sensitive  to  basic 
material  processing  procedures  as  does  the  toughness,  K£C. 

Tlie  third  item  concerns  the  identification  of  fracture  ritic  „  parts.  Since  the  requirements  stipu¬ 
late  that  all  primary  members  be  designed  for  s«.fu  crack  growth,  a  tremendous  bookkeeping  task  is  involved, 
to  say  nothing  of  the  costs  Incurred  in  tracing  materials,  processes  and  parts  through  the  nanufacturing 
stage  and  the  establishment  of  standards  for  field  maintenance.  What  will  most  probably  evolve  in  a 
specific  design  are  sensitivity  analyses  for  certain  parts  to  examine  effects  on  life  due  to  material 
property  variation.  Initial  flaw  size,  etc..  Where  applicable,  parts  will  bu  further  classified  as  to 
function,  safety,  etc.,  so  as  to  lesser,  the  stringent  requirements  for  traceability  and  material  property 
control  on  tnose  parts  where  these  controls  are  unwarranted. 

V  Summary  of  New  Requirements 

The  lessons  learned  in  applying  fracture  mechanics  to  these  two  systems  has  been  beneficial 

in  the  formulation  of  general  "across  the  board"  damage  tolerant  or  fracture  requirements  for  future 
U5AF  aircraft.  The  overall  scheme  currently  defining  these  requirements  is  shown  in  Figure  14  and  includes 
as  majoi  documentation.  Military  Standard  1530,  the  description  of  the  Air  Force  Aircraft  Structural 
Program  (AS IF) .  and  the  detailed  requiremeots  (Military  Specifications)  which  provide  the  specific  wording 
of  the  requirements . 


The  key  elements  of  Mil  Std  1530  are  included  in  Figure  15. 
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Fig.  14  USAF  specifications  and  control  for  design  of  damage  tolerant  aircraft 


THE  STANDARD  KEOUIRES: 


THE  STANDARD  ALLOWS : 


•  DAMAGE  TOLERANT  DESIGN  Of  ALL  NET-  USAF  AIRCRAFT  SYSTEMS 
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Fig.  1 5  Key  elements  of  Mil.  Std  1 530  as  applied  to  damage  tolerance 

An  Initial  draft  of  the  currently  proposed  Danage  Tolerance  Requirements  has  been  prepared  and 
includes  specific  growth  requirements  for  each  classification  of  structure  (i.e.,  slow  crack  growth  and 
Fal1  Safe)  based  upon  the  planned  degree  of  and  frequency  of  inspection.  This  initial  draft,  summarized 
in  Tables  2,  3  and  4  is  currently  being  evaluated  on  several  existing  aircraft  structures,  to  determine 
the  relative  sensitivity  and  impact  of  the  various  elements  such  as  initial  damage,  inspection  frequency, 
etc.,  on  the  design  stresses. 

The  important  variables  which  control  the  severity  of  the  crack  giowth  design  requirements  are  the 
initial  damage  sizes,  dj ,  a?,  and  <Z3,  and  the  frequency  of  inspection.  Initial  damage  size  assumptions 
for  intact  structure  (d(),  reflect  the  production  inspection  capability  of  the  contractor  and  must  be 
demonstrated  in  an  approved  ND1  program  to  prescribed  levels  of  confidence.  Flaw  size,  a/Q,  treated  as 
an  allowable,  reflects  all  possible  types  and  shapes  which  have  equal  initial  severity  as  shown  in 
Figure  16.  It  is  important  to  qualify  NDI  capability  for  flaws  eminating  from  fastener  holes  so  as  to 
measure  any  possible  increase  in  detection  sensitivity  due  to  the  presence  of  the  hole.  Otherwise,  it 
must  be  assumed  that  the  crack  sizes  demonstrated  ere  acting  in  conjunc.ion  with  the  open  hole.  In  the 
analysis  of  parts  for  safe  crack  growth,  this  ..a  the  most  severe  case.  If  NDI  is  qualified  to  •*«  (a/Q) 
value  or  range,  rather  than  a  fixed  surface  length,  or  depth,  the  analysi  must  assume  the  worst  case, 
that  of  a  shallow  crack  and  examine  the  possibility  of  it  becoming  critital  prior  to  becoming  a  semi¬ 
circular  flaw  (Figure  17)  since  experimental  data  has  indicated  that  sha  low  flaws  grow  faster  in  the 
depth  direction. 

VI  Conclusions  -  Some  Problems  and  Concerns 


With  the  initiation  of  firm  requirements  for  damage  tolerant  design  and  analysis  and  the  institution 
of  an  extensive  applied  research  activity,  the  USAF  has  made  impressive  strides  coward  insuring  structural 
safety  in  future  aircraft.  In  applying  these  requirements,  however,  some  problem  areas  and  concerns  still 
remain  particularly  with  regard  to  the  amount  of  success  we  can  expect  to  achieve.  For  example,  in 
examining  the  requirements  for  safe  growth  within  the  bounds  of  the  initial  and  final  crack  sizes, 

Figure  18,  we  see  that  inspection,  maximum  stress  and  fracture  toughness  govern  the  end  points  (A)  and  (C). 
For  a  specified  life  goal,  the  designer  must  trade  stress  lev»l,  material  type  of  construction,  etc.,  to 
fit  the  growth  curve  within  this  envelope.  Kjc  may  be  relatively  unimportant  in  this  Process,  particularly 
if  the  shape  of  the  growth  curve  starts  out  flat  and  curves  unarply  toward  the  end  of  life. 
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Fig.  1 7  Growth  of  equivalent  flaws  under  sinusoidal  loading 
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Fig.  1 8  Factors  which  influence  crack  growth  life 


I  don't  wany  to  convey  the  wrong  impression,  however,  since  Kjc  can  govern  the  size  of  fin3l  crack  in- 
service  and  the  larger  Kj^  of  course  is  desired.  Between  the  end  points,  however,  much  takes  place  with 
the  shape  of  the  growth  curve  dependent  upon  the  many  factors  summarized  in  Figure  18,  including  the 
ratio  of  initial  to  final  stress  intensity.  The  shape  is  also  dependent  upon  the  type  of  mission  flown, 
the  number  and  relative  magnitudes  of  the  flight  stress  cycles  and  the  amount  of  growth  retardation  which 
may  occur  due  to  the  presence  of  overloads  or  proof  cycles,  the  material  and  the  environment,  their  inter 
relationship  and  the  sequence  in  which  the  loadings  are  applied.  Sequence  effects  are  among  the  least 
understood  and  constitute  an  area  v1  ere  a  considerable  amount  of  benefit  can  be  gained  through  further 
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research.  Whereas  the  initial  and  final  crack  sizes  ropy  be  considered  deterministic,  (Kjc  with  a  few  j 

percent,  for  example),  growth  rate  behavior  under  variable  amplitude  and  environment  is  extremely  complex  | 

and  difficult  to  predict  even  when  loads  and  sequences  are  known.  This  coupled  with  the  fact  chat  flight  j 

load  environment  information  in  most  cases  is  not  deterministic  makes  the  problem  at  first  glance  | 

untenable.  Scatter  In  basic  growth  rate  data  can  be  as  much  as  2:1  for  most  materials,  even  ir.  a  controlled  | 

nonagresslve  atmosphere.  Thus,  it  appears  that  life  predictions  within  this  accuracy  may  be  tee  best  we  | 

can  achieve.  What  adds  to  the  difficulty  is  that  many  of  the  spectrum  effects  are  often  difficult  to  5 

separate  from  normal  scatter  in  basic  growth  race.  ? 

t 

4 

Under  certain  conditions  (i.a.,  small  crack  sizes  and  low  stress  amplitude),  growth  occurs  at  very  f 

low  ranges  of  AK,  Figure  19,  a  region  of  the  growth  rate  curve  for  which  there  is  little  data  due  mainly  | 

to  the  time  and  expense  incurred  in  the  generation.  Likewise,  until  recently,  there  has  been  little  call  | 

for  low  AK  growth  rate  data.  The  concept  of  threshold  or  lower  limit  of  growth  rate  AK0  is  presented  and  | 

data  are  availabie  which  show  this  to  be  related  to  the  elastic  modulus.  Recent  experiences  indicate  that  f 

basic  growth  race  d  ita  may  be  specimen  dependent,  that  is,  there  are  observed  deferences  between  compact  \ 

tension  and  surface  flaw  growth  rates  (Figure  20)  attributable  to  maximum  stress  levels,  for  example  l 

(Ref.  5).  Crack  front  stabilization,  for  example,  is  though  to  affect  growth  results  at  low  AK  values.  ^ 

5 

Thus,  there  are  many  as  yet  unanswered  eifects  on  bpsic  growth  rate  data  generation,  which  must  be 
resolved  if  we  are  to  use  this  basic  data  to  predict  complex  loading  cases.  Figure  19  includes  a  summary 

of  these  factors.  5 

6 

The  subject  of  scatter  factor  or  confid.,ce  factor  to  be  used  in  design  with  safe  growth  predictions  ( 

remains  undiscussed.  Current  recommended  practice  is  to  use  upper  bound  growth  rates  with  conservative  • 

accounting  of  factors  such  as  variations  in  anticipated  usage  and  amount  ot  retardation.  I 
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Fig.  1 9  Factors  which  influence  measured  crack  propagation  data 


Fig.  20  Surface  flaw  data  adjusted  to  a/2c  =  0  and  compared  with  compact  tension  djta 
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CORROSION  FATIGUE  -  OR  -  HOW  TO  REPLACE 
THE  FULL-SCALE  FATIGUE  TEST 

by 

W.  E.  Anderson 
SLaff  Engineer 
Battell e-Northwcst 
Battelle  Boulevard 
Richland,  Washington  99352 
U.S.A. 


SUMMARY 

In-service  structural  fatigue  seems  to  be  influenced  by  environment  and  stress¬ 
cycling  in  real-time.  This  paper  examines  the  problem  by  comparative  calculations  of 
cracking  from  a  fastener  hole.  The  influences  of  real-time,  moisture  and  temperature  are 
included.  These  influences  are  based  on  deduced  reaction  kinetics  of  environmentally 
aggravated  fatigue  cracking,  one  aspect  of  corrosion  fatigue.  The  results  suggest  that 
different  locations  on  the  lower  wing  skin,  which  experience  the  same  stress  spectrum  but 
different  environmental  exposures,  may  behave  either  better  or  worse  than  under  laboratory 
testing  without  the  environment. 

Difficulties  with  relevance  credibility  of  full-scale  fatigue  tests  are  expressed 
m  several  literature  sources.  This  paper  proposes  a  scheme  to  overcome  these  difficulties. 
It  includes  sacrificial  examination  of  selected  portions  of  lead-ship  airframes  of  a  fleet 
and  testing  of  the  structural  materials  under  several  environmental  and  stress  histories. 
Results  may  permit  calculation  of  scheduled  repair  times  for  individual  airframes  based 
on  their  respective  flight  experiences. 

INTRODUCTION 

The  full-scale  fatigue  ter*-  of  just  one  airframe  out  of  a  fleet  has,  in  itself, 
proven  so  useful  it  is  justified  on  economic  grounds  alone.  (U  Nonetheless,  the  full- 
scale  test  has  its  shortcomings,  one  of  which  relates  to  corrosion  fatigue. 

Corrosion  fatigue  is  not  reported  in  results  from  ordinary  laboratory  testing 
of  airframe  structures,  yet  it  is  often  identified  with  operational  service  cracking. 
Repeated  exposure  to  wide  ranges  of  temperature  and  relative  humidity  is  cne  of  the  dis¬ 
tinct  differences  between  laboratory  fatigue  tests  and  service  experience. 

Considering  these  aspects,  it  may  prove  instructive  to  hypothesize  that  corrosion 
fatigue  rather  than  incorrect  loads  representation  is  the  principal  cause  of  scatter 
factor.  On  this  basis  a  new  approach  to  fleet  performance  predictions  might  be  developed 
which  would  not  require  a  full-scale  fatigue  test. 

BACKGROUND 


Fatigue  cracking  and  corrosion  fatigue  generally  occur  at  or  near  joints,  fas¬ 
tener  connections,  or  other  stress  concentrations.  Fastener  connections  cause  stress  con¬ 
centrations  by  their  very  geometry  and  this  concen tration  may  be  increased  by  fastener 
transfer  of  load  from  one  member  to  another.  Since  load  causes  strain,  the  joint  under¬ 
goes  fluctuating  strains  from  its  fatigue  experiences. 

Cyclic  joint  straining  causes  cwo  important  conditions :  relative  movement 
between  its  component  parts--often  leading  to  fretting  of  one  member  or  another--,  and 
alternating  displacement  of  the  joint  components  which  thereby  alternately  exposes  any 
structural  crevices  to  the  media  in  which  the  joint  is  immersed.  In  this  way  the  loc^i 
media  may  penetrate  a  joint  and  contact  interior  surfaces  of  the  joint  components.  Reac¬ 
tion  of  the  media  with  fresh  metal  surfaces  exposed  by  fretting  or  crack  expansion  can 
readily  be  imagined. 

Airframes  are  composed  of  many  and  varied  joints.  Fatigue  performance  will 
clearly  depend  on  which  joint  frets,  or  permits  ingress  of  the  surrounding  media  or  a 
combination  of  both.  If  the  media  reacts  with  exposed  surfaces  in  joint  components,  then 
correlation  of  test  and  service  fatigue  performance  will  depend  on  rationalizing  those 
differences  in  corrosion  fatigue  brought  about  by  differences  in  time,  temperature,  and 
environment  sequencing  as  well  as  the  loads  sequencing. 

Corrosion  fatigue  can  include  crack  expansion  under  environmental  influences 
as  well  as  the  process  which  develops  the  crack.  Surface  protection  measures  can  be 
effective  in  suppressing  crack  development,  but  in  even  a  small  fleet  of  aircraft  there 
are  literally  millions  of  locations  to  protect  and  at  least  a  few  of  these  may  become 
susceptible  to  cor^-sion  fatigue. 

In  this  paper  the  crack  expansion  aspects  of  corrosion  fatigue  te  expired; 
an  interpretation  of  the  very  meager  data  on  temperature  and  humidity  erfects  is  presented. 
Their  influence  on  crack  expansion  under  an  assumed  flight  spectrum  is  calculated.  These 
results  are  taken  together  with  views  expressed  in  the  literature  about  shortcomings  cf 
full-scale  fatigue  tests.  A  plan  is  suggested  for  multiple,  "lead-ship"  operations  of 
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the  fleet  design,  augmented  w*th  extensive  and  sacrificial  structural  examinations,  plus 
material  tests  under  varied  environmental  exposures.  Integration  of  resulcs  from  these 
two  activities  should  permit  ship-by-ship  -’alcu) aiions  of  accumulated  damage  based  on 
the  actual,  individual  airframe  service  experiences. 

Temperature  and  Humidity  Efrects  on  Crack  Expansion  fron.  One  Edge  of  a  Hole 

Consider  a  pinned  joint.  When  the  pin  transfers  load  it  necess.-'-ily  flexes 
and  shears  in  the  hole.  Relatively  large  motions  between  pin  and  hole-wall  grind  and 
tear  off  particles  which  oxidize  to  form  debris.  Somewhere  along  the  pin/hole  interface, 
the  relative  motion  can  be  vary  small  under  certain  conditions  of  load.  When  the  small 
motion  and  the  local  situations  are  suitable,  the  pin  and  hole-wall  become  welded  at  a 
tiny,  microscopic  site;  then,  under  another  loading  condition,  a  miniscule  chunk  is 
ripped  from  one  of  the  components  and  creates  a  cavity  with  freshly  exposed  metal  ready 
for  chemical  reaction  with  any  available  ions.  I  consider  this  as  fretting. 

It  can  be  imagined  that  moderate  oscillations  of  load  which  *>ccur  some  of  the 
time  during  most  flights  might  initiate  this  form  of  damage  by  the  induced  structural 
motions  and  thus  precipitate  many  potential  crack  sources  from  fretting.  Although  such 
damage  must  develop  deeply  enough  to  behave  as  a  crack,  in  aluminum  alloys,  this  extent 
is  probably  no  more  than  a  few  dozen  microns  at  the  most.  Development  of  fretting,  or 
other  surface  defects  caused  by  the  structural  fabrication  methods,  into  a  well-behaved 
crack  may  be  grossly  altered  by  temperature  and  humidity  which  reaches  these  'ocations, 
but  definitive  work  on  this  point  is  sparse. 

With  all  the  wide-ranging  possibilities  for  times  to  initiate  a  well-behaved 
crack  it  seems  appropriate  to  limit  quantitative  estimates  to  the  effects  of  time,  tem¬ 
perature,  and  humidity  on  crack  expansion  under  representative  load  excursions.  Results 
could  be  particularly  useful  for  defining  structural  inspection  periods. 

Figure  1  is  my  interpretation  of  the  influence  of  temperature  on  crack  extension 
per  simple,  repeated-size  load  cycling  on  an  example  aluminum.  The  stress  field  parameter 
method  for  Mode  I  is  employed,  where 

K2  -  EG  (1 ) 

The  plot  is  based  on  room  temperature  data  for  the  alloy  7075-T6  and  reaction  kinetics 
trends  that  are  believed  relevant. <2, 3)  a  cross-plot  at  selected,  constant  temperatures 
produces  Figure  2;  behavior  is  estimated  for  50%  Relative  Humidity  (R.H.)  at  each 
temperature. 
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FIGURE  1.  Estimated  Reaction  Kinetics  -  Example 

The  added  moisture  from  50%  R.H.  to  fully  wet  is  judged  to  add  an  increment  of 
crack  extension  per  cycle.  My  deduction  of  this  increment  is  based  on  literature  data 
and  is  displayed  in  Figure  3  for  the  minimum  to  maximum  cyclir.  stress  ratio,  R,  of  0.1. 
This  is  analogous  to  the  trends  of  moisture  influence  shown  in  another  paper  in  this 
conference. 

Neglecting  the  numidity  aggravation,  expansion  of  a  single  crack  at  a  hole 
edge  is  calculated  for  each  of  three  temperatures,  set  Figure  4.  The  strong  temperature 
effect  is  apparent;  it  stems  from  the  successively  larger  activation  energies  at  the 
smaller  maxima  of  the  cycling  K  conditions  demonstrated  in  Figure  1  and  discussed  by 
Wei . (2) 
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EXAMPLE  ALUMINUM 
5«  R  H  AT  TEMPERATURE 


FIGURE  2.  Estimated  Crack  Extension  per  Load  Rise  for  50%  R.H.  at  Temperature 
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FIGURE  3.  Estimated  Increment  of  Crack  Extension  t  _i  Load  Rise 

from  50%  R.H.  at  Temperature  to  Fully  Wc .  at  Temperature 


THOUSANDS  of  cycles 

FIGURE  4.  Calculated  Crack  Expansion  from  50  jim  (0.002  in.)  Crack  at  Edge 
of  6.35  mm  (1/4  in.)  Diameter  Hole  -  Simple  Cyclic  Stress; 
Temperatures  at +57°C,  20°C  and  -23°C 
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Average  incremental  accelerations  experienced  by  medium-range  jet  transports 
in  domestic  U.S.  service  are  taken  from  another  work {5;  and  these  are  shown  together  with 
their  hypothetical  flight  profile  in  Figure  5.  Accelerations  are  translated  into  (possible) 
lower  wing  skin  stress  excursions  (simplified)  as  indicated  by  Figure  6.  These  locations 
in  the  lower  wing  have  been  identified  for  this  typical,  integral-fuel-tank  aircraft: 

•  A  dry-bay  or  "No  Fuel"  section  which  responds  rather  quickly  to  the  ambient 
temperature  and  humidity. 

•  A  region  "'‘nside  the  Fuel  Tank"  where  the  sump  fluids  keep  the  defect  continu¬ 
ously  wet  with  complex  water  ions  and  at  the  temperature  of  the  fuel. 

•  A  region  "Outside  the  Fuel  Tank"  say  at  the  same  location  as  above  but  exposed 
to  the  external  humidity  and  modified  as  to  temperature  to  agree  with  that  of 
the  fuel. 

During  a  typical  flight  it  is  assumed  that  the  relative  humidity  at  various  altitudes  and 
temperatures  is  50%  for  that  temperature.  Hence,  ever,  though  the  temperature  decreases 
during  climb,  the  external  conditions  are  assumed  to  permit  maintenance  of  the  50%  R.H. 
level  at  the  externally  exposed  regions.  After  reaching  the  lower  levels  during  the 
descent,  it  is  assumed  that  external  reg  ns  become  fully  wet;  cf  Figure  6. 

ELAPSED  TIME  AFTER  TAKE -Off  (SECONDS) 


1000  2000  3000  4000  5000  6000  7000 


FIGURE  5.  Assumed  Load-Time  History  of  Aircraft  uue  to  Gusts  and  Maneuvers 
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20®  5®  -23°  *40®  -40°  40®  -23'  W15®  NO  FUEL  REGION 

W20®  IV2I°  W15°  V/ 15®  V/10®  W5°  W5°  W 10®  INSIDE  FUEL  TANK 

20®  20®  15®  15®  10®  5°  W5®  VV10° OUTSIDE  FUEL  TANK 

V.  INDICATES  FULLY  WET  CONDITION  ALL  OTHERS  AT  50%  x.l 
FOR  INDICATED  TEMPERATURE  (°CI 

FIGURE  6.  Load-Time-Temperature  History  Used  in  Calculations  cf  Crack 
Expansion  from  Fastener  Holes  in  Lower  Wing  Skin 

Comparable  plots  to  F-'gurcs  1,  2  and  3  have  been  constructed  from  available 
data  for  the  several  temperatures  and  R  values,  where  the  R  value  is  determined  on  the 
basis  of  the  stress  rise  from  the  minimum  to  the  maximum  for  each  excursion  of  the 
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flight*  segment.*  The  calculated  crack  extension  per  flight,  at  various  initial  crack 
sizes,  is  displayed  in  Figure  7  for  each  of  the  assumed  cracks  from  holes  at  the  three 
lower  wing  skin  locations.  These  are  compared  in  Figure  8  with  the  analogous  crack 
expansion  fr  im  a  hole  under  continuous  20°C  temperature  and  50%  R.H.  as  an  approximation 
of  cycling  i:  a  full  scale  fatigue  test. 

HAPHti  !!>,»  wife  mm  on  .iitoviy 


FIGURE  7.  Calculated  Crack  Extension  from  Lower  Wing  3kin  Fastener 
Holes  During  One  Flight 
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FIGURE  8.  Calculated  Crack  Extension  c  20°C  and  50%  R.H. 

Compared  with  Figure  7 

Summing  the  per-fl^ght  expansions  from  a  50-micrc.i  initial  crack  to  a  2  1/2  mm 
crack  is  shown  in  Figure  9.  It  is  implied  that,  somehow,  all  the  locations  developed  a 
50-micron  crack  at  the  same  time.  That  is,  this  treatment  'ices  not  consider  any  initia¬ 
tion  period  differentiation,  or,  the  events  are  being  compared  after  each  region  has 
developed  such  a  crack. 

Hy  interpretation  of  figure  9  is  that  the  full-scale  fatigue  test  (2?°C, 

50%  R.H.)  seems  to  be  giving  an  average  prediction  but  for  the  wrong  reason.  I  find  it 
very  unsettl.ig  to  imagine  a  fleet  of  aircraft  being  judged  on  the  basis  of  the  laboratory 
environment',  when  i.  is  quite  likely  that  some  of  the  fleet  experience  warm  and  fully  wet 
exposures  during  many  of  their  flight  segments,  while  others  of  the  same  fleet  experience 
extended  periods  of  cold  and  dry  exposures.  Equivalent  inspection  periods  foe  both  situa¬ 
tions  appears  to  me  as  d  tngerously  optimistic  on  the  one  hand  and  unnecessarily  frequent 
on  the  other. 

*  My  basic  assumed  data  is  given  in  Figures  10,  11  and  12. 
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FIGURE  9.  Calculated  Crack  Expansion  from  50  urn  (0.002  in.)  Crack  at  Edge 
of  6.35  mm  (1/4  in.)  Diameter  Hole  -  Simplified  Flight  Spectrum; 
Selected  Locations  on  Lower  Wing  Skin 


How  much  more  satisfying  to  anticipate  the  inspection  needs  of  each  airframe 
according  to  the  actual  damage  potential  it  has  experienced.  Is  there  some  scheme  which 
might  be  developed  that  would  permit  useful  calculation  of  potential  damage  accumulation 
from  experienced  loads,  times  and  environments  at  ur.seen  but  real  and  tiny  cracks?  The 
full-scale  fatigue  test  does  not  seem  to  be  eno.-gh  of  an  a ns we;  -  if  EVERY  airframe  of  a 
fleet  is  to  be  best  protected  from  too  infrequent  inspection. 


The  Full-Scale  Fatigue  Test 

As  an  outsider,  reading  over  the  literature  by  experts  in  the  field  of  service 
and  test  experiences,  I  can  only  conclude  that  the  prediction  of  serious  service  cracking 
from  laboratory  full-scale-  fatigue  testing  is  mere  often  misleading  chan  beneficial. 

Larpur  and  Troughtcn  show  in  their  Figure  5(6)  that  more  than  half  of  the  defects  occur¬ 
ring  in  service  were  not  found  in  the  fatigue  test.  On  p.  351  they  state  that  two  cases 
of  shop  errors  caused  quite  severe  fatigue  problems,  in  service. 

Freudenthal argues  that  demonstration  of  time  to  first  failure  is  expedited 
by  employing  one  -  or  a  small  group  -  in  advance  of  normal  fleet  operations.  He  estimates 
that  an  operational  spectrum  producing  damage  tew  times  3S  fast  as  that  expected  in  the 
fleet  would  be  required.  His  discussions  dc  not  stam  to  include  any  allowance  for  the 
additional  times  practically  necessary  to  design  suitable  repairs  and  program  the  repairs 
for  fleet  or  production  modifications.  The  incorporation  of  suitable  manufacture  or  repair 
times  into  the  argument  quite  clearly  aggravates  the  lead  time  requirement  even  more. 

Foder.  reports^8' 

...  mean  life  of  this  component  was  calculated. ,. to  be  about  19,000  h. 

A  service  failure  has  occurred. . .at  about  1,150  in.  This  di fference. . . is 
ascribed  in  part  to  the  fact  that,  m  service,  the  strut  lug  does  not  fail 
at  the  location  assumed  in  the  calculations.  The  second  case  concerns  the 
fatigue  test. . .undertaken  partly  because  cracks  had  been  discovered  in  the 
rear  spa^s..,.  The  fatigue  test  produced  cracks  in  the  main  spar,  but 
none  in  the  rear  spar.... 

It  thus  appears  that  failures  in  service  will  remain  the  only 
reliable  guide  as  to  which  components  arc-  critical,  and  what  their 
1  ife  may  be , 

(9 1 

Lambert  and  Trcughton  write 

There  is  evidence  that  service  failures  do  still  occur  earlier  than  predicted. 

In  spite  of  making  every  effort  to  arrive  at  a  'safe'  life  by  calculation, 
supported  by  tests  in  which  the  structure  and  leading  conditions  are  repre¬ 
sented  as  accurately  as  equipment,  money  and  time  will  allow,  there  is  still 
the  uncertainty  that  some  factor  may  significantly  reduce  the  calculated 
'safe'  life.  This  way  be  due  to  corrosion  ..n  service,  a  manufacturing  error 
that  is  not  found  by  inspection,  or  an  unknown  or  unexpected  fatigue  loading. 

And  later  on  they  sav, 

The  full-scale  fatigue  test  on  a  complete  structure  is  «till  essential. 

Frovidod  the  test  program  is  a  '■ood  representation  of  actual  service  load¬ 
ings,  it  should  show  up  any  weaknesses  in  .he  design  ana  give  accurate 
information  on  the  position  cf  most  of  the  cracks  which  are  likely  to 
occur  in  service.  Unfortunately,  as  i‘  is  impossible  to  simulate  on  the 
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test  all  the  effects  which  can  lead  to  tracks  in  service  (such  as  local 
aerodyncmic  vibratory  loads)  there  will  always  be  some  risk  of  unexpected 
failures  m  service.  No  amount  of  testing  is  going  to  eliminate  this 
risk  winch  is,  of  course,  one  of  the  main  reasons  for  the  development 
of  the  fail-safe  structure. 

Also, * 1 1 )  "...wost  fatigue  cracks  start  at  holes...." 

In  connection  with  the  need  for  multiplying  factors  on  the  fatigue  test  results 
to  account  fur  differences  in  fleet  performance,  Axisa  and  Graff  remark, *-*• 2)  ",,.in  this 
context,  attention  is  drawn  to  the  far-reaching  effects  of  corrosion,  m  its  various 
aspects,  on  the  test  results."  And,*1’)  "...rather  extensive  problems  were  found  in  air¬ 
craft  whose  service  lives  were  well  below  the  manufacturer's  recommended  maintenance 
schedule . " 

Morgan  is  even  mere  pointed  in  his  comments  regarding  the  influence  of 
corrosion,  * 1  ' 

Once  fatigue  is  involved  the  whole  situation  becomes  critical  for  the 
following  reasons; 

(i)  The  fatigue  life  -  based  on  the  test  of  an  uncorroded  specimen  - 
is  invalidated. 

(ii)  Crack  propagation  rates  and  critical  crack  lengths  -  on  which 
the  frequency  of  inspection  has  been  determined  -  become 
meaningless. 

So,  unless  fatigue  life  and  crack  propagation  rates  are  established  on 
specimens  representative  of  corrosion  occurring  m  service,  we  can  barely 
tolerate  it  at  all.  As  the  extent  of  ■'orresion  to  be  expected  cannot  be 
defined,  we  nave  no  option  but  to  attempt  to  discover  the  first  onset.... 

Later,  Ut') 

Certainly,  in  some  cases,  failures  in  service  have  occurred  well  in 
advance  of  the  test  prediction,  it  would  seem  an  essential  need  that 
more  measurements  are  made  on  aircraft  in  actual  operation  as  opposed 
to  manufacturers'  development  flying. 

Rosenfield  remarks,*16)  "...the  nest  index  of  the  life  of  a  structure  presumed 
to  nave  a  'safe-life'  is  actual  behavior  m  service.'  Regards  temperature  and  corro¬ 
sion,*1^)  ''botn  are  time  dependent  effects  and  os  yet  we  do  not  know  how  to  superpose 
them  on  the  cycle  dependent  fatigue  beravior  other  than  to  run  the  entire  test  m  real 
time."  And  m  his  concluding  rema-'ks,  *  l6‘'  "...prediction  of  the  safe  service  life  from 
fatigue  test  data  alone  leaves  much  to  do  desired." 

Witnai,  then,  the  full-scale  laboratory  fatigue  test  is  admitted  to  be  ineffec¬ 
tive,  at  tr.e  des.ired  level  of  credibility,  for  determining  the  locations,  time  of  occur¬ 
rence  or  rates  of  service  cracking.  While  it  may  be  justified  on  other  grounds,  namely, 
paying  for  itself  from  the  savings  or-  fl^ef  costs  because  of  the  defects  it  does  uncover, 
and,  as  a  vehicle  for  verifying  the  approximate  suitability  of  repair  schemes,  the  full 
scale  fatigue  test,  at  the  very  least  might  be  augmented  with  some  other  scheme  or  schemes 
to  enhance  the  likelihood  of  pin-point ,ng  early,  unexpected  cracking  pre  lams  m  fleet 
aircraft 

Of  course,  one  approach  would  bs  to  conduct  the  full-scale  test  out-of-doors, 
or  m  seme  such  simulated  environment.  Suggestions  of  this  sort  might  be  inferred  from 
Sci.ijve's  report,*1^)  for  example.  The  efficacy  of  outdoor  testing  in  reducing  the 
scatter  factor  m.ignt  also  be  inferred  from  the  implications  of  what  has  not  beer,  generally 
reported  about  a  more  recent  full-scale  fatigua  test,  known  to  have  been  conducted  out-of- 
doors.  *^*)'  Perhaps  this  approach  would  prove  particularly  attractive  to  those  firms  whose 
outdoor  test  site  locations  were  predominately  wans  and  moist. 

The  sign  if- cant  limitation,  in  my  judgement,  of  the  full-scale  fatigue  test 
stems  rrom  ito  uniqu-  ness;  it  is  on-;  (or  even  two)  airframes  out  of  many.  Results  from 
such  tasting  arc  difficult  to  translate  to  aircraft  which  experience  substantially  different 
service  loadings  and  environr-cnts.  Khat  seems  to  ho  missing  is  inf ormation  on  the  range 
of  basic  material  characteristics  uroer  service  conditions  and  a  more  thorough  understand¬ 
ing  of  the  behavior  of  very  small  cracks  under  realistic  load-time  histories  and  environ¬ 
ments.  In  the  same  vein,  structural  gointu  7  methods,  m  their  poorer  and  their  better 
mechanical  conditions,  seem  not  adequately  evaluated  cither. 

In  fact,  we  do  not  seem  to  know  under  what  conditions  service  experience 
enhances  fatigue  life  and  specifically  when  it  is  detrimental. 

Returning  to  a  perspective  on  t.ne  whole  of  airframe  fatigue,  it  is  recognized 
that  only  a  t.ey  fraction  of  the  fleet  structures  cause  early,  unexpected  problems  and 
if  it  were  known  which  particular  locations  in  specific  airframes  were  being  delivered 
in  a  potentially  defective  state  they  would  surely  be  corrected  forthwith.  The  methods 
of  A  Rational  Aral. tic  Theory  -f  Fatigue  have  provided  a  framework  of  techniques  for 
calculating  the  likely  course  of  crack  expansion  at  a  given  structural  location;  results 
arc  obtained  only  if  an  initial  crack-like  defect  is  assumed  AND  appropriate  stress 
histories  and  relevant  material  response  characteristics  are  known.  The  behavior  termed 
"initiation"  is  not  treated  by  this  approach,  yet  the  initiation  or  pre-crack  period  is 
what  we  try  to  make  usefully  lonq  by  our  attention  to  improved  design  and  manufacturing 
processes . 
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Since  so  much  of  the  airframe  structure  does  not  develop  significant  cracking 
problems  but  does  indeed  last  out  its  intended  service  lifet  the  question  of  fatigue 
may  be  turned  around  to  ask  why?!  Can  it  be  that  service  an*  ironir.ents  accelerate  the 
production  of  oxidized  material  which  is  exposed  by  fretting  actions,  thereby  laterally 
enlarging  the  microscopic  rips,  forming  more  of  a  rounded  pit  than  a  crevice? 

Jar fall  offers  the  interesting  observation  that  the  apparent,  stiffness  of 
aluminum  rivets  and  steel  bolts  in  aluminum  alloy  2024-T3  have  shown  a  steady  Increase 
with  the  number  of  load  cycles.  i21)  is  it  possible  that  continued  oxidation  at  the 
alloy/fastener  interface  .-.gions  acts  to  "tighten"  the  pin  in  the  hole?  Such  an  effect 
might  be  promoted  by  Cue  usual  service  environments  and  cause  pin-fastened  -joints  to 
behave  more  and  more  1  ke  they  were  interference-fit  as  operational  time  piogressed. 

Oppositely,  if  the  local  chemistry  at  the  damaged  region  in  the  fastened  mate¬ 
rial  encourages  crevice  corrosion,  the  defect  would  expand  and  soon  become  a  crack.  The 
value  of  suitable  protective  measures  is  clear. 

Should  this  general  hypothesis  be  a  roughly  correct  assessment  of  the  airframe 
service  situation,  then  it  follows  that  laboratory  full-scale  fatigue  tests  may  often  be 
misleading  as  to  times  when  damage  may  develop  as  well  as  locations  where  it  soonest  is 
the  more  serious. 

It  is  my  present  view  that  the  principal  problem  in  assessing  corrosion  fatigue 
behavior  stems  from  the  lack  of  data  identifying  the  nature  of  service  damage  and  its 
rate  of  accrual  or  diminution.  For  example,  data  on  the  frequency  of  occurrence  of  very 
small  cracks  and  of  nondeveloped  defects  in  the  joints  of  service  airframes  is  needed. 

Our  microscopical  techniques  are  now  more  powerful  than  ever  and  I  should  think  a  compre¬ 
hensive  study  of  not-obviously-cracked  joints  from  service  structures  would  be  most 
rewarding . 

Meanwhile,  some  constructive  plan  may  be  suggested  which  might  permit  a  quanti¬ 
tative  aisessment  of  likely  cracking  development  due  to  actual  service  experiences  of  each 
airframe  in  a  given  fleet. 

A  Pian  for  Assessing  the  Individuality  of  Airframe  Cracking  in  a  Fleet 

The  first  few  aircraft  of  a  fleet  would  be  employed  by  a  customer  on  selected 
flight  profiles  and  at  accelerated  utilization  rates;  the  manufacturer  would  provide 
subsidy  of  uneconomical  operations  out  of  funds  ordinarily  scheduled  for  full-scale 
laboratory  structural  fatigue  testing.  Thorough  examination  would  be  conducted  by  the 
manufacturer  on  these  leadship  airframes,  emphasizing  primary  structural  joints.  Appro¬ 
priate  corrective  measures  would  be  incorporated  in  production  operations  and  produced 
aircraft.  (Of  course,  it  is  taken  that  suitable  fail-safe  designs  are  employed  at  the 
outset.  This  is  already  accepted  in  the  fact  that  many  airframes  are  put  into  service 
prior  to  availability  of  data  from  the  ordinary  full-scale  fatigue  test.) 

At  staggered  intervals,  certain  portions  of  the  leadship  craft  would  be  com¬ 
pletely  replaced  by  the  manufacturer  and  the  removed  portions  "sacrificed"  by  complete 
disassembly  coupled  with  detailed  examination  of  all  component  parts.  Observations 
would  provide  information  on  the  frequency  and  locations  of  damage  initiation  sites  which 
have  become  crack- like  in  character. 

Meanwhile,  material  response  characteristics  would  have  been  obtained  under  a 
range  of  stress  histories,  temperatures  and  environments,  thereby  providing  data  .  nalogous 
to  that  shown  on  Figures  10,  11  and  12.  From  these  results,  together  ••’‘ch  the  data  crom 
examined  structures  and  the  sacrificed  components,  calculations  would  be  generated  fox 
each  airframe,  based  on  its  actual  experiences. 

The  process  would  be  repeated  with  airframes  from  later  production  periods. 

Beth  the  specific  service  airframes  and  their  particular,  suspect  regions 
would  be  identified  and  scheduled  for  the  localized  attention  needed.  In  this  way  it  is 
expected  that  each  fleet  airframe  would  receive  only  thet  extent  of  servicing  required  to 
remain  economically  effective.  The  economic  or  strategic  benefits  of  this  plan  may  prove 
attractive  since  it  would  account  for  individualities  of  a  fleet  and  thereby  permit  maximum 
availability  of  all  airframes.  In  effect,  I  believe  it  would  "reward"  the  customer  for 
employing  prudence  ir.  his  operational  assignments  rather  than  penalize  him  by  removing 
aircraft  from  his  inventory  for  unneeded  inspections  and  coo-conservative  repairs. 

CONCLUDING  REMARKS 

It  is  my  belief  that  enough  progress  has  been  made  in  technological  fields  bear¬ 
ing  on  service  airframe  fatigue  problems  to  permit  a  new  approach  to  the  design,  manufacture 
and  operation  of  aircraft  fleets.  I  have  intended  to  point  out  two  areas  where  further 
efforts  seem  warranted  -  and  these  relate  to  the  general  phenomenology  of  corrosion 
fatigue. 

*  Ke  need  more  thorough  understanding  of  the  role  of  service  environments  and 

experiences  on  the  mechanisms  which  cause  development  or  mitigation  of 

recognizable  cracks. 

•  We  need  more  complete  material  cracking  behavior  data  in  the  range  of  times 

and  environments  experienced  during  service  operations. 
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FIGURE  11.  Assumed  Increment  of  Cracking 
Under  Fully  Wot  Conditions 


FIGURE  12.  Quasi-Static  Crack 

Expansion  Rate  Esti¬ 
mates  for  Various 
Temperatures 


Of  course  these  two  points  imply  that  relevant  behavioral  models  for  accumulated  damage 
calculations  will  become  available  also. 

And,  I  suppose,  everyone  secretly  wishes  that  mortal  man  will  somehow  be  able 
to  manufacture  earth,  air,  fire  and  water  into  completely  perfect  aircraft,  manned  by 
completely  infallible  crews.  Then,  all  we'li  have  left  to  do  is  talk  about  perfecting 
the  weather! 
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ON  FATIGUE  ANALYSIS  AND  TESTING  FOR  THE  DESIGN  OF  THE  AlP.FRAME 


By 

Wal ter  J.  Crichlow* 

Engineering  Advisor/Fatigue 
Aeronautical  Systems  Division 
Wright-Patterson  Air  Force  Base,  Ohio  45433 


SUMMARY 


The  experimental  and  analytical  techniques  for  controlling  time  to  fatigue  crack  initiation  in  design 
of  aircraft  structure  are  reviewed  to  define  improvements  that  may  be  gained  from  available  research  know¬ 
ledge.  Modern  servo-control  test  technology  permits  experimental  application  of  the  realistic  flight-by¬ 
flight  sequence  of  variable  amplitude  loading  as  is  experienced  and  measured  in  service.  Discrepancies  among 
simple  theory,  experiment,  and  service  are  being  better  explained  by  accountability  for  residual  stress 
systems  created  by  higher  than  ave-age  loading  peaks  recurring  randomly  throughout  the  service  load  spectrum. 
Experimental  accountability  I~  the  basis  for  the  flight-by-flight  sequence  of  testing.  Analytical  accounting 
for  the  generation,  decay,  and  recreation  of  residual  stress  spectra  is  an  essential  adjunct  to  the  experi¬ 
mental  approach,  for  not  all  parts  can  be  critically  tasted,  and  not  all  load  spectra  variations  can  be 
accommodated  in  lest.  Recent  advances  in  residual  stress  analyses  arc  reviewed  and  directions  for  future  work 
are  indicated.  Failure  theory, interaction  matrix,  chemical  (corrosion),  and  mechanical  (fretting)  environ¬ 
mental  aspects  are  briefly  explored.  Variability  of  results  are  discussed  in  terms  of  design  life  reduction 
factors. 


I.  LIST  OF  SYMBOLS 

D  Oamage  in  Fatigue  Analysis,  Eqn  (20). 

e  Nominal,  local  strain,  non-dimensional.  Also, 

mathmatieal  exponential  =  2.71828 

£  Young's  elastic  modulus,  consistent  units. 

f  Function  of  (  ) . 

FQI  Fatigue  Quality  Index 

F  Tensile  yield  strength  -  consistent  units. 

F  Tensile  ultimate  s-rength  -  consistent  units, 
tu 

G-A-G  Ground-to-air-to-ground  transition  cycle  per 
f I i ght . 

K  Fatigue  Quality  Index  defined  by  Eqn  (1). 

Kj.  Fatigue  equivalent  stress  ratio  at  a  given 

number  of  cycles. 

K.  Empirical  coefficient  in  Impel  I izzeri 's  Eqn 

(18)  (Modified  by  Rotve!) 

K,  K'  Reference  stress  level  for  monotonic  stress- 
strain  curve.  Prime  for  cyclic  stress- 
strain  curve. 

Kr  Empirical  coefficient  in  Rotvel's  Eqn  (17). 

K-j.  Geometric  elastic  stress  concentration  factor. 

m  Slope  of  S-N  curve  on  Log  5  -  Log  N  plot. 

H,  Cyclic  hardening  coefficient  (Table  I). 
h 

Hr  Cyclic  relaxatior  .^efficient  (Table  I). 

n,  n'  Number  of  cycles  at  a  given  stress  level. 

Also,  monotonic  strain  hardening  exponent. 
Prime  for  cyclic  stress-strain  curve. 

N  Allowable  number  of  cycles  at  a  given  stress 

level . 

Npp  Natural  period-number  of  cycles  to  decay  from 
initial  to  a  percentage  of  the  initial  value. 


R  Fatigue  life  reduction  factor  for  subscript  x 

f  defined  in  Eqn  (27) • 

R  ,R  Normalized  stress  ratios. 

0  T 

S  Nominal,  local  stress,  consistent  units. 

SSF  Stress  Severity  Factor  by  Ref  (4  ). 

t  Applied  tinie  -  consistent  units. 

Tpp  Natural  period-time  to  decay  from  initial  to  a 
percentage  of  the  initial  value. 

SUBSCRIPTS  AND  SUPERSCRIPTS 

b,f,j  Beginning  and  final  values  at  ends  of  jth  line 
segment . 

e  Elastic  component  of  stress-strain.  Also 

endurance  1 • ml t  stress. 

eq  Equivalent  value. 

M  Mean  stress. 

Max  Maximum  value. 

M-M  Mean-ground  to  mean-air  trans I t ion  GAG  cycle 

per  f I i gnt . 

o  Initial  value. 

p  Plastic  component  of  s t ress-stra in. 

P-P  Peak-ground  to  peak-air  transition  GAG  cycle 

per  flight. 

R  Residual  stress,  strain. 

REQ  Equi I ibrium-Non-transient  component  of  res'dual 

stress . 

Rt  Trans ient-Non-equ i I i br i urn  component  of  residual 

stress . 

t  Total  stress,  strain. 

e,c  Strain  -  in/ in  - 

«  ^  Cyclic  relaxation  threshold  (Table  !). 


*  Formerly  with  the  Lockhecd-Cal i fornia  Company,  a  division  of  the  Lockheed  Aircraft  Corporation, 
Burbank,  California. 
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A{  )  Increment  of  parameter  (  ),  a  Normal  (tret*  -  com  It  tent  units, 

f  Stress  ratio  parameter  defined  In  Eqn  (17),  ( 1 8} t  Shear  stress  -  consistent  units, 

II.  INTRODUCTION 

fatigue  as  cyclic  load  damage  In  airframe  structural  materials  Is  a  physical  process  likely  to  be  a 
major  engineering  problem  for  many  years  In  the  future.  Damage  tolerance  as  a  specific  engineering  design 
discipline  has  in  recent  years  provided  necessary  safety  of  flight  for  unexpected  damage  from  numerous  sources 
as  well  as  fatigue.  However,  commercial  and  ml  1 1 tary  demands  for  fleet  readiness,  the  economics  of  large* 
scale  capital  Investment  per  aircraft  and  Increasing  fleet  life*cycle  maintenance  costs  demand  a  better 
engineering  solution  than  has  been  achieved  In  the  past.  Flight  loads  recording  Ins t rumentat Ion  and  data 
reduction,  along  with  recent  development  of  highly  versatile  laboratory  test  equipment  for  the  application 
of  realistic  load  spectrum  In  natural  random  sequences  has  Introduced  a  much  needed  capability  for  realism 
in  laboratory  experiments.  Research  with  these  sophisticated  tools  Is  providing  insights  into  the  physical 
limitations  of  past  approaches  to  fatigue  analysis  and  design  procedures.  These  insights  are  leading  to  a 
better  understanding  of  some  of  the  sources  of  variability  and  lack  of  correlation  with  fleet  experience, 
and  thereby  to  more  sophisticated  testing  and  analyses. 

It  Is  the  purpose  of  this  paper  to  discuss  some  particular  fatigue  design  procedures  aimed  at  improving 
techniques  and  quality  of  design  results  when  programmed  Into  the  early  engineering  development  tasks  of  a 
new  airplane  project. 

An  Important  concept  l.i  engineering,  too  often  overlooked,  Is  the  importance  of  specific  testing  and 
the  technique  by  which  specific  test  results  are  incorporated  Into  design  and  analyses.  I  shall  define: 

a.  Open  loop  analyses  are  predictions  from  basics  without  benefit  of  specific  testing.  These  may 
be  based  on  fundamental  and  general  test  data. 

b.  Closed  loop  analyses  are  predictions  from  basics  with  specific  test  results  forming  the  core 
(or  corrective)  system  for  extrapolations. 

If  a  sufficiently  precise  open  loop  system  is  available,  considerable  time  and  money  may  be  saved. 

This  objective  is  most  desirable.  Fatigue,  unfortunately,  cannot  claim  sufficient  precision  and  reliability 
for  open  loop  predictions  and,  for  important  structure,  we  must  rely  on  specific  tests  and  closed  loop 
analyses.  I  shall  discuss  applications  of  this  fundamental  concept  In  the  design  analysis  of  aircraft 
structures. 

August  Wtthler  (I)  in  1852*1870  conducted  a  scientifically  brilliant  series  of  experiments  In  fatigue 
of  metals  by  isolating  and  holding  constant  each  of  many  variables  affecting  the  problem.  By  this  means,  the 

constant  stress  experiment  and  the  S-N  diagram  of  the  results  were  invented.  What  has  now  to  be  done  is  to 

put  the  pieces  back  together  again  and  determine  whether  the  recombined  results  match  nature.  Palmgren  (2) 
in  192k  and  Miner  (3)  independently  in  1 9^5  propounded  the  simple  concepts  of  the  linear  cumulative  damage 
hypotheses  In  attempts  to  accommodate  variable  load  amplitude  environments.  These  intuitive  and  simple 
notions  have  generated  little  comfort  or  confidence  in  their  capability  to  predict  time  to  fatigue  cracking 
in  real  structures  in  realistic  environments.  We  need  to  explore  why  this  Is  so. 

It  is  becoming  increasingly  clear  that  the  constant*ampl 1 tude  S-N  type  data,  by  virtue  of  the  experi¬ 
mental  technique,  does  not  contain  the  material  fatigue  response  to  the  sequential  effects  of  variable  load 

amplitude  spectra  found  in  real  life.  In  the  constant  amplitude  experiment,  a  different  volume  of  material 

is  used  at  each  stress  level  and  no  single  volume  of  material  feels  the  changing  residual  stress  pattern  nor 
the  work  hardening  (or  softening)  of  varying  stress  levels  different  from  the  single  level  experimental ly 
imposed  on  each  specimen.  Thus,  information  on  the  sequential  effects  of  variable  loading  simply  does  not 
exist  in  the  constant  amplitude  experimental  data.  Therefore,  application  of  analyses  such  as  the  linear 
cumulative  damage  hypothesis,  in  attempting  to  abstract  non-existent  Information,  are  expedients  at  best. 

Two  main  lines  of  attack  are  described  to  solve  this  problem. 

The  first  approach  relegates  the  material  fatigue  response  under  the  complex  variable  amplitude 
spectrum  to  the  laboratory.  Experimental  determination  of  the  fatigue  allowable  is  made  from  specific 
spectrum  loading  realistically  applied  to  coupons,  parts,  joints,  panels,  components,  and  to  foil-scale 
airframe  fatigue  tests.  Availability  of  versatile  variable  load  spectrum  test  machines  through  a  wide  range 
of  capacities  at  a  reasonable  cost  has  engendered  considerable  interest  in  this  approach  despite  the  obvious 
disadvantage  of  limited  generality  from  dependence  on  spectrum  load  content  (shape).  A  scheme  of  analysis 
of  specific  spectrum  test  results  devised  some  years  ago  at  the  Lockheed-Cal i fornia  Company  Is  described  to 
define  the  specific  S-N  curves  (interpolated  on  the  Kt  scale)  which  makes  the  linear  cumulative  damage 
summation  identically  equal  to  unity  for  that  spectrum  test  result.  This  stress  concentration  factor  is 
defined  to  be  the  Fatigue  Quality  Index  for  that  coupon,  joint,  part,  panel  or  location  In  full-scale  air¬ 
frame  fatigue  test.  Spectrum  tests  of  field  failures  (and  successes)  permit  establishment  of  acceptable 
and  unacceptable  Fatigue  Quality  Index  levels  from  comparative  tests.  This  permits  projection  of  good  fleet 
performance  Into  new  design.  Establishment  of  Fatigue  Quality  Index  acceptance  standards  also  permits 
fatigue  analysis  and  design  to  proceed  early  in  preliminary  design  of  a  new  project  followed  by  design  veri¬ 
fication  testing  as  soon  as  sufficient  detail  design  is  accomplished.  Constant  amplitude  S-N  curves  in  this 
scheme  become  simple  transfer  functions  between  tested  and  modest  variations  on  load  spectra  rather  than  an 
explicit  base  for  analysis  In  the  normal  application  of  linear  cumulative  damage.  Several  examples  of  this 
approach  are  described  demonstrat Ing  its  use  in  design  comparisons,  and  comparing  results  of  analytic  Kt's 
by  elastic  analyses,  Boeing/Jarfal I  finite  element  analyses  ( k  )  and  other  experience  with  the  system  in 
design. 

A  fundamental  fault  of  the  usual  application  of  linear  cumulative  damage  analyses  is  failure  to 
recognize  and  account  for  fatigue  significant  residual  stresses  In  the  full  spectrum.  In  the  second,  the 
analytic  approach  Is  basically  a  refined  stress  analysis,  not  a  new  fatigue  theory,  The  sequential  life 
history  Is  developed  of  the  residual  stresses  created  by  plastic  yielding  at  the  point  of  maximum  stress 
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concentration  under  peek  loading*  In  the  externally  applied  load  spectrum.  Relaxation  or  creep  decay  of 
residual  and  other  steady  stresses  follows  until  new  residuals  are  created  by  a  succeeding  peak  load  In  the 
spectrum.  Pioneering  work  of  Smith  (S),  Neuber  (6),  Morrow  (7),  and  application  and  experimental  work  of 
Impel  I  Izzerl  (8),  Wetzel  (9),  Rotvel  (10),  and  Potter  ( 1 1)  and  many  others  exemplify  this  approach.  Correct 
accounting  for  residual  stresses  entails  a  detailed  stress  analysis  utilizing  complete  material  cyclic 
stress-strain  hysteresis  loops,  and  if  needed,  stress  relaxation  and  creep  decay  models.  Superposed  strain 
cum  non- 1  Inear  residual  stresses  with  the  external  strains  and  stresses  reduces  the  fatigue  failure  theory 
back  to  the  use  of  unnotched  coupon  constant  amplitude  allowable  S-N  data  in  the  linear  cumulative  damage 
ratio  form,  limitations  of  the  methods  for  application  to  Joints  revolve  around  the  problem  of  fretting  for 
which  no  comparable  analytic  approach  It  yet  available.  Resort  to  an  experimental  approach  is  the  only 
current  recourse.  Some  concepts  and  data  from  work  at  Lockheed  Rye  Canyon  Research  Laboratories  will  be 
briefly  reviewed. 

These  approaches  (analytical,  experimental)  attempt  to  Improve  the  mean  value  of  life  predictions, 

A  statistical  analysis  of  a  large  body  of  fatigue  results  may  provide  a  basis  for  a  mean  error  correction 
to  the  analysis.  However,  a  wide  variability  remains  about  the  mean  and  requires  assessment.  The  vari¬ 
ability  of  the  fatigue  process  Is  explored  In  subject  areas  Immediately  sensitive  to  design,  qualification 
and  fleet  performance  monitoring.  Several  elements  or  Increments  of  reduction  factors  are  defined  which 
combine  to  make  a  total  life  reduction  factor.  The  objective  Is  to  provide  a  more  rigorous  basis  for  fleet 
performance  predictions,  incentives  for  Improving  analysis,  testing,  material  performance,  environmental 
protection,  and  mission  element  and  load  tracking.  The  proposed  variability  factor  is  graded  to  particulars 
of  a  given  system  of  analysis,  load  spectrum,  material,  laboratory  test  technique,  operating  environmental 
exposure  and  protective  systems,  mission  element  and  loads  spectrum  definition,  and  field  monitoring  tech¬ 
niques.  It  Is  hoped  by  these  means  to  improve  the  design  and  the  translation  of  test  results  Into  better 
fleet  performance,  and  to  focus  corrective  attention  on  the  major  contributors  to  fatigue  variability. 

III.  LABORATORY  TESTING 

A.  A  History  of  Testing 

The  earliest  record  of  engineering  fatigue  tests  were  those  conducted  by  Albert  In  1829  on 
cyclic  testing  of  welded  chain  for  mine  hoists.  Tests  were  conducted  at  10  cycles  per  minute  for  as  many 
as  100,000  cycles.  In  1 843  W.  J.  M.  Rankinc  (12)  tested  wrought  Iron  railway  axles  and  concluded  that 
fatigue  cracking  did  not  Initiate  by  "crys ta I i za t ion1'  but  was  caused  by  structural  weakness  at  the  junction 
of  the  journal  with  the  shoulder  without  a  transition  radius. 

From  1852  to  1870,  August  WOhler  (I)  conducted  his  classical  and  comprehensive  study  of  fatigue 
response  to  torsion,  tension,  and  rotating  bending.  The  effects  of  abrupt  changes  In  cross-section,  heat- 
treatment,  and  time  element  of  applying  stress  were  systematically  investigated.  As  mentioned  In  the  intro¬ 
duction  he  was  responsible  for  the  so  called  S-N  diagram,  the  basis  for  the  presentation  of  constant  ampli¬ 
tude  fatigue  test  data  currently  so  widely  used. 

In  1 864  the  first  fatigue  test  of  built  up  structure  was  conducted  by  Fairborn  (13).  A  wrought 
iron  beam  22  feet  long  by  16  inches  deep  stiffened  by  angles  was  loaded  by  a  lever  pickup  and  dropping 
weight  system.  Rotating  beam  material  coupon  test  machines  were  introduced  by  Lehr  (lk)  In  Germany  and 
R.  R.  Moore  (15)  In  USA  in  1925- 

The  first  resonant  fatigue  test  system  is  believed  to  have  been  introduced  In  1938  by  the  Good- 
year-Zepplin  Corp,  (16)  to  test  built  up  girders  for  airship  construction.  Also  In  1938  W,  Bleakncy  applied 
the  resonant  method  to  aircraft  box  beam  structures  (17).  In  May  1939  Lockheed  tested  a  series  of  wing  box 
structures  by  the  resonant  system  utilizing  motor  driven  adjustable  eccentric  weights  on  a  cantilever  jig 
which  was  weighted  additionally  to  apply  the  required  mean  or  steady  load.  During  19kl-k2  H.  W.  Foster  at 
Lockheed,  developed  the  resonant  loading  system  to  a  high  efficiency  test  machine  which  was  duplicated  by 
a  number  of  other  companies  and  government  agencies  including  NACA.  Many  of  these  machines  are  still  in 
use  today. 

Multiple  hydraulic  loading  jacks  were  applied  to  fatigue  test  early  Constellation  wing  ribs  in 
I9k0-kl.  In  I9k3  the  first  Lockheed  variable  load  spectrum  fatigue  test  was  applied  to  Constellation  wing 
lower  surface  in  a  50,000  lb  resonant  machine.  In  IS )k6  the  first  Neptune-XP2V- 1  Navy  patrol  landing  gear 
was  fatigue  tested  with  hydraulic  jacks  programmed  to  cycle  the  wheel  spin-up  and  spring-back  load  vectors 
by  phasing  the  sequence  of  the  vertical  and  horizontal  component  force  jacks  attached  to  the  axes. 

A  500,000  pound  capacity  resonant  fatigue  machine  was  designed  by  Foster  in  1951  (18).  Flexure 
pivots  eliminated  bearing  wear  and  reduced  friction.  Mean  load  was  applied  through  a  soft  spring  while  oscil¬ 
lating  forces  were  generated  by  two  opposing  tuned  pendulums  operating  through  a  leverage  system  onto  the 
test  specimen.  Wing  surface  panels  and  complex  Joints  up  to  3  feet  wide  x  10  feet  long  with  dihedral  and 
sweep  angles  and  component  ribs  could  be  accommodated.  Many  other  companies  built  these  type  machines 
from  Lockheed  designs. 

Lockheed's  first  application  of  a  ground-air-ground  cycle  occurred  in  1955  in  step  spectrum  tests 
of  the  model  I6k9  Super  Constellation  wing  centerline  joint.  This  test  was  conducted  in  the  500,000  lb 
resonant  test  machine.  The  first  flight-by-flight  spectrum  test  was  applied  in  1956  to  the  F-lOk  wing- 
fuselage  joint.  To  accommodate  rapid  chordwise  shift  of  center  of  pressure  between  subsonic  and  supersonic 
flight,  chordwise  loading  frames  loaded  by  two  vertical  hydraulic  jacks  were  programmed  to  give  the  desired 
force  vector  and  C.P.  location. 

The  Lockheed-Georg la  company  in  1956-59  conducted  the  first  submerged  (swimming  pool)  fuselage 
pressure  cycling  test  in  the  USA.  The  USAF  C-130  cargo  fuselage  was  the  specimen. 

In  March  1959,  Lockheed-Cal ifornla  company  set-up  their  first  closed  loop  servo  controlled 
fatigue  machine  for  spectrum  testing.  A  potentiometer  bank  and  associated  electronic  circuitry  was  used  to 
perform  thermal  and  load  cyclic  testing  of  titanium  and  steel  materials  for  supersonic  transport  doslgn  data. 
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8.  Servo  Controlled  Fatigue  Testing 

A  major  break-thru  in  test  versatility  cams  through  the  successful  development  of  electro- 
hydraulic  servo  valve  systems  for  aircraft  powered  controls.  In  1959*60  the  Lockheed-Cal ifornia  Company 
initiated  development  of  a  fatigue  testing  system  subsequently  sponsored  by  the  AF  Flight  Dynamics  Laboratory 
(AFFDL)  based  on  this  technology  (19).  A  magnetic  tape  recorded  signal  from  a  strain  gage  mounted  on  the 
wing  spar  of  a  USAF  8-47  bomber  was  furnished  by  the  AFFDL.  \  90  minute  flight  through  high  activity  Rocky 
Mountain  turbulence  provided  the  basic  loading  history  for  use  in  testing.  A  number  of  counting  methods 
were  applied  to  the  taped  signal  and  variations  in  block  spectrum  test  parameters  of  the  same  lo;d  content 
wore  prepared.  The  fatigue  significance  of  these  test  block  representations  were  determined  experimentally 
and  compared  to  baseline  fatigue  response  data  '  om  flight-by-flight  sequences  utilizing  the  original  tur¬ 
bulence  signal  in  flight  portions  and  modified  ve-sions  for  ground  taxi  loading  portions.  Notched  coupons 
and  bolted  joint  specimens  were  tested  (20). 

Utilizing  the  basic  spectrum  data  furnished  by  Locxheed  through  the  AFFDL  and  partially  sponsored 
by  the  USAF  European  Research  Office,  J.  Schijve  at  the  Netherlands  National  Laboratory  for  Aeronautics  (NLR) 
repeated  many  of  these  same  experiments  on  a  duzei.  or  more  full-scale  structures  of  the  Fokker  F-27  wing 
lower  surface.  These  complete  structures  fabricated  of  7075-T6  were  providentially  available  from  an  early 
decision  by  Fokker  to  change  to  2024-T3  materia)  on  production  aircraft.  The  NLR  full-scale  structure  test 
results  confirnied  in  all  respects  Che  main  conclusions  drawn  from  the  earlier  research  on  coupons  and  joints 
at  Lockheed  (21 ) . 

In  the  intervening  years,  the  f 1 ight-by-fl ignt  tape  controlled  test  technology  has  been  applied 
.o  the  US  Navy  P3V  series  engine  nacelle  (13  control  channels)  and  P3V  wing  with  carry-thru  box  (54  channels) 
(22)  the  Lockheed  CL-286  helicopter,  one  of  the  first  helicopters  certified  by  FAA  on  flight-by-flight  vari¬ 
able  load  spectrum  test  techniques,  (23),  and  to  the  US  Army  AH-56  Cheyenne  helicopter  fatigue  qualification 
testing  (24).  Considerable  supersonic  transport  research  under  combined  cyclic  thermo!  and  fatigue  loading 
was  accomplished  (25).  The  Lockheed  L-I0I1  transport  is  currently  undergoing  random  ordered  flight-by-flight 
testing  (200  load  control  channels)  (26).  It  is  planned  that  the  USAF  B-l  bomber  will  undergo  its  full- 
scale  airframe  fatigue  qualification  test  program  in  these  same  facilities  (approx.  250  load  control  channels) 
Figure  t  illustrates  a  large  universal  cyclir  fatigue  test  machine  (3i-axial  in-p’ane  panel  loading  with 
norma!  pressure)  and  cyclic  heating  facilities.  Normally  serviced  by  18  control  channels,  any  necessary 
number  of  load  and  thermal  control  systems  may  be  provided.  One  machine  of  a  mi, lion  pounds  in-plane 
capacity  and  two  machines  of  1.5  million  pounds  capacity  are  now  available  in  the  Lockheed  Rye  Canyon 
Research  Laboratories. 

Other  major  aircraft  companies  and  government  agencies  both  in  Europe  and  USA  are  procuring  simitar 
closed  loop  servo-cc-’trol lad  equipment  for  it  is  almost  universally  accepted  that  the  more  realistic  flight- 
by-flight  variable  I  oat'  amplitude  rest  sequence  is  required,  especially  for  full-scale  airframe  qualification 
testing.  However,  this  type  of  testing  for  engineering  design  a’lpwables,  joint  and  component  development 
testing  is  unfortunately  not  so  unKsr'ally  accepted.  Considerable  reliance  is  still  being  placed  on  con¬ 
stant  amplitude  testina  and  the  simplistic  linear  cumulative  damage  aralyses,  in  spite  of  its  recogn:zed 
aef iciencies  and  wide  var iaoility  of  results.  A  part  of  the  difficulty  is,  no  doubt,  inheienc  in  the 
additional  comolexity  and  increased  number  of  variables  required  in  the  definition  of  loading  spectra,  and 
in  the  concept  nf  s  consistent  acceptable  engineering  procedure  for  transformation  among  different  spectra. 

I  shall  now  describe  a  simple  approach  developed  for  this  purpose  a'  Lockheed  about  1956. 

C .  Analytic  Interpretation  of  Spectrum  Tests 

T^e  basis  for  the  analysis  of  variable  spectrum  test  results  was  the  linear  cumulative  damage  rule. 
A  full  set  of  notched  rouoon  material  constant  amplitude  S-N  data  was  faired,  cross-plotted,  consistently 
smoothed  and  s tandordl zed ,  i.e.,  fixed.  The  total  applied  'est  spectrum  accumulated  up  ro  failure  was 
analyzed  for  £n/,N  at  each  of  a  number  of  Kt  values  .  Cross-plotting  yn'N  vs  Kr  and  interpolation  derived 
the  r.ique  Kj  value  f rom  the  standard  set  of  S-N  curves  wh.ch  made  the  cumulative  damage  ratio  identical  to 
one : 


Ijf  =  1.00  (I) 

This  spectrum  test  derived  effective  stress  concen  ration  number  was  define-  to  be  the  "Fatigue  Quality 
Index".  The  FQI  was  desigiated  "K"  dropping  the  subscript  "t"  to  differentiate  from  the  elastic  geometric 
stress  concentration  factor.  By  maintaining  the  set  of  S-N  curves  invariant,  the  Fatigue  Quality  Ind'ces 
of  different  structures  tested  under  different  spec  ra  are  mere  direct  /  comp  -able  on  a  quality  sczle  that 
contains  explicitly  spectrum  stress  levels,  life  in  cycles  or  number  ut  flights  e'c.,  integrated  into  a 
single  number,  K,  and  avoided  cumbersome  graphical  i jrve  comparisonr. 

By  the  consistent  analysis  of  a  large  number  of  full-size  joint  and  component  test  specimens 
(I  x  6  ft  to  3  x  10  ft)  a  statistical  distribution  of  Fatigue  Quality  Indices  emerged  as  shown  on  F(gure  2. 
Separation  of  poor  detail  from  good  design  was  accomplished  by  examining  FQI  for  structures  which  failed 
early  in  service  compared  with  FQI  for  successful  structure  in  service.  Invariably  successful  long-lived 
structure  showed  a  low  number  for  FQI  (high  quality)  and  a  high  number  was  shown  for  Fni  (poor  quality)  for 
early  service  failures.  Application  of  these  data  permitted  the  engineering  sequence  of  design  to  proceed: 

(1)  An  acceptance  standard  of  Fatigue  Quality  Index  was  established  for  design  and  analysis: 

It  was  required  that  joints  and  details  be  designed  to  be  equal  or  better  fhar>;  say 

K  -  4.0  (shell  structure) 

3.2  (machine  parts) 

3.0  (He I icopter  parts) 

(2)  The  acceptance  standard  was  assumed  and  fatigue  allowable  stresses  dete-mined  analytically 
for  factored  life  requirements,  for  example  see  ligute  3-  Weiqht/cost/pcrfonnance  trade 
studies  and  detail  design  proceeded  with  confidence  on  the  premise  that  t be  assumed  K  values 
would  later  oe  demonstrated  by  fatigue  tests  of  critical  areas. 
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(3)  As  early  as  possible,  specific  load  spectra  were  made  available  to  the  laboratory  and  a 

range  of  notched  coupon  tests  (at  several  Kt*s)  were  conducted  at  several  reference  stress 
levels  (constant  ratio  amplifications  of  ail  stress  levels  in  the  spectrum).  Spectrum 
derived  fatigue  design  allowables  were  developed  containing  experimentally  the  residua* 
stress  spectrum  history  at  the  differing  notch  factors  Kt .  These  data  were  used  to  up-date 
structural  sizing  previously  based  on  open  loop  analytical  predictions. 

(*0  Spectrum  tests  of  fatigue  critical  joint  and  component  designs  were  then  conducted  each  to 
its  own  design  spectrum.  At  failure  in  the  test,  the  Fatigue  Quality  Index  was  determined 
as  above.  If  the  test  life  was  sufficient,  i.e.,  the  Quality  Index  was  equal  or  better  than 
the  acceptance  standard,  the  joint  or  component  qualified  for  production.  Poor  quality  index 
and/or  insufficient  life  required  redesign  until  the  part  was  acceptable.  The  follow-up 
verification  testing  and  development  of  necessary  changes  is  a  most  important  element  in  the 
success  of  the  system. 

(5)  Where  captial  investments  justified  the  costs,  full-rale  airframe  fatigue  tests  are  scheduled 
for  verification  of  the  total  structure.  Realistic  randc  ordered  flight-by-flight  sequence 
loading  has  become  the  accepted  norm  for  this  final  design  iteration.  The  pattern  of  staged 
test  escalations,  and  multif.  design  iterations  each  on  improved  experimental  data  base  is 
now  visible  to  assure  design  of  durable  airframe  structure  for  any  required  operational  life¬ 
time. 

The  statistical  derivation  of  the  FQI  acceptance  standard  comparatively  translates  successful 
service  experience  on  older  models  into  the  new  deigns.  The  fixed  standardized  set  of  S-N  curves  is 
essential  to  consistently  maintain  the  comparative  uase.  The  recognized  deficiencies  of  constant  amplitude 
test  results  were  minimized  by  using  the  set  of  S-N  curves  as  an  arbitrary  damage  surface  and  thus  as  a 
transformation  function  between  oifferent  spectra.  So  long  as  the  spectra  are  similar,  transformations 
would  be  less  subject  to  error  than  predictions  from  constant  amplitude  data  wthout  spectrum  loaa  inform¬ 
ation.  By  this  means  it  was  expected  that  at  least  moderate  changes  in  operating  conditions  and  load 
spectra  could  be  analyzed  on  a  spectrum  test  based  system  in  which  residual  stress  effects  would  be  auto¬ 
matically  integrated  exoerimental ly  into  the  (analysis)  results  at  a  higher  confidence.  A  few  examples 
will  be  discussed. 


D .  Fatigue  Quality  Index 

Applications  of  the  theory  of  elasticity  to  notch  geometries  have  derived  a  large  body  of  elastic 
stress  concentration  factor  data,  utilized  in  design  and  stress  analyses  for  manv  years.  Also  for  many  years, 
it  has  been  recognized  that  most  fatigue  results  dp  relate  only  superficially  to  the  theoretical  geometric 
stress  concentration  factors.  In  constant  load  amplitude  environment,  the  effective  fatigue  factor,  Kf,  is 
defined  by  the  ratio  of  unnotched  to  notched  value  of  net  area  stress  at  a  given  number  of  cycles: 


L  Kt  =  X  J  f  (n) 

is  a  complex  fur  tion  of  material,  the  life  "N”  at  which  the  ratio  is  taken  (which  means  really  the  nominal 
gross  or  net  are  stress  level  at  which  "N"  was  derived  in  the  experiment)  and  also  with  the  severity  of  the 
notch.  Figure  •  illustrates  a  typical  variation  for  2024-T3  aluminum  alloy. 


A  number  of  notched  coupon  tests  of  7075-T76  aluminum  were  conducted  under  ttansport  type  load 
spectra  at  several  levels  of  reference  gross  area  stress  severity.  Analysed  by  the  Fatigue  Quality  Index 
method,  the  relation  of  Fatigue  effective  K  vs  geometric  elastic  stress  concentration  factor  Kt  was  derived 
as  indicated  on  Figure  4.  Within  the  ra  lge  of  d‘ta,  a  linear  relation  was  indicated. 

A  few  complex  joint  specimens  nave  been  analysed  by  the  finite  element  technique,  modeling  attach¬ 
ment  load  transfer  among  the  various  pieces  of  the  joint.  Some  of  these  joints  are  illustrated  on  Figure  5- 
The  Stress  Sever  I  tv  Factor  (SSF)  is  defined  by  Jarfql I  (4  )  to  be  the  maximum  stress  from  the  analysis 
normalized  by  the  average  gross  area  stress  in  relatively  uniform  structure  outside  the  joint.  For  these 
joint  specimens,  the  relation  of  the  test  derivea  Fatigue  Quality  Index  to  the  Stress  Severity  Factor  is 
indicated  b\  the  test  points.  Within  .he  scatter  band,  a  linear  relation  is  also  shown  for  these  data  on 
Figure  4. 

Examples  of  open  loop  predictions  compared  to  fleet  crack  exserience  can  range  from  factors  of 
2  to  40  or  more  unconservat i vc .  One  example  of  closed  loop  predictions  compared  with  a  cargo  f'eet  crack 
experience  (27)  is  illustrated  on  Figure  6A.  Prediction,  were  based  on  a  Fatigue  Quality  Index  value  derived 
from  test  unoer  a  design  ’odding  spectrum.  A  mean  error  correction  factor  of  about  2.5  is  indicated. 

Figure  6B  is  a  correlation  of  crack  initiation  on  the  right  and  left  side  of  the  wing  of  individual  aircraft. 
Scatter  is  seen  to  be  within  ±25%  on  life  which  represents  about  a  2.5%  increment  on  stress.  Presuming 
like  exposure  to  service  loads,  these  data  indicate  residual  variability  is  smati  if  mean  error  corrections 
can  be  successfully  defined.  Figure  6C  illustrates  an  improved  assessment  of  operational  mission  definition, 
redefining  ser-  .•* -ge  by  fleet  segment,  and  as  well  modifying  the  average  damage  assessment  f'om  the  mean 
values  within  a  djta  viock  to  the  damage  determined  by  averaging  that  at  the  corners  of  a  data  block.  These 
two  corrections  resulted  in  the  "latest"  damage  predictic—  curve  compared  with  the  "early"  correlation 
curve,  it  is  observed  that  tne  mean  prediction  at  50%  of  the  fleet  has  improved  from  a  ratio  just  under 
a  factor  of  4.  to  a  factor  just  u'-der  z.  A  remaining  factor  not  yet  included  is  the  fat.gue  difference 
between  s  block  test  with  mean  to-mean  gri-.rid-ai  r-ground  cycles  compared  with  f  I  ight-by-f  I  ight  tests.  T|,ese 
are  of  about  the  order  of  magnitude  to  -over  tne  remaining  mean  error  correction  mo.cated  on  Figure  60 . 

Another  example  of  the  difficult!  *s  that  mav  be  encountered  derived  fro-  a  ••"cent  attempt  to 
analyse  full-scale  air'rame  test  results  on  yet  a  i*'fferent  cargo  type  aircraft  obtained  bv  block  'pectrum 
testing  conducted  some  time  ago  with  a  definition  ol  the  ground-ai r-ground  eye'e  based  or  -can-ground  to 
mean-air  transition.  These  were  determined  by  direct  comparative  spectrum  tests  to  oe  --oeservat . w  by 
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life  rat ios  from  2.3  to  about  3.2C.  figure  60  il’ustrates  the  transformation  procedure  devised  along  with 
some  specific  comparative  spectrum  tests  conducted  to  guide  the  transformat  ion  to  an  equivalent  once  per 
flight  peak-to-peak  definition  of  the  G-A-G  cycle.  FQI  K  values  from  mean-fo-mean  tests  analysed  by  mean- 
to-mean  G-A-G  definition  were  available.  Analysis  of  other  r I ight-by-f I ight  spectrum  test  data  by  both 
mean  and  peak  G-A-G  definitions  provided  a  parametric  relationship  of  cumulative  damage  values  both  computed 
for  the  FQI  K-mean-to-mean  basis  and  the  ratio  of  test  derived  <p-p/Kft-M  . 
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Data  points  are  shown  on  Figure  60.  The  exercise  to  derive  a  consistent  FQI  K-  value  to  be  used  with  a 
peak-to-peak  definition  of  ground-air-ground  cycle  in  analysing  missions  other  than  those  tested  was  con¬ 
sidered  only  marginally  successful.  Transfer  to  load  spectra  other  than  tested  must  be  considered  to  be 
extrapolations  i’  best  and  approached  wi th  due  caution. 

Reviewing  these  results  from  ..he  design  point  of  view,  large  changes  in  time  to  crack  initiation 
are  gained  by  relatively  modest  stress  increments,  and  qui'c  frequently  little  or  no  weight  or  performance 
penalties  ensue  from  common- sense  solutions  to  fatigue  problems.  When  the  closed  loop  analysis,  design  and 
testing  scheme  is  conscientiously  and  consistently  applied,  we,  auite  literally,  have  had  no  fatigue  troubles 
from  design  deficiencies  in  full'Scale  testing  or  in  service.  However,  when  full-scale  test  or  service 
problems  have  appeared,  Invariably  either  through  oversight,  unrecognized  stressing  systems,  or  lack  of 
early  testing,  poor  detail  design  did  slip  through  the  screening  system.  While  quite  successful  as  a  des’iou 
tool,  its  success  in  predicting  life  to  initial  crackinq  in  the  fleet  >5  less  than  desired. 

£  .  L  imi  tat  i or.s 

Dasic  limitations  of  the  fatigue  Quality  Index  closed  loop  approach  revolve  around  the  shape  of 
the  transfer  function,  i.e.,  the  set  of  S-N  curves.  There  are  two  ends  of  the  problem: 

(1)  The  HIGH  STRESS  END  of  the  S-N  curves  cortain  residual  stress  history  of  only  that  one  stress 
level,  the  specific  data  point,  independent  of  ail  others.  The  spectrum  test  contains  the 
complete  residua!  stress  history  for  its  one  specific  spectrum.  There  is  no  fundamental 
reason  to  believe  the  transfer  function  capable  of  providing  more  than  nominal  success  for 
transforming  to  unrelated  spect'a,  with  different  residual  stress  historv. 

(2)  The  LOW  STRESS  END  of  the  S-N  curves  contains  the  potential  of  an  endurance  limit.  In  the 
speerrum  environment  threshold  stress  levels  c.f  fatigue  significanue  have  been  detected 
often  at  50  to  80%  of  the  constant  amDiitude  endurance  level  f j t  say  the  10°-l0,,  cycle 
points)  (28),  and  some  unpurlished  Lockheed  data  indicates  threshold  levels  could  be  as  low 
as  30%  of  the  constant  amplitude  level. 

F .  The  Truncation  Dilemma 

Economic  limitations  prevent  multiple  specimens  for  fatigue  testing  large  scale  structures.  In 
these  circumstances  only  one  test  spectrum  is  applied,  oerheps  of  initially  random  ordered  f I i ght-by- f I i ght 
sequence.  Highly  significant  decisions  (for  the  test  life  result)  must  be  made  early  in  the  schedule  to  pre¬ 
pare  this  test  spectrum.  Three  parts  of  the  problem  are  apparent: 

(I)  LOW  STRESS/HIGH  C  ~l£  TRUNCATION  involves  the  direct  omission  of  those  multitudes  of  time 
consuming  low  stress  levels  simply  from  the  necessary  economics  of  extended  test  schedule 
spans.  Constant  amplitude  endurance  limits  or  normally  aoplie1  linear  cumulative  damage 
analyses  are  not  satisfactory  criteria  for  decisions  on  deletion  of  low  level  loads  in  p 
spectrum  environment.  Expei iments  at  Lockneed  indicate,  for  a  titanium  and  a  stainless 
steel,  that  truncation  of  low  stress  level >  below  a  threshold  level  of  faiique  significance 
results  in  no  change  in  fatigue  life  when  measured  in  number  o,"  flights:  even  though  several 
million  cycles  were  omitted.  However,  omitting  stress  levels  above  ,'he  threshold  level  of 
significance  lesulted  in  increased  life  measure.*  in  number  of  flights.  I  i  these  experiments, 
tne  threshold  level  of  significance  from  flight-by-flight  variable  load  amplitude  spectrum 
tests  were  from  50%  to  80%  of  the  constant  load  amplitude  endurance  lin.it  for  these  materials. 
Other  evidence  shows  this  thresholo  level  of  significance  may  be  as  low  as  30'  for  some 
ci  'cumstance'-  of  material  and  ’oad  spectra.  The  concept  is  Illustrated  schema;  I  ca  I  ly  in 
Figure  7  on  which  truncation  levels  A,  B,  C,  6  D  produced  the  characteristic  band  of  results 
‘ndicated  on  the  lower  Branch  I  in  the  diagram.  Similar  results  are  expected  for  aluminum 
alloys  although  sufficient  experimental  results  are  not  yet  available  to  specifically  define 
the  threshold  level  (which  may  be  spectrum  dependent).  C-ack  growth  data  indicate  a  similar 
result  to  a  more  sensitive  degree,  probably  related  to  the  very  high  stress  concentration 
factor  at  the  crack  t;p  compared  with  the  usual  notch  factor  for  fatigue  crack  initiation 
experiments  (2  to  8). 


(2)  HIGH  STRESS/LOW  CYCLE  TRUNCATION  involves  the  assesr  lent  of  the  influence  of  the  relatively 
fewer  occurrences  of  high  stress  "spike"  loads  in  the  spectrum  and  their  contribution  to 
retarding  or  acc- 1  era t : ng  the  time  or  number  of  flights  to  initiaiior  of  the  fatigue  crack. 
The  fundamental  mechanism  of  acceleration  and  retardation  is  the  creation,  decay  and  regener¬ 
ation  of  residual  stresses  during  the  repeated  application  of  service  (test)  toads.  The 
upper  Branches  II  and  iil  of  the  fatigue  life  resuits  are  illustrated  schematically  in 
Figure  7.  Two  possible  cases  are  shown: 
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a.  8ENEF1CJAI  residual  stresses  are  created  at  stress  concentration  points  by  plastic 
yielding  under  the  highest  spectrum  loads  resulting,  for  example,  in  compressive  residual 
stresses  in  a  predominately  tension  loaded  part.  Omissio.  of  the  highest  loads  which 
create  beneficial  residuals  in  this  case  (levels  E  F,  G,  H)  will  cause  a  reduction  of 
fatigue  life  (Branch  It)  in  far  greater  proportion  than  can  be  related  by  normal  fatigue 
damage  calculations  which  ignore  the  residual  stress  spectrum. 

b.  DETRIMENTAL  residua!  stresses,  on  the  other  hand,  ore  created  by  compressive  overloads 
generating  tensile  residua!  stresses  which  add  to  the  externally  applied  tension  stress 
spectrum.  Omission  of  the  peak  loads  which  cause  detriiiental  residua!  stresses  can  only 
increase  Use  measured  in  number  of  flights  3S  indicated  by  Branch  III  on  the  d.agram. 
"Coaxing”  or  extending  of  fatigue  life  by  periodic  overloads  has  been  observed  in  numer¬ 
ous  experiments.  Two  cases  of  cracking  of  fighter  wing  upper  surfaces  have  been  attri* 
buted  to  high  positive  loads  creating  tensile  residual  stresses  which  cycles  subsequently 
to  initiate  early  cracking  in  the  fleet.  Laboratory  tests  confirmed  the  source  and 

time  to  crack  initiation. 

(3)  There  is  a  limiting  concentrated  stress  level  (*  proportional  limit)  below  wriich  spectrum 
loads  will  not  produce  significant  residual  stresses.  Omission  of  fatigue  sensitive  loads 
below  this  level  from  the  test  spectrum  will  tend  to  increase  life  in  number  of  flights  as 
indicated  along  Branch  IV. 

For  a  given  critical  point  location,  the  various  branches  interact  with  each  other  depending 
complexly  on  the  relation  of  the  positive  (tension)  and  negative  branches  cf  the  extefnal  load  spectrum 
(symmetry  vs  unsymmetry)  and  with  the  proportional  limits  of  the  material  in  tension  and  compression  as 
related  to  both  the  external  load  spectrum  and  to  the  threshold  level  of  significance.  For  example,  Branch  1 
may  slide  along  the  horizontal  life  axis  depending  on  which  maximum  load  level  was  retained  in  the  test 
spectrum. 

The  fundamental  truncation  dilemma  is  now  visible:  Within  one  piece  of  structure,  the  level  end 
sequence  relation  of  maximum  tension  to  compression  spike  loads  in  the  spectrum  under  different  truncation 
decisions  may  change  residuals  from  beneficial  to  detrimental.  Further  the  airframe  is  an  assembly  of  many 
parts  some  of  which  are  benefitted  by  periodical ly  repeated  high  leads  and  others  segredfid.  The  one  test 
therefore  cannot  ce  expected  to  represent  even  average  fleet  experience  no:  always  to  generate  the  failure 
locations  possible  within  widely  varying  experience  or  individual  aircraft.  These  discussions  may  help 
explain  seme  of  the  physical  reasons  some  aircraft  may  fall  much  sooner  and  in  different  locations  than 
others  in  <-re  fleet  which  experienced  more  severe  (higher)  loading  experience.  Truncating  the  spectrum  to 
omit  the  highest  sav  ten  (or  a  hundred)  peak  loads  per  unit  block  as  proposed  by  some  is  no  reliable 
solut ion. 

The  questions  posed  by  the  truncation  dilemma  can  only  ce  resolved  by  specifics  of  each  program. 

To  investigate  specifics,  knowiedge  of  the  probability  distribution  of  load  expectancies  (exceedancies)  must 
be  determined  acrcss  the  fleet,  i.e.,  the  least  loaded  aircraft  (iOth  percentile)  the  mean  (50th  percentile) 
and  the  highest  losded  aircraft  (50th  percentile)  of  the  fleet.  Work  is  being  initiated  to  define  these 
statistical  distributions  from  a  large  amount  of  data  available  from  fleet  loads  recorder  programs.  Fatigue 
analyses  accounting  fgi  the  sand  of  loads  severity  by  means  of  non-linear  residual  stress  history  analyses 
of  the  several  potentially  critical  locations  is  necessary  to  help  resolve  the  truncation  dilemma.  Compara¬ 
tive  testing  with  loads  spectra  at  several  different  truncation  levels  for  a  number  of  locations  in  the 
structure  could  soon  become  excessive  in  costf.  However,  final  decisions  on  truncat'ori  levels  should  be 
comparatively  tested  with  the  foil  spectrum  to  confirm  the  interpretation  of  full-scale  tests  results. 

Looking  pv  the  scale  of  prediction  of  time  to  crack  initiation  for  the  purpose  of  managing  fiect 
operations,  it  is  apparent  that  predictions  are  less  than  satisfactory.  The  concept  of  damage  tolerant  design 
will  provide  materials,  configurations,  and  stress  levels  which  will  assure  flight  safety  from  the  hazard 
o*  fatigue  cracks.  In  the  meantime,  however,  many  operating  fleets  are  not  designed  damage  tole-ant  and 
roth  flight  safety  and  economic  maintenance  art  vitally  dependent  on  realistic  predictions  of  critical  loca¬ 
tions  Jnd  times  to  crack  initiation.  For  this  purpose,  open  loop  analytic  fatigue  predictions  are  of  little 
utility,  a-d  too  often,  ciused  loop  design  and  testing  has  not  had  the  consistent  data  base  to  provide  the 
cor.fi-Jence  Pnd  assurance  of  reliable  results.  A  major  improvement  in  predictability  of  fatigue  crack  initi¬ 
ation  is  baciy  needed.  1  should  now  like  to  turn  attention  to  some  improvements  emerging  from  intensive 
research  int<->  the  mechanics  of  material  response  to  the  variabie  amplitude  loading  environment. 

iV.  THE  ANALYTIC  APPROACH 

An  increasing  interest  and  attention  is  lately  being  given  the  subject  of  residual  stress  history 
resulting  from  arbitrary  variaL-'s  load  spectre,  ana  its  use  in  calculating  fatigue  damage  under  complex 
loadfng  environments.  Since  the  work  of  Heywccd  if?)  sno  many  others,  it  has  been  recognized  for  some 
yea's  thjt  periodic  overloads  could  p.-oduce  far  greeter  increase  in  time  to  failure  (from  the  regeneration 
of  beneficial  residual  stresses)  than  one  or  a  f*-*»  overloads  at  the  beginning  of  loading.  Deleterious 
effects  were  likewise  far  greater  for  periodic  repetition  of  life  shortening  overloads  producing  detrimental 
residuals  than  one  or  a  few  ac  the  beginning  of  Iceclog.  As  ws  discussed  in  the  truncation  dilemma,  the 
range  of  "coaxing"  (lengthening  life)  or  -'shortening"  can  be  quivo  disconcertingly  large,  sometimes  covering 
several  decades  in  scope.  When  found  in  fu.'J-scelc  fatigue  tests  or  Ir,  fleet  service,  the  wide  potential 
was  especially  upsetting.  We  will  return  to  this  aspect  in  later  ciscassions. 

A .  ThO  impel lizzsri  Method 

Residua!  stress  is  a  fundamental  rs».i:t  of  the  non-linear  stress  response  of  a  material  strained 
beyond  a  proportional,  i.e.,  elastic  limit.  The  simplest  concept  proposed  for  fatigue  analysis  by  Smith  (5) 
is: 

°r  ”  (*•*•)  (*•) 
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Alor.g  with  other  simplifying  assumptions,  Smith  was  able  to  demonstrate  the  basic  influence  of  resiauai 
stress  on  predicted  fatigue  life.  Impel llzzer!  (8)  making  use  of  Neuber's  relations  (6),  published  a  direct 
graphical  approach  developed  at  McDonnell  Aircraft  Corp,  which  avoided  considerable  tedium  and  complexity 
in  trial  and  error  solutions  Neuber’s  relation  is  stated: 


Assuming  net  stress  S  does  not  exceed  the  elastic  limit,  linear  relations  for  external  loading  stresses  ar.d 
strain  may  be  introduced: 

X?  =  KsKe  '  (  f  >  '  (  e  >  W) 


Replacing  e  with  s/g  gives 


From  which 


All  right  hand  terms  are  known  from  problem  def  ini  tior-.  To  resolve  the  left  hand  term,  curves  are  pre- 
pared  for  each  materia)  of  the  product  ic-e)  platted  vs  <5  .  Figures  8  and  9  from  Impel  1 izzeri 's  pape  demon¬ 
strate  the  procedure  baso-1  on  the  Eqn  (M)  definition  of  residua!  stress.  Impel  1 izzeri  "s  comparisons  with 
carefully  measured  values  from  Cre«s  (30)  are  illustrated  on  TVgure  9. 

Evidence  exists  for  the  consideration  of  cyclic  stress  relaxation  under  strain  control  or  cyclic 
creep  deformation  under  cyclic  stress  control.  Figures  10a  and  10b  (31)  show  cycl-c  hysteresis  curves 
developed  under  these  control  conditions.  Neuber  control  is  a  simultaneous  combination  of  both  stress  ana 
strain  controlled  change  tinder  cyclic  conditions.  Figure  11  (32 »  illustrates  this  case.  Impe i 1 izzeri 
developed  an  empirical  equation  to  represent  the  cyclic  relaxation  of  residual .stress: 

«  -  an(XfSf>)2 

“  -  e  £  FtV  (8) 

o 

Where  a  is  a  material  constant  determined  hy  triai  to  be  abcut  0.005. 

The  last  major  factor  devised  by  Impeil  izzeri  was  a  correction  to  the  slope  of  the  unnotchetj 
constant  amplitude  S-N  data  (on  Log-Log  p'ots)  used  to  form  the  fatigue  damage  ratios.  The  relation  assumed 
is: 

v;  -  (i  -  )2  (9) 

The  equation  of  the  "allowable"  S-N  curve  thus  becomes: 

N  ■  Hj  ■  (  li  )m  <!0) 

SR 

Combining  these  concepts  into  an  cperaf'onai  fatigue  life  prediction  system  programmed  for  the 
computer,  Impellizzeri  analysed  s  r.ural-er  of  spectrum  test  results  of  202A-T4  and  7075-T6  aluminum  alloys, 
with  Kt  ranging  from  2  to  gust  and  maneuver  spectra  including  several  block  sequences  and  truncation 
levels.  Cor. elation  plots  of  predicted  vs  test  by  the  residua!  stress  method  are  illustrated  on  Figure  12 
and  compared  with  the  conventional  linear  cumulative  damage  calculations.  The  improved  predictability  is 
gratifying. 

B.  Potter's  Relaxation  Model 

Btscd  on  two-step  constant  amplitude  experimental  data,  Potter  (||j  at  the  USAF  Flight  Dynamics 
Laboratory  developed  a  decay  equation  that  has  useful  liwli cat  ions.  While  experimental  evidence  is  not  clear 
on  the  need  to  split  the  residual  stress  into  two  components,  an  unchanging  equilibrium  portion,  of>eq  , 
and  a  transient  portion  cpt,  mathematical  generality  permits  this  concept: 


°Req  +  °Rt 


Considering  the  local iy  overstrained  materia!  as  an  unstable  disturbenes  in  an  elastic  field. 
Potter  assumed  an  exponential  rate  of  decay  function.  Integrating  the  rate  equation  and  accoawodating 
initial  and  final  boundary  conditions,  the  value  of  the  transient  stress  at  any  number  of  cycles  following 
initiation  is  given  by: 

°R  -  +  0Rt-  •(S«P)  ('n  °'10)  02) 


°Req  +  °St 


.-*■»*  <£*> 


The  natural  period  of  relaxatten  NCp  Potter  defined  as  the  number  of  cycles  at  which  the  transient  term  is 
10%  of  its  initial  value:  A  more  convenient  assumption,  traditional  in  many  other  fields  dealing  with 
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exponential  decays,  Is  to  base  the  definition  of  natural  period  on  the  point  at  which  the  transient  term 
36 . 79%  of  Its  initial  value.  With  this  redefined  boundary  condition,  the  numerical  coefficient  2.3026 
reduces  to  one  and  Eqn  (12)  becomes: 


Req 


+  o 


-(  -  ) 
v  Nep' 


Rt 


(16) 


I  s 


The  term  n/Nep  as  defined  will  provide  mathematical  modeling  of  cyclic  dependent  stress  relaxation.  Addi¬ 
tional  experiments  currently  underway  may  show  a  need  for  also  accounting  for  time  dependent  creep  relaxation 
over  the  longer  time  periods  of  flight  and  rest  periods  Between  flights.  Since  this  factor  may  be  significant 
in  relating  real  time  fleet  experience  to  accelerated  laboratory  test  times,  I  propose  to  add  a  time  decay 
term  in  this  manner: 

-£„>  *  (kj 
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Rt 


'Nep' 


'Tep' 


(15) 


In  which  Tep  is  defined  as  the  natural  time  period  in  which  the  transient  decay  term  reaches  36.79?!  of  its 
initial  value.  Additional  real  time  experiments  are  required  to  define  this  material  response  term  and  sort 
out  the  interrelation  of  cyclic  dependent  and  time  dependent  stress  relaxation  of  a  material. 


C .  Rotvel 's.  Relaxation  Model 

Based  on  careful  measurements  on  a  Swedish  B-16  mild  steel  (SAE  *  1066)  Rotvel  (10)  derived  a 
different  form  of  stress  relaxation  function.  Residua)  stress  changes  were  determined  by  X-ray  difractlon 
measurements  at  intervals  during  the  progress  of  fatigue  tests  under  sinusoidal,  broad  band  and  narrow  band 
stochastic  (filtered  random  noise  signal)  loading  at  differing  oscillating  (RMS)  and  mean  stress  levels. 

The  stress  controlled  static  stress-strain  curve  exhibited  a  (typical  for  steels)  discontinuous  step  yield 
point.  The  step-wise  stabilized  hysteresis  loop  curves  and  the  cyclic  stress-strain  curve  through  the  tips 
of  the  loops,  of  course,  did  not  exhibit  this  discontinuity.  The  hysteresis  curves  illustrated  on  Figure  13 
were  all  smooth,  regular  and  typical  of  other  steels  and  aluminums  tested  in  a  like  manner.  Neither  the 
Smith  nor  lopellizzeri  definitions  of  residual  stress  (Eqn  6)  satisfies  the  conditions  of  force  equilibrium 
or  of  strain  compatibility  in  the  internal  local  overstrained  region.  Rotvel  suggests  use  of  Neuber's 
equation  approximating  equilibrium  in  the  local  region  as  given  by  Eqn  ( 1 6) : 


(oo  ‘  °A,)  (co 
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Terms  are  defined  on  Figure  16.  A| ,  B|  and  A2,  Bj  have  to  be  found  by  trial  and  error  to  satisfy 

Eqn.  (16). 


The  first  major  difference  noted  by  Rotvel  was  that  the  forces  driving  decay  or  relaxation  are 
the  sum  of  the  residual  stress  and  the  local  (concentrated)  mean  stress.  The  second  observation  was  that 
(for  this  material  at  least)  the  relaxation  of  stress  with  number  of  cycles  was  not  the  exponential  decay 
proposed  by  Impelllzzerl  and  Potter,  but  was  best  fit  by  an  equation  of  the  form: 


4  v5» 

°Ro  +  VSM 


(  -2—  ) 
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In  (  I+Kr  ) 


(17) 


Where  Kr  is  an  empirical  coefficient  adjusted  to  best  fit  the  test  data, 
residual  and  mean  stress  as  the  driving  force  for  stress  relaxation  into 
Rotvel  redefined  Eqn  (8)  to 


Introducing  the  concept  of  combined 
Impel  1 izzeri 's  decay  equation, 


°R  *  Kt  '  SH 
°Ro  +  V  SM 
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(18) 


Comparison  of  the  Rotvel  and  modified  Impellizzeri  equations  may  now  be  shown  as  illustrated  on  Figure  15. 
With  the  non-changing  equilibrium  term,  oRjg,  of  Potter's  equation  (16)  set  at  zero,  the  transient  term 
CRt  becomes  the  total  residual  stress.  In  this  case  Potter's  equation  reduces  to  the  same  exponential  form 
as  Impel t i zzeri ' s  indicated  above  (Eqn  18),  accommodating  the  difference  in  definition  of  the  coefficients 
of  the  exponential. 

0 .  Wetzel's  Simulation 


A  rheological  model  concept  using  linear  spring  elements  and  Newtonian  friction  slider  elements 
(not  dash-pots)  in  series  or  parallel  was  proposed  by  Martin,  et.  at.  (33).  They  developed  a  computer 
program  of  a  series  system  which  could  be  made  to  simulate  any  combination  of  hysteresis  loops  with  cyclic 
dependent  changes  in  the  stress-strain  response  of  an  aluminum  alloy.  A  power  law,  Eqn  (19): 


+  t 


-  +  (  -  )  K 
E  V  K  ' 


(15) 


was  used  to  define  experimentally  derived  hysteresis  loops,  which  in  turn  were  fic  by  straight  line  segments 
based  on  the  rheological  model  response  illustrated  on  Figure  16  and  17.  (Impellizzeri  simply  tabulated  the 
hysteresis  loop  data  into  a  look-up  table,  using  linear  interpolation  between  tabulated  points.) 

By  a  clever  observation  Wetzel  (9)  avoided  the  time  consuming  complexity  of  simultaneous  equation 
solution  for  the  deformations  from  the  power  law  at  every  line  segment  fit-up  point.  By  determining  the 
response  rules  for  the  elements  of  the  rheological  model,  thgn  applying  these  rules  to  the  behavior  of  incre¬ 
mental  straight  line  segments,  the  computer  was  made  to  duplicate  the  complex  stress-strain  response  of  any 
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metal.  Materia!  characteristics  required  are  listed  in  Table  I.  Hysteresis  loops,  local  memory,  cyclic 
hardening  or  softening,  stress  relaxation  and  strain  creep,  stress,  strain,  or  Neuber  hyperbolic  control 
were  accurately  reproduced  within  reportedly  more  efficient  computer  time  than  the  simultaneous  equation 
approach.  Without  taking  time  to  go  into  the  details  I  shall  simply  list  the  steps  common  to  the  fatigue 
accountabi 1 i ty  of  residual  stresses: 

(1)  The  externa!  load  spectrum  is  examined  for  each  completed  cyclic  loop.  Range  pair  or  rain- 
flow  methods  of  counting  the  loading  record  provides  the  proper  Information  Most  other 
counting  methods  have  been  shown  deficient  in  one  respect  or  another  ( 3*f  ). 

(2)  From  Neuber  relationships,  concentrated  local  stress  (KfS)  and  strain  analyses  are  used  to 
define  the  residual  stress/strains,  which  are  combined  with  the  local  (concentrated)  stresses/ 
strains  to  determine  the  total  excursions.  So  long  as  the  total  excursions  remain  entirely 
elastic,  i.e.  no  loop,  they  are  skipped.  As  soon  as  an  excursion  of  sufficient  magnitude 

to  cause  local  yielding,  a  loop  is  formed  and  anal/std  for  fatigue  damage,  according  to  the 
definitions  discussed  below. 

(3)  Allowable  fatigue  data  is  deri/cd  from  fully  reversed  constant  amplitude  S-N  or  e-N  data 
from  unnotchcd  materia!  coupons.  See  Figure  18  for  one  form  of  this  data,  based  on  a 
parameter  2Jm-x  •  Act  which  accommodates  mean  stress  (strain)  effects  into  one  curve.  We 
will  discu'-.  failure  theories  in  greate-  detail  in  a  later  chapter  of  this  paper. 

(A)  catigue  has  been  shown  to  be  a  local  plastic  strain  phenomena.  The  plastic  hysteresis  loop 
is  therefore  the  determinant  of  fatigue  damage.  Equation  (20)  as  defined  on  Figure  19 
illustrates  Wetzel's  definition  of  damage. 
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(5)  Damage  for  each  loading  cycle  is  accumulated  before  going  on  to  the  next  cycle.  Thus  the 
cumulative  damage  processing  is  a  cycle-by-cycle  (loop-by-loop)  line  integral  of  the  path 
followed  by  the  total,  i.e.  concentrated  applied  stress/strain  plus  residual  stress/strain 
through  the  hysteresis  response  of  the  materia!  to  that  loading. 

(6)  For  the  next  cycle  the  stress-strain  loops  are  adjusted  to  account  for  whatever  cycle 
dependent  hardening,  softening,  or  stress  relaxation  or  strain  creep  called  for  by  the 
material  characterization.  The  process  continues  repetitively  until  the  accumulated  damage 
reaches  the  value  of  1.00.  The  number  of  cycles,  blocks,  or  flights  at  this  point  Is  the 
predicted  life. 


Wetzel  analysed  a  number  of  spectrum  test  results  by  his  hysteresis  loop  computer  program,  and 
by  the  normal  linear  cumulative  damage  application  ignoring  residual  stress  history.  Range  counting  and 
zero  crossing  peak  (histogram)  counting  methods  were  used.  Figures  20,  2)  and  22  show  correlation  plots 
of  experimental  to  predicted  damage  ratio  data.  Wetzel  points  out  an  old  but  universal  truth:  It  is  not 
how  well  but  how  inaccurate  a  predicting  method  Is  that  is  of  concern.  It  may  be  seen  that  in  the  "normal" 
cumulative  damage  predictions  more  than  a  third  of  the  correlation  points  are  worse  than  the  scatter  band 
of  the  new  method,  and  further,  the  worst  predictions  are  beyond  two  orders  of  magnitude  off  target. 

E .  The  Royal  Aeronautical  Society/Engineerinq  Sciences  Data  Unit 

A  simplified  version  of  residual  stress  accounting  (35)  developed  In  the  United  Kingdom  Is  dis¬ 
cussed  in  detail  by  J.A.B.  Lambert  in  Lecture  No.  9  in  this  series.  It  is  of  particular  interest  to  observe 
the  improved  predictability  evident  in  the  correlation  data  even  though  the  stress  relaxation  mechanisms  are 
ignored  In  the  analysis. 

F.  Limitations  -  Closing  the  Loop 

It  is  quite  apparent  chat  the  fatigue  response  of  materials  is  highly  sensitive  to  the  specific 
level  and  sequence  of  local  stresses.  While  this  has  been  generally  known  for  many  years,  it  is  now  possible 
to  outline  a  complete  analytical  and  testing  system  that  will  recognize  and  account  for  the  major  missing 
element,  i.e.,  residua!  stress  history,  in  the  theory,  engineering  application  and  design  of  airframe 
structures.  Not  all  questions  arc  answered,  and.  a  considerable  volume  of  work  Is  entailed  in  practical 
applicable  i  to  a  complex  structure.  However,  we  must  abandon  the  normal  approaches  to  linear  cumulative 
damage  which  have  failed  to  do  the  Job,  anil  get  along  with  the  new  procedures  with  no  further  delay.  Some 
items  for  continued  discussion  and  exnloration  are: 


(1)  Fatigue  Failure  Theory. 

(2)  Fretting  ar.d  fretting  corrosion. 

(3)  Corrosion  and  corrosion  fatigue. 

{k)  Complex  Geometry  -  Stress-concentrations  -  I.e.  micro  detailed  stress  analyses. 
(5)  Basic  materials  data. 
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(6)  Substantiation  for  complex  structure  and  Joints. 

(7)  Revised  design  and  test  variability  factors. 

With  only  these  few  of  many  unresolved  problems,  with  the  greatest  difficulty  residing  In  the  stress 
analysis  area,  It  Is  apparent  that  we  will  be  dependent  on  specific  testing  for  yet  some  time  to  come.  Thus, 
it  will  be  essential  to  maintain  a  closed  loop  analysis  policy  and  I  suggest  essentially  the  same  Fatigue 
Quality  Index  scheme  we  discussed  earlier: 

Specific  spectrum  test  results  will  be  analyzed  with  several  Incremented  stress  concentrat ion 
factors, 

The  one  (Interpolated)  stress  concentration  factor  which  makes  the  analysis  exactly  predict 
the  test  results  Is  the  Fatigue  Quality  Index  of  that  part  under  Its  test  spectrum, 

The  Fatigue  Quality  Index  so  derived  may  be  used  with  much  higher  degree  of  confidence  to 
compare  structures,  relate  to  acceptance  standards,  and  to  analyze  thu  part  for  other  than 
the  tested  load  spectra,  I.e.  fleet  tracking  analysis.  It  automatically  resolves  the 
fatigue  effective  stress  concentrat ion  factor  for  the  complex  geometry  and  combined  stress 
state . 

V.  FATIGUf  FAILURE  THEORIES 

A .  Allowables  for  Residual  Stress  Analysis  Systems 

With  the  mechanics  of  residual  stress  accountability  fully  contained  within  the  analytical  process, 
the  fatigue  failure  theory  is  now  related  directly  fo  the  significant  events  which  the  procedure  analyses.  A 
strain  (stress)  excursion  around  one  and  only  one  complete  plastic  hysteresis  loop  is  defined  to  be  this 
singular  event.  The  damage  created  by  this  single  event  is  therefore  assumed  to  be  related  to  the  experi¬ 
mentally  determined  total  life  with  only  this  magnitude  of  significant  events.  *11  possible  (?)  material 
responses  are  defined  in  the  experimentally  derived  cyclic  stress-strain  hysteresis  loops,  including 
memory,  cyclic  work-hardening  and  softening,  cyclic  and  time  dependent  relaxation,  strain  (creep)  rela>ation, 
relaxation  threshold-  etc.  -  the  allowable  for  this  set  of  events  is  assumed  to  be  the  constant  amplitude 
S-N  data  at  different  strain  (stress)  levels  on  smooth  (unnotched)  bars.  This  assumes  that  all  possible 
interactive  elements  are  fully  accounted  for  in  the  sequence  with  which  the  applied  loading  spectrum  is 
traced  around  the  hysteresis  loops.  Biased  or  unsymmetric  loops  involve  a  mean  stress  (strain)  effect 
which  is  real  and  must  be  reflected  in  the  S-N  data.  This  may  be  done  by  analyzing  the  local  mean  of  each 
loop  and  relating  to  the  proper  S-N  curve  at  that  mean  level.  Either  stress  or  strain  plots  of  the  data 
may  be  used.  Alternative  approaches  are  available  for  accounting  for  the  means: 

(1 )  Wetzel  1 s  Approach. 

Based  on  a  parameter  defined  by  Smith,  et  al,  (36)  Wetzel  defined  his  allowable  S-N  curves 
in  the  form: 

(2o  'Ac,)  vs  N,  (21) 

max  t  f 

Figure  18  represents  allowable  failure  data  for  a  number  of  different  mean  stress  levels. 
Wetzel's  definition  of  damage  by  Eqn  (20)  utilizing  this  parametric  form  constitutes  the 
failure  criteria  necessary  for  prediction  of  number  of  cycles,  blocks,  or  flights  to  crack 
initiation  i.e.  failure  of  the  S-N  specimens,  or  to  cracks  of  a  specific  size,  or  whatever 
criteria  was  used  to  define  Figure  18.  We  will  take  up  this  subject  of  failure  criteria 
later. 

(2)  Walker's  Parametric  Form. 

Walker  (37)  devised  an  expression  based  on  an  equivalent  or  effective  stress  defined  as 
follows: 

S  -  S,’ra  •  AS1’’  (22) 

max 

in  which  Sma)(,  Is  the  maximum  stresses  is  the  stress  range  In  the  excursion  from  minimum  to 
maximum  level  and  n  is  a  slope  determined  from  log  S  -  log  N  plots  of  the  data.  Figure  23 
indicates  a  wide  range  of  constant  amplitude  data  for  7075-T6  and  202A-T3  aluminum  alloys 
indicating  good  fit  for  stress  ratios  from  R  »  +0.6  to  -2.5  for  notched  specimens  (Ky  “  5.) 
and  mean  stresses  from  0  to  +30  ksi  for  unnotched  specimens.  Slope  factors  m  «  0.50  for 
2026-T3  and  m  «  0.k25  for  7075-T6  yield  the  following  equations  of  best  fit: 

2024-T3  S  - 


7075-T6  T  - 

Either  the  Sml th-Wetzel 's  or  Walker's  parametric  form  would  appear  to  be  a  satisfactory 
representation  of  allowable  failure  data  for  Initial  fatigue  damage  colculat Ions . 

(3)  Crack  Growth  Regression  Analysis. 

Crack  growth  models  from  fracture  mechanics  concepts  have  been  used  to  determine  Initial  flaw 
size*  which  If  used  to  start  a  crack  growth  process  would  result  In  failure  curves  corres- 
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sponoing  to  the  S-N  curve  as  shown  an  Figure  24.  Initial  flaw  sites  of  about  1.0  x  iO*1* 
appear  to  achieve  best  fit  for  the  NASA  data  in  the  study  (38).  One  advantage  of  this 
process  Is  the  ease  at  which  allowable  curves  for  specific  and  consistent  crack  sites  less 
than  the  critical  size  could  be  generated.  This  concept  has  led  tc  a  refined  proposal  dis¬ 
cussed  next. 

(4)  Dual  Mode  Concept 

A  dua)  mode  concept  has  often  been  suggested  in  which  a  crack  initiation  period.  Phase  I, 
wouio  bo  defined  by  fatigue  principles  independently  from  a  crack  g,owth  period,  r-.ase  li, 
governed  entirely  by  fracture  mechanics  principles  and  data.  The  oifficulty  with  this 
approach  lies  in  the  experimental  problem  of  measuring  specifically  the  point  in  tine  (or 
•lumbar  of  cycles)  before  which  no  physical  crick  existed,  and  after  which  one  could  be 
followed  up  its  growth  path.  This  .ippro -rh  is  also  companion  and  competitive  with  the  crack 
growth  regression  approach  just  discussed.  That  concept  implys  real  flaws  exist  in  "new” 
material  at  the  beginning  of  Its  life  as  a  part,  which  means  Phase  I  very  likely  does  not 
exist  in  pure  form.  This  is  probably  closer  to  truth  than  is  comfortable.  The  question  than 
is  f-what  is  the  population  of  initial  flaw  sizes  we  must  deal  with?"  These  ideas  obviously 
heed  further  development  to  become  practical  analytical  tools. 

(5)  Combined  Stresses 
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The  majority  of  fatigue  data  and  anai-'ses  are  based  on  simple  uniaxial  stress  systems.  How¬ 
ever,  the  majority  of  real  problems  are  mostly  muili-'tress  in  form.  The  coiSbined  stress 
theory  most  successful  in  representing  ski.'  i-stress  i  tiaue  data  appears  to  be  the  Von  Hises 
equivalent  octahedral  shear  stress  criteria  for  ductile  po'yerysta! 1 ine  materials: 
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where  oi ,  02>  6  03  a<"e  maximum  principal  stresses  and  c  “  /JO  represents  the  numerical 
coefficient  for  tri-axio!  stress  state.  The  equivalent  stress  state  for  uniaxiaii',  loaded 
specimen  would  be  represented  with  c  •  /T”  (3S).  For  bi-axialiy  loaded  plane  sheet  the 
normalized  form  is:  {<.'■>  «  0; 

f  1  I 

Req  °  r'-U  +  +  IK  I  1  (25) 


For  sharp  notches,  in  which  restraint  of  Poisson  deformations  approaches  the  tr!-axi 
stress  states,  ductility  is  inhibited  and  brittle-  r  /pe  behavior  is  approached.  For  t^ese  extre 
the  naxi'mum^principal  stress  criterion  predominate* 


al  tension 
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or  in  normalized  form: 
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Limited  data  correlation  supporting  the  octahedral  ‘ear  stress  criterion  is  shown  on  Figure  25  from  Sines 
and  Waisman,  (40) .  Comparison  of  the  maximum  prir*.  -ual  stress  ratios  and  the  octahedral  shear  stress  ratios 
for  two  dimensional  (fiat  sheet)  bi-axial  pj- 'Hear  $  tret's  (cu  *  0)  is  shown  on  Figure  26.  Each  formula  is 
norm. ‘(ized  on  the  maximum  normal  stress  compo/.jr'.f  0n.d  plotted  in  stress  rat’n  form  as  indicated.  Shaded 
regions  indicate  the  range  of  values  in  which  the  aguivelent  maximum  prineipul  stress  ratio  exceeds  the 
equivalent  octahedral  shear  stress.  In  ail  other  a-eas  t^e  oi tahedral  shear  criterion  exceeds  the  principal 
stress  ratios  by  substantia)  factors.  Since  fatigue  is  p'-etiominated  by  plastic  yielding  along  slip  planes 
in  the  mici-o-scale,  the  predominance  of  a  shear  criteria  seem:,  mural  wherever  ductility  is  not  inhibited 
by  tri-a**,ah  stress  state  either  from  applied  stress  system  or  by  virtue  of  geometricu-J'esf raints. 

3.  Failure  Criteria  for  Fatigue  Test  Airframe  and  Fleet  Aircraft. 

Definition  of  fatigue  damage  found  by  inspection:  in  full-scale  tests  ana  in  fieet  a  rcraft  bears 
special  consideration.  Fracture  of  laboratory  coupons  is  usually  the  criteria  for  the  data  points  of  s-M 
curves  and  much  of  material  coupon  spectrum  test  data.  Component  and  joint  tes.  specimens  ma-'  sustain  crack 
sizes  from  barely  detectable  to  complete  fraciut'e  at  test  termination.  Except  for  isolated  special  insp.v-’ 
tions,  there  may  be  a  wide  range  oe  crack  sizes  at  various  locations.  The  question  Is  by  what  criteria  e«,: 
we  judge  "failure",  "conformance  or  compliance  to  requirements"  especially  when  requirements  have  been  no 
more  specif'c  than  the  expression  "fatigue  failure"?  i.e..  What  constitutes  fatigue  failure?  The  quest!;- 
is  now  more  important  since  imposition  of  damage  tolerance  requirements  does  provide  good  ductile,  fracture 
resistant- materials  with  lo--  operating,  stress  levels  resulting  in  a  very  considerable  long  period  of  slow 
crack-growth.  ^.Th  is  means  crack  ini  tiation-iaa/^btcur  /cry  early  yc-t  not  be  "unsafe"  if  sufficient  time  and 
attention  to  inspection  is  invested  tc-  ensure  finding  and  fixing  the  crack  before  It  reaches  critical  pro-  — 
portions.  Such  a  situation,  howeyer,  could  soon  become  an  economic  burden  if  cracking  occurred  too  early, 
too  often,  and  In  massive  irreplaceable  structure.  Also,  if  cracking  becomes  wide  sprea  ’  i-  numerous  loca¬ 
tions,  the  maintenance  of  flight  safety  is  jeopardized  by  multipis  cracks  exceeding  dam  je  tolerance  limits. 

U  has  also  become  quite  obvious  that  a  few  isolated  crack;  even  In  important  structure  does  not 
nccessarffy  constitute  disaster  and  cause  for  retirement  of  a  vital  and  expensive  fleet  provided  the  struc¬ 
ture  j_s_  fail-safe  and  the  locations  and  time  to  look,  find,  and  fix  cracks  are  within  reasonable  ousts  and 
safety  limits.  Therefore,  it  appears  important  that  a  definition  of  operational  limits  (i  c.  failure)  should 
contain  the  elements  of  safety  as  well  as  economics: 
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DEf  1 N 1 T i ON r  The  limiting  operational  life  of  a  fleet  shall  be  that  time  at  which  the  crack  size 
population  in  individual  aircraft  Is  such  that  (I!  flight  safety  cau  no  longer  be  economically  tulntalnea, 
or  (2)  when  maintenance.  Inspection  „nd  repair  are  i.o  longer  cost-effective  .eiative  to  the  .ost  of  a  major 
modification  or  ret! re^nt  of  the  fleet. 

A  number  of  implications  are  contained  within  this  definition- 

0s  Flight  safety  cannot  be  maintained  if  crack  population  in  anv  cne  aircraft  can  exceed  th-'t 
tolerable  by  the  fall-safe  cneracteristics  of  the  structure.  T  is  Teens  that  non-destructive 
inspection  techniques  must  be  capable  of  finding  sub-critlca!  f'aw  sizes  with  a  high  prob¬ 
ability  ant.  conf’dence  levei  o'  success,  and  that  materials  and  stress  levels  be  such  that 
critical  flow  s.zcs  are  wel!  above  the  threshold  of  NDI  capabi'ify.  This  also  means  that 
inspection  intervals  and  repair  methods  required  to  maintain  safety  of  flight  must  be  within 
practicable  operating  limits  fer  frequency  and  duration  c  down  time  and  within  reasonable 
costs. 

(2)  Tote!  life-cycle  maintenance  and  repair  costs  may  become  excessive  when  similar  cracks 
develop  over  large  areas  of  structure,  when  the  number  of  individual  critical  locations 
becomes  large,  and/or  when  cracks  appear  in  massive  structure  which  cannot  be  repaired 
except  by  major  reconstruction.  Cost  criteria  may  be  ext ressed  in  acceptable  percentage 
of  the  replacement  cost  of  the  major  component  involved  What  percentage  is  acceptable 
must  be  individually  determined  based  on  need  for  the  aircraft,  budgets  available,  and 
availability  of  a  replacement  unit  or  design.  The  objective  for  fatigue  design  should  be 
that  feet  retirement  should  be  from  performance  obsoIc;»err.e  rather  than  structural  fatigue. 

(3)  Crac.  size  population  impIXts  tacisticol  assessnent  for  Individual  aircraft  of  the  Ications, 
distribution  of  sizes  with  respect  to  repair  methods,  and  of  the  reliability  of  inspection 
methods.  For  the  fuil-t.eaie  fatigue  test  article,  periodic  inspections  in  situ  an,  required 
during  the  test  and  by  complete  disassembly  and  laboratory  type  Inspection  after  the  test. 
Inspections  for  the  feet  aircraft  include  operating  base  :nspections,  depot  levei  maintenance 
inspections,  both  periodic  and  special,  and  for  designated  high  time  aircraft,  laboratory 

type  inspection  after  complete  disassembly. 

(A)  Inspection  effectiveness  has  been  measured  in  a  few  cases  with  uncomfortable  results  (A?). 

Inspection  of  parts  on  the  aircraft  followed  by  disassembly  and  laboratory  inspection  produces 
two  bodies  of  data.  Within  a  number  of  crack  uize  intervals,  the  ratio  of  the  number  of 
cracks  found  in  situ  to  the  number  found  in  the  laboratory  type  inspection  is  taken  to  be  the 
probability  of  detection  in  that  size  -nterval.  This  assumes  al  cracks  in  existence  in  the 
structure  were  found  by  labor-story  inspection,  figure  27  indicates  schematically  typical 
resuits.  Crack  size  distribution  found  on  inspection  of  fleet  aircraft  divided  by  the  prob¬ 
ability  of  detection  in  each  s'ze  Interval  is  an  estimated  population  of  crack  sizes  assumed 
to  exist  in  that  aircraft.  These  de.ci  are  important  to  th?  determination  of  repair  methods, 
tl  us  intervals  to  inspect  cr.niistent  with  repairable  sizes,  potential  of  mul  jle  adjacent 
cracks  beyond  damage  toleran;*  limits,  and  potential  repair  costs.  For  example,  the  simple 
ream  to  the  next  ove-size  attachment  will  geneially  limit  permissible  crack  size  for  con¬ 
sistent  clcan-up  to  lbout  0.03  in.  This  size  Is  on  the  boundaries  of  HOI  detection  threshold 
and,  for  more  than  a  few  specific  locations,  does  not  carry  a  very  comforting  probability  of 
detection. 

The  data  base  for  decision  on  the  operational  limit  for  major  modification  or  retirement  of  a 
fleet  can  therefore  be  qu'te  extensive.  The  decision  sheuid  net  be  based  on  reaching  an  arbitrary  analyt¬ 
ically  predicted  cumulative  damage  ratio,  even  though  derived  from  a  test,  fleet  crack  history  is  a  vital 
part  of  the  decision  data  base. 

VI.  FRETTING  FAT ! QUF. 

Considerable  re ~  .arch  attention  is  being  given  the  mechanism  and  results  of  fretting  fatigue  in 
sliding  surfaces  of  joints,  bushes,  and  lugs.  The  accepted  standard  specimen  approach  is  to  -pply  controlled 
pressure  to  pads  of  similar  or  different  materials  bearing  on  the  surfaces  of  fatigue  specimens  during  cyclic 
loading.  Hoepner  {^2 )  as  have  many  others,  reported  typically  forge  rrductions  fromba.eiine  (K[  «  i  .0) 
material  fatigue  strengths  for  7075*T6  end  titanium  (Al-AV,  mill  annealed  mate.iais.  An  example  comparison 
is  shown  on  Figure  28  for  pressure  pad  bearing  str_sses  of  3.0  and  6.0  ksi ,  under  sinusoidal  loading.  Inter- 
i  -ptiug  the  flatting  periods  at  various  percentage;  of  flatting  fitigue  life,  a  damage  threshold  limit  is 
indicated  on  Figure  2$  at  about  20*  of  the  fretting  fatigue  life  for  the  titanium  alloys.  Kirkby  (35) 
rc,  urted  similar  results  for  aluminum  alloys  with  a  threshold  from  ‘'10%  to  30S".  However,  for  rauoom  loading, 
Kirkly  Indicated  the  damage  threshold  dropped  tp  the  level  of  about  5*  of  the  fretting  fatigue  life. 

Using  a  oi  otc-elast >u  teo.mque,  Rollins  and  Sandorff  (A3)  at  the  Lockheed  Rye  Canyon  Research 
laboratories  ’nve.tigated  the  sr-ess  environment  in  the  contact  areas  of  uniformly  cl.  tiped  and  bolt  clamped 
la'-  joints.  The*  have  observed  a  slip  front  mechanism,  moving  alonq  the  edges  of  the  contact  surfaces  as 
Soad  is  increased,  which  they  describe  as  follows: 

(0  The  math  area  cf  the  Joint  under  highest  contact  bearing  stresses  has  no  rela'ive  motion  ana 
load  transfer  is  by  friction. 

(2)  The  slip  front  itself  is  a  band  which  transfers  shear  effectively  but  undergoes  unusually  large 
relative  shear  displacements  resulting  in  bifurcation  of  axial  stresses  on  opposite  interfaces 
at  the  forward  (bolt  side'  of  the  slip  band.  Axial  stresses  are  locally  amplified.  Peak  shear 
and  peak  axiai  stresses  are  phased  somewhat  apart. 

(3)  Thu  region  immediately  behind  the  slip  front  (away  from  the  bolt)  has  absorbed  gross  relative 
motion  with  the  associated  reduction  in  shear  transfer. 
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Figure  30  shows  the  distribution  of  axial  and  shearing  stresses  In  each  surface  of  a  double  lap  shear 
joint  under  1200  lbs  bolt  clamp  load,  These  stresses  are  transformed  from  photoelastic  measurements  to  an 
equivalent  aluminum  prototype  joint.  Figure  31  Indicates  relatively  little  change  In  extent  of  bearing  area 
with  increase  of  boll  clamp-up  load  over  a  wide  range  of  values. 

The  position  of  the  slip  front  was  observed  to  move  progressively  closer  to  the  bolt  as  axial  stress 
was  increased  and  upon  removal  of  load  a  residual  stress  system  remained  involving  both  shear  and  axial 
stresses.  Reversal  of  loading  would  no  doubt  follow  a  hysteresis  pattern  as  to  the  position  and  residual 
stresses  in  the  active  zone.  / 

Rollins  and  Sandorff  also  observed  that  the  moving  slip  band  with  its  magnified  strain  incompatibil¬ 
ities  and  stress  concentrations  is  located  in  the  region  of  maximum  fretting  damage  associated  with  fretting 
fat i gue  fa i 1 ures . 

The  mechanics  of  fretting  operates  on  a  micro-macro  scale  in  the  contact  of  asperities  of  surfaces. 
Sliding  motions,  inevitable  in  slip  strains  in  any  deforming  faying  joint,  will  crer.e  bending  stresses  at 
the  roots  of  asperities  which  interact  with  surface  stresses  in  the  pi ane, through  a  stress  concentrat ion 
of  unknown  (but  high)  value.  Sliding  shears  tear  asperities  and  may  project  tears  into  the  surfaces.  Debris 
torn  loose  oxidizes  and  forms  grinding  powders  which  in  turn  scratch,  groove  and  tear  the  faying  surfaces. 
Sliding  shears  in  moving  slip  bends  carry  a  rake  of  surface  tensile  stresses  (behind)  and  compressive  stresses 
(ahead)  of  the  edges  of  the  contact  pad  superposed  on  cyclic  stresses  in  the  body,  developing  surface  residual 
stresses.  Asperities  imbed  into  the  surface  of  the  body  sheets  and  develop  localized  residual  stress  fields. 

Developing  a  tractable  analytical  approach  in  the  presence  of  the  multitude  of  these  complexities  is 
certainly  an  intellectual  challenge  and,  in  the  nature  of  understanding  the  phenomena  to  eventually  control 
it,  should  bear  considerable  research  attention.  However,  from  a  practical  engineering  sense  Prevention  of 
Fretting  is  the  only  viable  solution.  The  reduction  in  permissible  design  limits  is  so  drastic  that  it  is 
unacceptable  to  design  for  any  appreciable  degree  of  fretting.  Some  examples  may  be  cited: 

A.  Titanium  faying  surface  fretting  was  encountered  in  a  helicopter  rotor  mast  to  hub  joint.  Silver- 
plated  stainless  steel  shims  cured  the  fretting.  Rotor  hub  lug  bushing  materials  were  changed  to  an  aluminum 
bronze  alio/  to  prevent  fretting  in  these  critical  elements.  ( 24 ) 

B.  Epoxy  adhesive  bonded  joints  are  used  in  the  longitudinal  seams  of  the  L-10II  transport  fuselage 
to  prevent  fretting  and  reduce  stress  conc.en t ra t i ons  in  the  rivet  holes  (used  anyway  for  fail-safe  back-up). 
These  bonded  single  lap  joints  were  so  successful  that  some  design  difficulty  was  encountered  in  achieving 

a  like  quality  level  in  the  four  quadrant  splices  left  for  final  assembly  by  mechanical  joining  techniques. 

The  final  solution  was  a  symmetrical  double  butt  splice  with  the  outer  plate  protruding  into  the  slip  stream. 

(26) 


C.  Epoxy  resin  impregnated  with  molybdenum  disulphide  solid  lubricant  and  cured  at  150°C  is  reported 
to  solve  fretting  problems  at  elevated  temperatures  in  aluminum  structure  of  the  Mach  2.2  Concorde  (44 ) . 

The  solutions  to  fretting  problems  therefore  are  evidently  along  the  two  fundamental  paths: 

(a)  Fix  the  joint  --  i.e.,  permit  no  relative  motion,  or 

(b)  Permanently  lubricate  the  joint. 

For  we  cannot  afford  to  design  FOR  fretting. 

VII.  CORROSION  AND  CORROSION  FATIGUE 

It  has  been  said  that  metals  came  from  the  earth  and  spend  the  rest  of  their  life  trying  to  get  back 
into  the  earth.  Our  colleague  W.  E.  Anderson,  in  Lecture  No.  5  of  this  series  has  just  misplaced  the  full- 
scale  fatigue  test  by  corroding  the  structure  awayi  Seriously,  corrosion  is  an  insidious  and  ever  pervasive 
problem,  probably  equally  costly  in  fleet  maintenance  as  is  fatigue.  While  much  food  for  thought  exists  in 
what  our  learned  colleague  has  propounded,  I  would  add  a  few  thoughts  from  the  structures  side: 

A.  Stress  corrosion  which  has  a  measurable  threshold  stress  level  of  significance  is  controllable  by 
designing  to  stress  limits.  Selection  of  materials,  tempers,  limiting  fit-up  and  shimming  tolerances  and  In¬ 
terference  fits,  designing  to  stress  limits  and  the  like  have  become  routine  handbook  procedures  in  most 
design  offices  for  years. 

0.  While  corrosive  environments  do  accelerate  the  initiation  of  fatigue  cracking,  the  addition  of 
material  to  reduce  stress  levels  is  not  a  satisfactory  solution  per  se.  The  types  of  corrosion  non-sensitive 
to  stress  level  must,  be  controlled  by  material  selection,  providing  protective  and  inhibiting  barriers, 
inspection,  and  preventive  maintenance.  Life  reductions  of  two  or  more  have  been  observed  outside  the 
laboratory  wall  compared  with  Inside.  However,  before  these  reductions  and  attendent  weights  are  accepted, 
primary  means  of  protection  and  maintenance  systems  should  be  exploited. 

C.  Growth  of  c'icks  after  initiation  of  corrosion  damage  is  an  entirely  different  ratter.  If,  due  to 
the  failure  of  prevention  measures,  corrosion  cracks  are  formed,  the  protective  barrier  is  breached.  The 
physical  principles  of  fracture  mechanics  are  fully  operative.  Operating  stress  levels  are  one  of  the  most 
sensitive  means  available  to  control  chemically  accelerated  crack  growth.  Should  these  considerations  become 
too  severe  In  design,  one  avenue,  seldom  explored,  may  prove  helpful: 

0,  Quantitative  statistical  definition  of  the  corrosive  elements  existing  In  the  environment  has 
not  been  accomplished.  Outdoor  exposure  racks  and  fleet  trials  are  In  the  nature  of  observing  the  response 
without  really  knowing  the  stimulus.  This  has  led  to  a  few  cases  of  laboratory  alarms  which  proved  non¬ 
existent  In  real  life.  Due  to  the  large  number  of  potentially  corrosive  elements  Involved,  this  Is  a  form¬ 
idable  task  But,  corrosion  prevention  will  remain  more  of  a  black  art  than  a  science  until  laboratory 
simulation  ran  bn  based  on  rn.il  world  environment. 
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VI li.  FATIGUE  LIFE  REOUCTION  FACTORS 

It  is  well  known  that  fatigue  is  a  wiuely  variable  process.  What  is  nor  always  recognized  is  the 
diversity  and  scope  of  the  contributing  sources  to  variability.  It  has  been  general  practice  for  a  number 
of  years  to  recognize  variability  in  fatigue  by  applic  tion  of  a  life  reduction  “scatter  factor".  For  the 
single  purpose  of  establishing  a  legally  acctptab'e  definition  of  contractual  compliance  with  fatigue  require¬ 
ment,  a  "scatter"  factor  of  four  (A)  was  established  by  the  USAF  from  a  statistical  analysis  of  a  substantial 
amount  oc  experimental  fatigue  data.  For  this  limited  function  the  factoi  of  four  has  been  singularly  useful. 
Unfortunately,  past  practice  has  extended  the  jsage  of  this  single-valued  scatter  factor  to  the  prediction  of 
fleet  service  life  performance  and  into  extensive  individual  aircraft  tracking  and  fleet  monitoring  programs 
with  generally  somewhat  less  success.  While  simple  in  concept  ano  easy  to  administrate,  the  single-valued 
"scatter"  factor  falls  short  of  representing  the  physics  of  the  fatigue  process.  It  is,  therefore,  our 
purpose  now  to  explore  a  scheme  of  a  variable  fatigue  life  reduction  factor  in  a  form  that  recognizes  and 
provides  visibility  to  some  of  the  major  source;  of  scatter.  Contractual  needs  will,  of  necessity,  continue 
to  require  definition  of  a  single  number  for  the  purpose  of  demonstrating  compliance  to  fatigue  design 
requirements,  although  the  number  need  not  always  be  four  (A). 

The  objective  of  this  scheme  is  to  improve  the  product  in  each  of  the  sensitive  areas;  and  to  provide 
the  incentive  and  rationale  for  the  exoenditure  of  manpower  and  effo  t  in  areas  of  highest  pay-off  to  achieve 
this  improvement  at  acceptable  increments  cf  weight,  performance,  and  costs  and  to  provide  a  measure  of  the 
penalties  inherent  in  necessary  compromises.  The  areas  are: 

Engineering  Anaiys is/Data  Case 
Material  Performance/Testing 
Envi rormenta!  Projection 
Manufacturing  and  Inspection 
Mission  Element  and  Loads  Tracking 

Each  major  contributing  source  is  defined,  variability  is  assessed,  and  inc-ementai  contributions  to 
variability  are  combined  into  a  weighted  total  fatigue  life  reduction  factor.  The  fundamental  basis  for  the 
definition  of  the  Fatigue  Life  Reduction  Factor  is  to  achieve  an  equal  degree  of  reliability  or  probability  of 
success,  regardless  of  the  deqree  of  scatter.  Where  data  is  available,  statistical  values  are  used.  Where 
such  data  is  not  available,  considered  engineering  judgement  is  applied  to  establish  relative  values.  In 
these  perhaps  controversial  areas,  acceptable  data  will  be  most  welcome  from  anyone  who  wishes  to  contribute. 


area . 


The  tcial  fatigue  life  reduction  factor  is  therefore  defined: 


Where 


Mi 
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(27) 


Contribution  from  Aria lysis/Oata  (Table  II) 

Contribution  from  Envi ronmenc  (Table  II!) 

Contribution  prom  Material  Performance/Testing  (Table  IV) 
Contribution  from  Manufacturing/Inspection  (Table  V) 
Contribution  from  Loads  and  Mission  Elements  (Table  VI) 


Each  table  is  a  matrix  of  values  of  as  a  function  of  the  independent  variables  for  each  particular 


A.  Analysis  and  Design  Data  Rase 

Variability  contributed  by  the  engineering  design  and  analysis  procedures  for  those  parts  not 
directly  tested  and  for  the  analysis  of  loads  and  mission  spectrum  changes  -or  tested  points  will  vary  with 
the  qua’ity  of  the  experimental  data  base  and  with  the  specific  r.-ethods  and  procedures  of  analysis.  Table  II 
presents  factors  Ra  depending  on  the  type  of  analysis,  open  loop  analytical  oredictions  or  closed  loop 
specific  analysis  of  a  test  resuit,  and  on  the  experimental  data  base,  ie.  graduated  structural  complexity 
from  material  coupons,  to  joints  and  components,  and  to  the  full-scale  airframe  (and  eventually  fleet  crack, 
history)  along  with  the  type  rest,  l.t  f constant  load  amplitude  S-N  and  variable  amplitude  spectrum  type 
tests.  With  the  exception  of  cabin  pressure  hoop  tension  joints,  constant  amplitude  type  testing  is  no 
longer  considered  a  viable  method  for  joints  and  components  and  full-scaie  airframe  tests.  Flight-by-flight 
spectrum  testing  is  both  feat  it  1c,  more  represent? : ive  and  is  now  the  required  mode  for  full-scale  airframe 
compliance  tests  in  USAF.  (kj) 


The  conventional  linear  cumulative  damage  analysis  based  on  constant  amplitude  S-N  data  from 
material  coupons  or  joints  and  components  -  without  directly  accounting  for  residual  stress  history  is  most 
ineffective.  Variable  amolitude  spectrum  tests,  preferally  random  ordered  flight-by-flight  sequence,  provides 
a  direct  experimental  accountability  of  significant  -residual  stress  history,  fretting  in  joints  and  compon¬ 
ents,  etc.  Many  of  the  deficiencies  of  constant  amplitude  testing  are  therefore  accounted  for  experimentally. 
Analysis  of  soecific  spectrum  fatigue  tes'.  result?  by  0  Fatigue  Quality  Index  or  an  equivalent  orocedure 
provides  a  more  satisfactory  base  for  anaiyi.ng  modest  spectrum  changes.  The  set  of  constant  amplitude  S-N 
data  curves  then  becomes  a  transfer  function  between  a  tested  spectrum  and  a  related  or  changed  spectrum  with 
S' — cwhat  better  '•"of Irf-nr*  -hun  applicat'o-  of  conventional  cumulative  dmaage  analysis  without  benefit  of 
that  Integrative  spectrum  test  result.  Smal  ler' reduction  factors  are  therefore  projected  for  this  technique 
than  for  conventional  damage  analysis  methods.  Because  the  S-N  curves  do  not  recognize  order  cr  sequential 
effects,  as  we  have  discussed,  their  shape  i;  not  useful  for  more  than  modest  spectrum  differences. 


Analytical  accountability  for  residual  stress  history  by  the  cyclic  stress-strain  hysteresis  loop 
analysis,  previously  discussed,  is  considered  a  major  improvement  in  fatigue  analysis  methods.  A  minimum 
factor  of  1.25  on  life  for  the  best  available  analysis  technique  represents  approximately  2.51  increment  in 
stress;  thus  this  precision  factor  on  stress  analysis  Is  not  considered  overly  conservative. 

8.  Envi ronment 


Anti-corrosion  protective  systems  are  required  for  all  structural  materia’'  Tiiese  systems  are 
all  sensitive  to  quality  control  in  application  and  especially  to  maintenance  quality  in  service.  Once  the 
protective  systems  are  breached,  both  the  crack  initiation  time  and  growth  rates  accelerate  considerably. 

Basic  philosophy  *«.  to  design  and  size  structure  for  the  presence  and  continued  maintenance  of  an  effective 
anti-corros ivt  barrier.  If  this  is  effectively  achieved,  then  Re«1  .00  could  be  satisfactory.  However,  in 
difficult  maintenance  environments,  for  example,  faced  by  military  operations,  this  is  not  always  possible 
t"  achieve.  In  this  case,  the  values  of  Table  III  may  be  applied.  Cost  benefit/performance  trade  studies 
should  determine  the  cost  effectiveness  of  flying  the  weight  as  opposed  to  paying  the  price  of  inspection 
and  maintenance. 

Environment,,:  exposure  is  graded  into  three  levels  of  increasing  severity: 

(1)  Benign  -  Interior  structure  unexposed  to  external  atmosphere. 

(2)  Normal  -  External  structure  exposed  to  medium  active  (sea  coast  or  jungle)  atmosphere. 

(3)  Active  Environment  -  Including  structures  directly  exposed  to  engine  exhaust  gases,  fuel 

sump  water  (chloride  concentrates),  food  and  human  waste  products, 
potential  bittery  spillage  areas  and  others  more  active  than  normal 
sea  coast  atmosphere. 

Early  initiation  of  "corrosion-fatigue"  cracks  are  to  be  inhibited  by  choice  of  more  corrosion 
resistant  materials,  heat-treatments,  and  reliable  protective  systems.  This  example  list  is  to  be  expanded 
in  material  choice  to  recognize  differences  in  corrosion  resistance,  for  example  between  7075-T6  vs  T73  vs 
T76  forms.  Alternatively,  J_f  fatigue  design  allowables  are  directly  determined  experimentally  in  satis¬ 
factorily  simulated  environments  with  reasonable  exposure  (breached  corrosion  prevention  systems),  then 
Rf  »  1.00  may  be  acceptable.  In  this  case  Ry  should  be  evaluates  to  ensure  adequate  assessment  of  the 
combined  factors,  fR-pRj:). 

C.  Material  Performance/Testing 

Almost  all  variability  data  used  in  the  past  is  derived  from  this  source  which  represents  the 
combined  effects  of  experimental  variations  and  inherent  variability  of  materia!  response.  A  large  body  of 
data  exists,  some  of  which  has  been  analyzed  by  various  statistical  approaches.  Table  IV  presents  some  of 
these  results  for  different  materials,  test  methods  (variations  in  techniques  of  variable  load  spectrum 
testing),  and  structural  complexity  (23) -  Much  of  the  data  on  alumincn  and  steels  is  taken  from  reference 
(23),  some  titanium  data  is  from  reference  (28).  The  current  USAFML  program  on  development  of  reliability 
methods  is  to  provide  confirmation  and  modifications  of  these  factors  (as  necessarv). 

Additional  refinement  of  the  variability  factor  as  a  function  of  numbe;  of  specimens  and  the 
relative  stress  range  severity  In  the  test  spectrum  was  fouid  statistically  significant  and  exponential 
corrections  are  given  in  Tables  IVa  anJ  ''6 . 

The  Titanium  Problem.  Of  pa-ticuiar  note  is  the  relatively  b'gh  variability  of  titanium  products, 
being  about  three  times  that  of  steel  and  nickel  alloys  and  2  t’mes  that  of  aluminums.  A  closed  loop  design 
and  analysis  system  which  recognized  this  difference  in  variabil'ty  would  tend  to  place  titanium  in  a  non¬ 
competitive  position.  To  avoid  the  loss  of  this  excellent  material,  for  fatigue  critical  parts,  special  steps 
are  ncressary  to  control  variability  in  the  production  of  titanium  products.  The  USAFML  has  embarked  on  a 
piogram  to  develop  a  procurement  specification  for  premium  giade  titanium  materials.  This  specification 
proposes  to  increase  fatigue  and  fracture  mechanics  properties  and  reduce  variability  by  tighter  control  of 
hydrogen,  oxygen,  and  other  detrimental  Interstitial  trace  elements,  and  to  correlate  these  properties  with 
m.'cro-grain  size  and  structure.  Trade-offs  of  static  properties  with  fracture  toughness,  fatigue  level  and 
the  variability  are  major  considerations.  Assuming  success,  this  AFML  program  demonstrates  the  objective  of 
this  scheme  and  the  importance  of  visibility  of  the  sources  variability  ir  providing  incentive  for  signi¬ 
ficant  improvement  in  the  airframe  product. 

0.  Manufacturing  and  inspection 

It  is  the  function  of  Engineering  to  establish  the  design  drawings  and  requi rements  for  the 
production  of  parts  and  assemblies  of  the  airframe. 

it  is  the  function  of  Manufacturing  to  produce  parts  and  assemblies  to  the  drawing  tolerances 
and  specification  requirements. 

It  is  the  function  of  Inspection  (quality  assurance)  to  ensure  that  eaen  and  a!l  production  and 
processing  steps  and  requirements  are.  achieved  within  specified  tolerances  on  each  part  and  assembly. 

It  has  been  our  unfortunate  experience  that  critical  flaw  sizes  can  be  below  the  detectable 
limits  of  the  best  available  NO  I  techniques.  It  is,  therefore,  the  purpose  of  the  new  Damage  Tolerance 
requirements  (A5)  to  ensure  safety  of  flight  In  the  presence  of  detectable  flats  or  larger,  assumed  to 
exist  in  the  most  critical  orientation  In  the  most  critical  stress  fle’t).  Inspection  capability  has  there 
fnr„  for  the  first  time  entered  quant! tativelv  into  the  design  process,  s-  lection  of  materials,  allowable 
stress  levels  and  sizing  of  structure  for  flight  safety.  Even  th  ugh  damage  tolerance  provides  requisite 
safety,  It  is  equally  important  from  an  economic  and  from  fleet  availability  standpoints  that  flaws  from 
corrosion  or  early  fatigue  crack  Initiation  be  prevented  or  delayed  for  the  duration  of  fleet  usefulness, 
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currently  for  much  longer  times  than  in  the  past.  Coupled  with  improved  engineering  analyses  and  testing 
techniques,  the  capability  exists  to  successfully  design  and  test  for  more  stringent  requi rem_nts .  Table  V 
presents  the  concept  of  graduated  manufacturing  reiuirements  for  the  control  of  fatigue  qualit,  and  graduated 
inspection  requirements  to  ensure  meeting  fatigue  and  fracture  requirements. 

Parts  designed  (i.e.  sized)  for  static  strength,  stiffness  and  other  than  faticj'je  requirements 
may  successfully  pass  fa'igue  requirements  with  a  large  life  factor.  If  so,  no  more  than  normal  manufacturin'; 
and  inspection  levels  ar"1  required  or  desired.  However,  J_f  smaller  factors  are  required  to  pass  fatigue 
requirements,  then  justification  exists  to  incorporate  special  manufacturing  operations,  (I.e.  smoother 
surfaces,  blending  radii,  snot-peening,  interference  fit  attachments  or  cold  worked  holes;  anti-fretting 
coatings  or  shims,  etc,  etc.).  Justification  for  special  manufacturing  and  inspection  requirements  is  thus 
avai table. 

Those  fracture  critical  parts  that  would  be  fatigue  oitical  without  damage  tolerance  requirements 
will  benefit  from  material  controls  and  special  fracture  mechanics  NDI  inspections.  Recognition  of  this 
benefit  is  included  in  the  lower  fatigue  life  reduction  factors  in  Table  V  for  application  to  specifically 
designated  areas. 

Other  equivalent  rational  criteria  may  be  devised. 

£ .  Mission  Element  and  Loads  Variability 

Two  ends  of  the  design  validation  and  fleet  operating  orogram  require  different  considerations: 

(I)  Initial  design  and  development,  (2)  Fleet  tracking. 

( ! )  l.iitiai  Design  and  Oe.ilopmeni 

Mission  element  definition  and  operating  statistics  and  loading  dynamics  analyses  initially 
involve  assumptions  for  operating  fleet  utilization  and  analytical  assumptions  or  predictions 
of  operational  parameters  (weights,  speeds,  altitudes,  etc.)  and  predictions  of  dynamic 
response  of  the  structure.  Statistical  definitions  of  the  physical  operating  environment: 
turbulence,  manuever,  taxi,  landing,  load  exceedaneies  involve  a  proad  band  of  expectancies. 
Simplifying  assumpt  ons  in  the  combination  and  reduction  of  these  statistical  data  into  the 
specific  design  and  analysis  spectra,  and  the  further  truncation  of  design  spectra  to  test 
spectra  involve  decisions  known  to  have  a  widely  varying  impact  on  the  fatigue  results.  A' 
discussed  previously  the  most  generally  used  linear  cumulative  damage  analysis  techniques 
(without  residual  stress  spectre  consideration)  are  considered  inadequate  to  assess  the  re<  I 
fatigue  significance  of  these  various  simplifying  assumptions  and  averaging  to  so-called 
equivalent  (fewer)  missions.  Table  VI  (A),  therefore  gives  a  (probably  inadequate)  scale 
of  variability  of  fatigue  response  from  these  sources.  The  variability  of  fatigue  response 
due  to  truncation  and  fore-shortening  of  design  spectra  to  test  spectra  is  potentially  so 
broad,  cannot  be  assessed  with  confidence  by  normal  cumulative  damage  analyses,  (without 
residual  stress  sprecta) ,  that  comparative  tests  should  be  run  to  determine  corrective 
factors. 

(2)  Fleet  Tracking 

Two  basic  phases  of  fleet  operational  trackinq  programs  are  planned:  ( f»5 ) 

a.  A  limited  program  of  instrumented  mission  element  and  loads  tracking  during  early  fleet 
operations  is  established  to  verify  the  assumptions  and  decisions  made  to  initiate  desgn, 
development,  and  fatigue  verification  and  qualification  testing  and  acceptance  of  the 
basic  design. 

b.  A  less  sophisticated  but  lifetime  duration  tracking  program  for  individual  aircraft  is 
established  for  the  purpose  of  detecting  major  changes  in  missions  and  to  monitor  and 
manage  fleet  inspection,  maintenance  and  repair  (modification)  programs. 

The  effectiveness  of  these  programs  is  highly  dependent  on  the  degree  and  calibration  of 
instrumentation  for  recording  fleet  operational  parameters  (VGH) ,  loading  history,  (multi¬ 
plex  load  recorders  and  acceleration  counters)  or  point  stress  recorders.  Table  VI  (8) 
indicates  a  scale  of  graduated  factors  reflecting  precision  of  knowledge  of  these  operational 
parameters.  It  is  clear  from  past  resuitt  that  load  experience  within  a  fleet  is  widely 
variable,  and  since  the  fatigue  response  of  materials  and  structures  is  so  highly  dependent 
on  actual  loading  history,  it  is  quite  evident  this  factor  Ri  is  a  major  contributor  to 
adequate  fleet  management.  Rationale  and  incentives  are  mode  visible  to  justify  fleet 
tracking  programs,  as  well  as  penalties  which  may  be  required  for  necessary  economic  or 
operational  compromises. 

F.  Sample  Trial 

Sample  data  for  three  structural  materials  ore  presented  in  Table  VII.  In  each  case,  the  first 
column  represents  the  optimistic  selection  of  the  best  eiemenls  of  the  life  reduction  factors  from  each  con¬ 
tributing  Oi  ?a.  These  columns  indicate  that  when  all  elements  are  under  the  best  of  available  procedures  and 
controls,  life  reduction  factors  could  be  substantially  less  than  some  currently  used  "scatter"  factors. 

The  first  column  for  titanium  shows  that  in  spite  of  a  factor  of  six  for  material  variability, 
support  from  the  best  of  all  other  elements  results  in  an  overall  factor  of  not  more  than  "ii.O.  Premium 
procurement  specification  work  described  earlier  should  perm. ,  confident  reduction  of  the  factor  of  six  and, 
where  cost  effective,  titanium  will  remain  competitive  with  other  st-uctural  materials  for  fatigue  critical 
appl ications. 


Where  fatigue  requirements  can  be  met  with  larger  factors,  the  cost  of  premium  work  must  be  saved. 
Where  smaller  factors  3'c  :._cessary  to  meet  fatigue  requirements,  Highest  payoff  areas  are  visible  to  achieve 
requirements  at  least  cost. 

A  system  of  variable  fatigue  life  reduction  factors  is  proposed  to  replace  the  fixed  "scatter" 
factors  now  almost  universally  applied  to  prediction  and  tracking  of  fleet  fatigue  performance.  Contributing 
sources  of  variability  are  identified  and  conditions  are  defined  to  achieve  only  the  necessary  level  of 
fatigue  quality  control  with  only  the  necessary  expenditure  of  effort  in  design,  manufacture,  inspection, 
fleet  tracking  and  maintenance,  repair  and  modification.  Incentives  to  improve  the  product  and  penalties 
are  made  visible  for  necessary  compromises.  It  is  expected  that  refined  versions  of  this  scheme  (or  an 
equivalent  concept)  may  become  the  basis  for  fatigue  control. 

Several  steps  are  necessary  to  implement  this  scheme  into  the  process  of  engineering  design, 
evaluation  and  control  of  fatigue. 

Substantiation  and  refinement  of  the  content  (numbers)  is  required  and  work  on  several  areas  has 
already  been  initiated  by  some  organizations.  The  aid.  judgement  and  support  of  the  fatigue  community  is 
solicited  to  fui  ther  refine  and  develop  this  concept  for  practical  application  to  new  and  at  appropriate 
times  to  existing  programs.  Specific  and  constructive  comments,  data,  and  suggestions  are  encouraged. 

IX.  THE  STATISTICAL  NATURE  OT  FATIGUE  AND  NON-LINEAR  COMMUNICATIONS  THEORY 

We  have  observed  the  non-linear  cyclic  and  time  dependency  of  stress  and  strains  in  measurements  of 
repetitive  st ress/ s tra in  charcteristics  of  mater:als.  We  have  observed  the  statistical  nature  of  the 
physical  environment,  gusts,  ground  surfaces,  maneuvering  load  factors  (biased  but  none-the-less  statistical) 
and  operating  parameters  w‘  ah  govern  the  load  input  to  our  structure.  Indeed,  the  structure  may  be  con¬ 
sidered  a  signal  processor  in  communications  theory  concepts.  The  broad  oand  frequency  content  of  the 
physical  environment  is  processed  into  narrow  banded  load  signals  by  the  tuned  frequency  dependent  filtering 
action  of  the  dynamic  response  of  the  gross  structure,  attenuating  and  amplifying  the  external  load  compon¬ 
ents  according  to  the  dynamic  response  characteristics.  Figure  32  depicts  such  a  signal  processing  system 
for  the  airframe  structure.  The  external  load  spectrum  is  in  turn  processed  by  (usually  linear)  transforma¬ 
tion  into  local  internal  structural  element  force  sign„l.  We  have  discussed  in  other  sections  ot  this  paper 
the  highly  non-l incar  transformations  of  the  structural  element  force  spectra  through  the  localized  form 
factor  (stress  concentrator)  and  the  mechanicai/matcrlal  cyclic  stres, /strain  hysteresis  response  complete 
with  local  memory  of  past  events,  work  hardening-softening,  periodir  generation,  decay  and  recreation  of 
residual  (transient)  stress  systems  proven  so  important  to  fatigue  predictions.  Through  a  caoacitive 
capability  of  .he  material,  accumulation  of  a  cycle/time  integral  quantity  of  the  processed  signal  reaches 
a  breakdown  threshold  at  which  time  a  physical  crack  is  initiated.  The  local  circuit  switches  to  a  drasti¬ 
cally  different  form  factor  (tip  stress  concent  rat ! on  factor)  and  a  step  discontinuous  action  in  crack 
opening  and  closing  mechanics.  The  resulting  signal  processor  is,  of  course,  the  crack  growth  process. 

This  process  may  continue  toward  another  climactic  event  in  which  a  locaf  signal  peak  load  may  exceed  a 
breakdown  strength  and  either  catastrophic  failure  takes  place  or  other  circuit  elements  shire  two  burden 
and  the  signal  processing  continues,  albeit,  with  a  iocal  escalation  of  the  ampl i f icat :on  factors,  and 
further  acceleration  toward  additional  element  breakdowns. 

To  maintain  FLIGHT  SAFETY,  human  intervention  is  essential  to  inspect,  find,  and  fix  damage  b»  foru 
it  becomes  catastrophic.  Inspection  capability  divides  the  crack  population  into  two  parts: 

POPULATION  I:  Those  cracks  successfully  found  and  fixed,  and 

POPULATION  II:  Those  cracks  missed. 

For  a  successful  aircraft,  the  costs  of  finding  an-  fixing  cracks  in  the  fleet  may  not  exceed  an 
economic  limit  within  a  given  time  period.  Oamaoe  tolerance  criteria  are  in  being  to  achieve  flight  safety 
in  the  presence  of  missed  cracks  and  other  damage  sources.  These  criteria  require  Quantitative  account¬ 
ability  for  non-destructive  inspection  capability  in  material  selection  and  irocurement  control,  establish 
consistent  operating  stress  levels  and  repetitive  inspection  intervals  to  ensure  cracks  are  found  and  fixed 
with  a  high  probability  and  confidence  level  before  llight  safety  is  jeopardized.  More  stringent  fatigue 
design  a  d  test  conformance  criteria  are  being  developed  to  provide  the  necessary  durability  for  longer 
fleet  life  and  to  control  fleet  maintenance  costs.  Design  feed-back  loops  are  available  to  achieve  these 
requirements  within  the  limits  of  development  costs.  The  engineering  and  economic  deminds  for  improved 
analytic  prediction  capability  are  therefore  upon  us.  Some  new  analytic  tools  are  avr  ’able  from  the 
research  community  to  achieve  a  major  improvement  in  fatigue  predictability.  They  now  netd  to  be  applied. 
Specialized  data  must  be  provided. 

My  purpose  *»  this  simplistic  description,  however,  is  to  point  out  a  direction  (n  which  future  work 
is  needed  to  remove  a  basic  inconsistency,  and  perhaps  reduce  the  work  ane  time  to  analyze.  The  statistical 
nature  of  the  environment,  operating  parameters,  and  material  response  is  well  recognized.  The  analytic 
flow  on  the  other  hand  is  a  (slow)  discrete  form  of  cycle-by-cycle  analysis,  i  would  propose  a  deeoer  look 
into  modern  developments  in  Non-Linear  communications  theory  and  techniques  to  find  a  consistently  continuous 
pathway  through  the  signal  processing  circuit  analogy  I  Have  desci ibed.  Analysis  of  the  loading  and  stress 
spectra  for  their  frequency  and  time  integral  contents  related  directly  tc  natural  periods  of  cyclic  and 
time  dependent  properties  of  the  materials  should  provide  a  Fruitful  avenue.  The  cumulative  statistical 
build-up  needs  to  carry  through  che  statistical  models  intact  to  define  upper,  median,  and  lower  bounds  of 
fleet  crack  population,  accounting  for  variations  from  normal  Inputs  of  all  important  data.  This  approach 
would  account  for  (at  least  most  of)  the  variability  now  lumped  Into  arbitrary  scatter  factors.  This  is  a 
formidable  task! 

X.  REFERENCES 

I.  Wdhler,  A.,  "Uber  die  Fes t ickei tsversuche  mi t  Eisen  und  Stahl"  Zeitschrift  Ftir  Bauincsen,  Vol  8,  1858, 
Also  English  Abjtract:  Engineering  (London),  Vol  li,  1871- 


2. 


6-15 


Palmgren,  A  "Die  febei  Jauer  von  Kugei lagern,"  Zeitschrift  des  Veres nes  Du-etchur  Irtgenievre,  Vol  66, 
No.  l^t,  1926. 


3-  Miner,  M.  A.  "Cumulative  Damage  in  Fatigue"  1  ransae t ions  of  tlie  ASHE  Journal  of  Applied  Mechanics, 
Vol.  12,  Ho.  I,  Sept.  1965.  pp  A-159  -  166. 

6.  Jarfall,  L.  £.,  "Optimum  Oesign  of  Joints;  The  Stress  Severity  Concept,"  Aircraft  Fatigue  Design, 
Operational  and  Economic  Aspects,  proceedings  of  the  5th  Symposium,  ICAF,  Melbourne,  1  £>67 ,  etf.  by 
J.  Y.  Mann  and  I.  S.  Milligan  --  Pergaman  Press  Australia,  Pty,  Ltd.,  1972,  op  69-63. 


5-  Smith,  C.  R.  "Small  specimen  Date  for  Predictirg  Fatigue  Life  of  Ful)-Sc*)e  Structures,"  ASTH  Special 
Technical  Publications  No.  338,  1962. 


6.  Neuber,  H.  "Theory  of  Stress  Concentrat ion  for  Sheer  Strained  Prismeticai  Bodies  with  Arbitrary  Non-Linear 
Stress-Strain  Lav.,"  Transactions  of  the  ASMS  Journal  of  Applied  Mechanics,  V01  28,  Dec  19&I ,  pp  566-550. 

7  Morrow,  J.  "Cyclic  Plast'C  Strain  Energy  and  Fatigue  of  Metals"  ASTM  STP  376,  1965,  PP  65-37. 

8.  Impel  i  izzeri ,  t,.  F  .,  "Cumulative  Damage  Analysis  in  Structural  Fatigue,"  Effecis  of  EnvironroaK  and 
Complex  Load  History  on  Fatigue  Life,"  ASTM  STP  No  662,  1970,  PP  60-68. 

9.  Wetzel,  R.  H,  "A  Method  of  Fatigue  Damage,"  Doctoral  Thesis,  University'  or  Water’oo,  Ontario,  Cancga. 

Also  at  Scientific  Research  Staff,  Ford  Motor  Co.  Dearborn,  Michigan,  Sept  1971- 


10. 

11. 


12. 


13. 


16. 

15. 

16. 


17. 


18. 


!9. 


20. 


21. 


22. 


23. 


26. 


25. 


26. 


27. 


28. 


Rotvel,  F.  "On  Residual  Stresses  Ourir.g  Random  Load  Fat i gee,"  Symposium  or  Random  Load  Fatigue-  AGARD 
Confers*  ce  Proceedings  AGAR0  CP-118,  October  1972. 

Potter,  J.  M.  “The  Effect  of  Load  Interaction  and  Sequence  on  the  Fatigue  Sebaviot  of  Notched  Coupons," 
Cyclic  Stress-Strain  Behavior  -  Analysis  Exper imentat ion  and  Failure  Prediction,  ASTM  STP  No.  S 1 5 , 

Mar  1973.  pp  109-132. 

Rankine,  W.  J.  M,,  Proceedings  Institute  of  Civil  Engineers,  Vo)  2,  np  105-108,  1863. 

Fairborn,  W,  ,  Pnl).  Trans.  Royal  Soc.,  p.  3U,  1866. 

Lehr,  E.  "Die  Abkurzur.gsverfahen  Bur  Ermittlung  Der  Schwi  .ggungsfest  igkel  t  von  Material  ien."  Dr.  log 
Dissertation  Th.,  S-vuttgart,  1 925 . 

Oberg,  T.  T.,  and  Johnson,  J.  B.,  "Fatigue  Properties  of  Metals  Used  in  Aircraft  Construction  at  3650 
and  10,600  Cycles,"  Proc.  Amer.  Soc.  Test.  Mater.,  37.  Pt.  2,  pp  '95-205.  1937  (Discussion  of  R.  R.  Moore 
Machine) . 

Goodyear-Zeppel  in  Corp.  ,  "Preliminary  Fatigue  Studies  on  Aluminum  Alloy  A'-crart  Girder.,,"  HACA  TN  637, 
1938. 

Bieaknev,  W.  M. ,  "Fatigue  Testing  of  Beams  by  the  Resonance  Method, "  NACA  TN  660,  Aug  1938. 

Fester,  H.  W, ,  "Fat'gue  Tasting  of  Air frame  Structural  Components,"  ASTM  STP  2U3,  1957. 

McCulloch.  A.  J.,  Ilelcon,  M.  A.,  Crichlow,  W.  J.,  Foster.  H.  y. ,  Rebmon,  J.,  "Investigation  of  she 
Representation  of  Aircraft  Service  Loadings  ir  Fatigue  Tests,"  USAF  AS0-TR-6’ -635,  Jan  1962. 

Crichlow.  W.  J.,  McCullorh,  A.  J.,  Young  L.  and  Melcon,  M.  A.,  "An  Engineering  evaluation  o’  Method., 
for  the  Prediction  cf  Fatigue  Life  in  Airframe  Structures,"  USAF  ASD-fR-6i -636,  March  1962. 

Schilve,  J.,  BroeV.,  f  ,  De  Rijk,  Nederveen.  A..  Sevenhuyscn,  ?.  J.,  "Fatigue  Teste  with  'tandem  a.-d 
Programmed  Lund  Sequences,  with  a  o'  without  Ground-to-Ai r  Cycles  —  A  Lumpa-at've  Study  on  Full-Scale  - 
Wing  Center  Sections."  USAF-Fe  -TR-66-I63,  October  1966, 

Ketola,  R.  M.,  "A  Full-Scale  Structural  Fatigue  Test  Program."  AIAA  Journa!  of  Aircraft,  Vol  2.  No.  5. 
Sept-Oct  1965. 

Crichlow,  W.  J.,  Suzzetti,  C.  J.,  and  Fairchild,  J.  "The  Fatigue  and  Fail-Safe  Drogrjm  for  the  ter’ifrca- 
tion  of  the  Lockheed  Mode!  286  Rigid  Rotor  Helicopter."  Aircraft  Fatigue  0es.lun,  Operational  anu 
Economic  Aspects.  Proc.  5th  Symposium  ICAF,  Melbourne.  19s?.  ed.  J.  Y.  Mono  and  5.  Milligan  - 
Pergammon  Press  Australia,  Pty,  Ltd.,  pp  171-220,  1972. 

Cowgili,  L  C.,  "Structural  Testing,  Testing  Philosophy,  and  Loads  Prediction  for  Rotary  Wing  Vehicle 
Components,"  Aeronautical  Journal  of  the  RAE,  Vol.  76,  July,  Aug.  1970. 

McCulloch,  A  J,,  el.  ol.  "Fatigue  Behavior  of  Sheet  Materia!  for  the  Super  Sonic  Transport,"  USAF  HL- 
TR-S6-393  I  a.nc  I!.  Jan  1365 ■ 

Mackey,  D,  Simons.  H.,  "Structural  Development  of  the  L- 1C  1 1  Tri-Star,"  aIAA  Paper  Ho  72-776  •- 
AIAA  6th  Aircraft  Oesign  Flight-Test,  and  Operations  Meeting,  Los  Angeles,  Culit,  Au-j  157^ - 

Shewnaker,  A.  P.,  and  Wagner,  J.  A,,  "The  Development  end  i'mp'ementat ion  cf  a  Fatigue  Mcritofing  Prog*  m 
for  a  Trai, sport  Aircraft"  Proceedings  of  the  Air  Force  Conference  on  Fatigue  and  Fractu-e  of  Airoaft 
Structures  and  Materials.  AFFOL-TR-70- 166,  Sept.  1970,  pp  833-865' 

Crichlow,  W.  J.,  and  Luede,  T,  J.,  "Hign  !-yc:*  Fatigue  Properties  of  Titanioa  in  Aircraft  Application," 
Titanium  Science  and  Technology,  R.  J  Jaffe  and  H.  M.  Burte,  eds.,  The  KetJ! lu.eical  Society  of  the 
A I  ME  Proceedings,  Plenum  Press,  New  ?ork,  NY  1973. 


P^m 


cv:  "^3 


*9>£c 


6-20 


23*  ppySo2R'  S‘’"'T,’e  ErfccC  of  Hi9h  Lo3d5  on  Fatigue,”  Colloquium  on  Fatigue.  Sprlnger-Verlag,  l956, 

30-  S;  i  fc-SE'isa  w!th  Stress  £onccntration 

31 '  aS^nfi-il”‘^rAM^,Sic?MRc^  10  Cycl'c  ^formation,”  Achievement  of  Hloh  Fetloue  Res  Is r- 

; TtoT'Tp'FII1  •  A  T  ■  67 ’  A*er‘can  s,JS!aty  for  Testing  ar.d  Materials,  PhiYadeiph (a ,  PA 

i2‘  SHI'no:  5;'a^2«  the  Fat5^  *ha"to'  °F  »«*«."  Journal  of  Materials, 

i5'  s-  !r'V!'‘c‘air’  G.  H.,  ’’Computer  ?ased  Simulation  of  Cyclic  Stress-Strain 

op  23-28.  h  ^  *’"*  t0  Mater, a?i  Research  and  Standards,  Vol  If,  lio.  2,  Feb  1971, 

*•  ^u%iv7ux^.  Sir%sdi;7inP^M?p,,eatf'*  st'css-stra5ft  His£ori-*"  *»"&  * 

Under^!  tnAw  loading,”  SwMjai  cnjardomToading  Fatigued  AGAKD^ferenre^rn^Iallof  !caDn!rn.,,0 
Oct  l?,i.  See  also  Royaf  Aeronautical  Soclet^^ifTH?  Sciences  Date  Unit  Data  S'?™ 

36.  S.>-n{h,  K.  I..  Watson,  and  Topper,  T  H.,  "A  Stress-Strain  Function  for  the  fatinue  of  Metals  " 

J<^rna.  of  Mater’nls,  Vol  5,  So.  A,  Dec  1S70,  po  ?S 7-776.  1  ,Ce  0f  "eta1s’ 

37.  WdiHa,  ,  t,  X.,  he  Effect  of  Stress  Ratio  During  Crack  Propagation  and  Fatiau*  for  202A-TA  ■  na  7071:  -a 

A.um.num,”  Efforts  0f  environment  and  Comply  tJd  History  on^attnue  Life  7°75  '& 

36.  Si-tlor,  J  ?,.  •’The  Material  Selecctor  an„  Structura’  Developrsent  Prccess  for  AVcrafr  Structural 

,a,i9ue  Co"d!tio"5''  Proceedings  of  t'ie  Air  Force  Conference  on'  FatlL  andSn,,-. 

- — $t  ^ctures  and  US  .W^L-TR- /C- jW," Sept .  197C-,  pjj  iT^I. - ^ - - - -* - 

*'  =!“2;.w=rl;  rf  "««■»  *—• 

AO.  Sines,  G..  ana  Walsw ?/.-,  J.  U,  (no.) 

k 


tigue"  McGraw-Hill,  1959. 


Packman,  P  F  Pearson  H.  S,,  Marchuse,  G.  6..  Owens,  J.  S.,  "The  ADpiicabiHty  of  g  Fracture 
1&...  srtics-Nor,-„estruet!ve  Testing  Design  Criteria,"  US  AFMl-TR-68-32,  Say  I9S8. 

UZ'  r^r*  S"  3rd  50S?'  U*  "Resfc3r<*  -on  Che  Mechanism  of  Fretting  Fctigue,”  First  International 
Conference  on  Corrosion  F*U9u„,  Univ.  of  Connecticut,  Stores,  Conn?,  June  1971 .  (To  bo  pubHshed) , 

k>'  Vo !  '3?ShnC ' / ‘  AuiTw^f  $ll -iiiA ’  "SHP  Pr°nt  MechaRism  !n  hschan!c3'  Journal  of  Aircraft, 

^  SSS'SJ!  F«S^M  2Stk  "™«"»  *  tha  «  Materials 

Ay.  Ar.on,  Aircrnri  Structural  Integrity  Program,  Airplane  Regul  reioersts  .*'  Mll-STD-l£30-(USAr) ,  !  Sept.  1972. 
XI  ACK«0WI.EP6€hE}jts 

Chose  X£rJS  S  uas  •sr'sss.trisiw t0 

k: nafcs?ounthRatsrr- for tM$ ?fcr-  ^ Sisk « reSied 

Porte  or  of  UCt  °fflCfal  POU':y  0f  tte  U‘S'  Air 


I 

t 


TABLE  I 

MATERIAL  PROPERTIES  DATA  FOR 
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TABLE  II  RA  -  ANALYSIS 
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TABLE  Ilf  RE  -  ENVIRONMENT 
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mi 
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•  ACTIVE  ENVIRONMENTS  INCLUDE  FUEL  SUMP  WATER,  FOOD  AND  HUMAN 
WASTE  PRODUCTS,  ENGINE  EXHAUST  GASES,  AND  OTHERS  HOSE  ACTIVE 
THAT  NORMAL  SEA  COAST  ATMOSPHERE. 
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SUMMARY 


Fatigue  of  airframe  structures  is  viewed  from  the  standpoint  of  crack  initia¬ 
tion  and  extension.  By  employing  A  Rational  Analytic  Theory  of  Fatigue  ^proposed  fifteen 
years  ago)/  the  aspect  of  crack  extension  is  treated  in  terms  of  the  maximum  stress-field- 
parameter,  Kjna*  and  the  minimum  to  maximum  load  excursion  ratio,  R.  Yr.itiation  is  treated 
as  that  period  prior  to  development  of  a  well-behaved  crack.  A  number -of  airframe  fatigue 
test  data  are  thereby  examined  and  compared  with  interpreted  service  experiences.  The 
principal  differences  seem  to  stem  from  environmental  influences  in  service  that  are  not 
represented  during  laboratory  experiments. 

BACKGROUND 

Shortly  after  Irwin ^  presented  his  arguments  for  the  relation  of  the  elastic 
stress  field  intensity  parameter  associated  with  the  region  of  a  crack  tijr,  K,  and  the 
strain  energy-release-rate  fracture  criterion  of  Griffith,(2)  Parish)  perceived  that  - 
the  K  parameter  must  control  the  mechanical  state  of  affairs  in  sub-critical  cracking 
processes  under  low  nominal  stress  conditions.  Paris  stated  the  case  this  way. "It  is 
intuitively  evident  that  the  rate  of  crack  extension  is  directly  related  to  the  stress 
(or  strain)  intensity  occurring  in  the-  region  of  the  crack  root." 

There  were  three  important,  implicit  assumptions  under lying  this  point  of 
view:  l7'  - 

®  The  stressed  body  was  generally  elastic;  inelastic  conditions  were  confined 

to  a  small  region  at  the  crack  root. 

•  The  crack  was  elemental,  not  branched  or.  twisted. 

«  The  state  of  affairs  in  the  small  region  surrounding  the  crack  root  was 

undefined. 

In  a  larger  sense  there  was  another  assumption,  basic  to  all  sciences,  which 
was  once  expressed  by  Thomas  Young  in  this  way,  "That  like  causes  produce  like  effects, 
or  that  in  similar  circumstances  similar  consequences  ensue,  is  the  most  general  and  most 
important  law  of  nature;  it  is  the  foundation  of  ail  analogical  reasoning,  and  is  col¬ 
lected  from  constant  experience,  by  an  unavoidable  and  indispensable  propensity  of  the 
human  mind." 5 

Paris  was  trained  in  Civil  Engineering  and  Mechanics.  He  collaborated  with  a 
Mechanical  Engineer/Metallurgist  and  ar  Wronautical  Engineer/Metallurgist;  they  prepared 
a  paper  incorporating  a  number  of  data  on  cyclic  load  crack  extension  rates (5-7)  which 
was  distributed  in  1959,  to  a  limited  number  of  people  associated  with  aircraft  fatigue 
problems.  The  paper  was  titled  "A  Rational  Analytic  Theory  of  Fatigue,"  and  was  even¬ 
tually  published  in  January  of  1961,  (3'  rather  modified  from  its  original  form.  In  the 
published  version  the  authors  stated,  "...the  objective  Gf  this  work  is  to  show  that  the 
growth  of  „n  initial  'crack  like'  imperfection  to  sl  critical  si2e,  which  causes  static 
failure  of  a  structure,  may  be  described  by  a  single  rational  theory." 

Their  assertion  seemed  immodest,  to  say  the  least. 

FATIGUE  OF  AIRFRAME  STRUCTURES 
(9) 

Barrois'  '  has  written,  "Fatigue  problems  cannot  be  isolated  from  those  cf 
strength  as  a  whole.  Among  specialists  in  the  service  behavior  of  mechanical  structures 
the  idea  is  coming  to  the  fore  that  any  arbitrary  dividing-up  of  the  continuous  spectrum 
of  structural  strength  into  various  groups ...  should  bs  rejected  and  that  the  time  has 
come  fer  collective  concepts  which  integrate  the  knowledge  concerning  actual  material 
properties,  production  defects,  service  environment,  maintenance  methods,  and  so  on." 

Subsequent  discussions  are  believed  to  be  consonant  with  his  viewpoint.  Inter¬ 
jection  of  terms  and  phenomenology  often  associated  with  corrosion  cracking  processes  can 
be  expected,  for  example.  Nevertheless,  the  next  two  sections  consider  fatigue  from  the 
aspect  of  crack  extension  on  the  one  hand,  and  crack  initiation,  on  the  other. 

Description  cf  Simple  Cyclic-load  Crack  Extension  Processes  via 
the  Elastic  Stress-Field  Parameter,  K 

The  intense  elastic  stress  field  surrounding  the  crack  root  or  border  is 
linearly  related  to  the  general  stress  field  in  which  it  is  immersed.  The  stress  field 


parameter,  k,  incorporates'  the  geometric  factor  of  crack  length -with  tht  locally  intense 
stress  and  hence  the  general  stress,  field;  the  crack  size  is,  logarithmically,  half  as 
important  as  the  general  elastic  stress  for  the  basic,  remote  stress  ca°e .  The  manner 
In  which  loads  are  coupled  across  the  crack  region  affects  the  parameter  in  other  cases 
as  j*  particular  coefficient.  Influences  of  finite  boundaries,  X,  may  be  expressed  as 
f  (a,x}_.  In  general,  then, -the  elastic  stress  field  parameter  takes  the  form 

-  K  =  C  5-Virc  f(a,x)  1  (1) 

With  the  tvermc  as  defined  above.  _  (n  is  introduced  for  convenience.) 

Additional  comments  on  the  formulation  are:  -  a  -  ,  — - 

*-  The  coefficient  may contain  the  ctack  dimension  as  a  denominator  arid^the 
--  rstr ess-mayrappear  as  a  ^ldaq  j?er  .unit  thi.ckne.ssi 

*  _  Fluctuation  in  stress  causes  fluctuation  in  the  parameter.  Change  in  crack 
:  size  causes  change  in  the  parameter  unless  f (a, x)  just  exactly  compensates. - 

«  For  present  purposes  it  .will  be  taken  that  cracking  proceedsuiormal  to  the 

maximum  principal' stress  so  that  the  crack  simply  opens  and  closes. 

'  ®  It  is  important  to  note  that  the  parameter  is  linearly  related  to  the  stresses 

or  loads,  aiid  since  the  body  is  generally  elastic,  superposition  of 'parameter 

solutions  may  be  applied.!1®)  - 

It  is  also  important  to  recall  that  the  tir.y  region  of  material  immediately 
associated  with  the rcrack  border  may  be  inelastic.  In  this  connection  it  will  be  appar¬ 
ent  that  the  amount  of ^crack  opening  will  depend  in  pa.  t  on  the  degree  of  inelasticity 
and  in  part  oh  the  magnitude  of  the  parameter.  Accessibility  of  the  surrounding  environ¬ 
ment  depends  on  the  crack  opening;  hence  chemical  activity  at  the  crack  root  is  influ¬ 
enced  by  the  accessibility  ana  diffusion  related  aspects  of  crevice  corrosion. 

Although  the  stress  fluctuations  cause  parameter  fluctuations,  the  material  in 
the  crack  tip  region  may  not  follow  the  excursions  in  a  simple  manner.  Inelastic  deforma¬ 
tions  are  a  certainty  if  crack  extension  occurs;  there  is  negligible  chance  that  such 
deformations  would  be  exactly  reversible  during  reversed  loading  of  the  small  tip  region. 
Consequently,  some  form  of  damage  accumulation  continuously  develops  in  this  region  and 
the  crack  cyclically  extends  in  a  characteristic  way.  Should  the  environment  be  active 
with  respect  to  the  freshly  damaged  material,  additional  effects  can  be  expected.  Some 
environments  might  be  beneficial  in  the  sense  of  slowing  the  rate  of  extension,  while 
others  might  markedly  accelerate  the  process. 

It  is  apparent  that  the  dominant  property  of  the  material  surrounding  the  crack 
tip  region  is  its  ability  to  resist  rupture;  it  must  do  this  by  accommodating  the  intense 
elastic  strains  through  the  inelastic  deformation  processes  which  relieve  the  local 
intensity  at  the  crack  margin.  This  amounts  to  crack  tip  blunting. 

When  the  crack  tip  region  is  squeezed  during  unloading  or  reversed  loading  some 
form  of  tip  re-sharpening  occurs.  If  the  next-following  load  is  sufficiently  smaller 
than  the  prior  maximum  load  the  entire  tip  region  may  remain  elastic,  with  negligible 
damage  accumulation  due  tc  mechanical  actions  alone. 

It  seems  reasonable,  then,  to  test  the  suitability  of  the  K  parameter  in 
characterizing  crack  extension  processes  under  elementary  loading  and  without  environ¬ 
mental  exaggeratons. 

The  extreme  cases  of  simple  loadings  are  a  remote  stress  on  the  cracked  body, 
and  local  wedge  loads  on  the  crack-line.  These  are  depicted  in  Figures  la  and  lb.  The 
linear  elastic  solutions  (ID  for  infinite  bodies  in  the  two  cases  are  given  below: 

Remote  Stress  K  =  c  Vsa  (2) 

Crack-Line  Loads  K  =  ~~  (3) 

yira 

The  expected  (and  observed) crack  extension  behavior  under  the  condition 
of  cyclic  loadings  is  shown  in  the  lower  portions  of  Figure  1.  The  slope  of  the  extension 
rate  curves  is  a  measure  of  the  damage  rate.  Suitability  of  the  parameter,  K,  to  charac¬ 
terize  the  cracking  rates  is  tested  by  evaluating  the  parameter  for  equal  rates  of  damage; 
the  value  of  the  parameter  must  be  the  same  for  the  same  rate  of  cracking. 

Experimental  substantiation  of  the  K-parameter  method  for  characterizing  the 
mechanical  damage  rate  has  been  reported, (13)  and  its  usefulness  seems  rather  generally 
accepted  for  macro-cracking  in  airframe  structural  alloys  at  lower  stress  levels. I14)  Once 
characterized,  the  material  cracking  rate  can  be  used  to  obtain  local  stress  levels  in 
analytically  intractable  situations (15)  or,  an  inexpensive  substitute  material  may  serve 
for  studies  of  cracking  at  susceptible  locations  in  costly  structures  to  be  employed 
under  non-room  environments. (1®) 

The  appropriateness  of  this  method  for  treatment  of  very  small  cracks  is 
another  question. (14 )  There  are  two  implicit  limitations;  the  crack  must  be  long  in  com¬ 
parison  with  the  inelastic  region  at  its  tip,  and,  the  material  must  behave  as  a  continuum 
Thus,  the  aspect  of  crack  initiation  is  introduced. 
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In  a  study-'*7)  of  approximately  one  dozen  disassembled,  component  fatigue  test 
specimens  there  was  an  average  of  about  two  dozen  cracks  of  various  sizes  in  each  speci¬ 
men.  About  half  of  the  cracks  seemed  to  have  initiated  from  fretting  during  test  and 
about  half  from  mechanical  damage  associated  with  manufacturing  practices.  All  the 
cracking  was  intimately  related  to  the  fastener  region.  In  these  tests  there  was  not  one 
recorded  case  of  initiation  traceable  to  corrosion-related  phenomena. 

Although  a  comparable  effort  to  examine  service-fatigued  structures  apparently 
has  not  been  conducted,  corrosion-related  service  problems  with  pin-fastened  joints  have 
been  reported. (18-20)  it  might  be  judged  more-than-likely  ..hat  normal  atmospheric  envi¬ 
ronments  would  interact  with  the  fretting  and  mechanical  damage  problems  in  some  unde¬ 
fined  way. 

Since  it  is  not  yet  clear  how  to  treat  the  initiation  aspects  of  service 
fatigue  at  pin-fastened  joints,  I  have  chosen  to  estimate  how  big  a  crack  might  be  in 
order  for  it  to  probably  behave  like  a  crack  in  the  sense  of  crack  extension  rate  pro¬ 
cesses  discussed  above.  Then,  I  will  present  some  hypotheses  about  some  in-service  initia¬ 
tion  mechanisms  which  seem  plausible  to  me. 

Using  the  aluminum  alloy  7075-T6  as  an  example,  it  is  likely  that  subgrains  are 
of  the  order  of  one  micron  and  not  appreciably  subdivided  by  cyclic  strainingxi2-!.  Obser¬ 
vations  of  fatigue  striations  suggest  minimum  spacings  less  than  0.2  micron. 122, ,23}  it 
seems  reasonable  to  conclude  that  cracks  on  the  order  of  10  microns  length  would  satisfy 
continuum  mechanics  if  no  other  limits  applied. 


The  apparent  threshold  of  fatigue  crack  extension  observed  in  7075-T6  tests 
evaluated  via  .the  parameter  K  imply  an  intensity  level  below  about  3  1/2  MN  /  m^/2 
(3  ksi  /IH7) . (24,25) 

Now  the  inelastic  strain  field  at  the  tip  of  a  crack  can  be  estimated  to  be 
smaller  than  a  height  extent,  Z  , 


'  (fe) 


where  TYS  is  Tensile  Yield  Strength.  Therefore,  a  crack  would  need  to  be  several  times 
longer  than  this  to  satisry  nther  requirements  for  use  of  the  parameter  method;  say  six. 
Then  the  minimum  crack  would  hr' 

/„  \2 


a  .  'v.  2 

mm 


/Kmax  | 

\TYS  / 


500  MN/m2 


At  threshold  cracking,  for  a  K  of  about  3.5  and  a  yield  strength  of  about 


a«,in  ^  ’00  pm 


which  is  well  into  the  continuum  effects  size  as  argued  above. 


(6) 


-  - 
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The  implications  of  the  calculations  may  be  restated  this  way: 

•  If  a  crack-like  defect  a  few  microns  deep  were  to  develop  somehow,  the 
normally  encountered  remote  stresses  would  cause  the  inelastic  strain  field 
to  encompass  the  free  surface  and  blunt  the  crack  by  deformation  processes? 
the  initiated  crack  would  be  de-initiated  and  further  damage  need  to  develop 
before  the  region  could  regain  the  relative  dimensions  of  a  "well-behaved" 
crack. 

*  If  a  crack-like  defect  could  somehow  develop  a  depth  several  times  that  of  any 
inelastic-  region  which  might  expand  during  a  loading  sequence,  then  the  crack 
could  act  "well-behaved"  from  that  point  on. 

The  situation  is  sketeched  in  Figures  2a  and  2b. 


4.  SHALLOW  CRACK  BLUNTED  BY  LOCALLY 
EXTENSIVE  OEFORMATION 


FIGURE  2. 


B.  DEEP  'BACK  NOT  BLUNTED  BY  LOCALLY 
INTENSE  DEFORMATION 

Schematic  View  of  Tip  Region  Deformations 
in  Shallow  and  Deep  Cracks 


Accepting  that  cracks  on  the  order  of  50  pm  to  200  pm  extent  might  soon  develop 
on  the  surface  from  nicks,  scratches,  fretting,  corrosion  or  fractured  intermetallics  in 
the  alloy  7075-T6,  then  the  crack  extension  under  simple  cyclic  loadings  should  essentially 
duplicate  the  observed  experience  in  tests  of  elementary  structural  components  simply 
cycled  until  macroscopic  cracking  behavior  is  defined. 

Activities  which  might  mitigate  the  development  of  a  deep  crack  include  loads 
which  cause  local  yielding  and  chemical  actions  which  blunt  the  tip  profile.  Prior- 
existing  residual  stress  fields  would  alter  the  effectiveness  of  these  mechanisms  accord¬ 
ing  to  the  sign  and  extent  of  the  residual  stresses.  Chemical  activity  would  vary  drasti¬ 
cally  according  to  the  locally  active  ion  species,  the  dimensions  available  for  atomic 
mobility  and  the  temperature  and  pressure  effects. 

Should  the  load-cycling  rates  be  substantially  faster  than  the  chemical  attack 
rates,  then  the  mechanical  process  would  dominate.  Any  environmental  influences  or  the 
crack  expansion  would  be  seen  if  the  rates  were  comparable.  During  quiescent  periods  of 
load  the  dominant  effect,  if  any,  would  be  chemical. 

Initiation,  then,  is  an  ill-defined  mechanism  which  develops  some  defect  into  a 
well-behaved  crack  on  the  order  of  50  pm  to  200  pm,  at  least  in  the  aluminum  alloy  7075-T6. 
When  of  this  extent,  it  is  likely  that  the  cracking  can  be  well  characterized  by  the 
K-parameter  for  simple  fluctuations  of  load. 

COMPARISON  OF  PREDICTED  FATIGUE  CRACKING  IN  STRUCTURAL  TEST  COMPONENTS  WITH  TEST 
EXPERIENCES  TO  ASSESS  THE  LIKELY  REGIME  OF  INITIATION 

The  course  of  crack  extension  under  simple  cyclic  loadings  can  be  estimated  for 
elementary  pin-fastened  structure  in  which  little  load  transfer  at  the  pins  occurs  by 
applying  the  K-parameter  method,  providing  there  are  no  significant  residual  stress  fields 
associated  with  the  fastener  installation. 

The  coefficient  for  cracking  from,  a  hole  can  be  combined  with  the  crack  size 
(and  tr)  to  provide  a  convenient  factor (26'  in  determining  the  cracking  behavior  for  a 
particular  hole  size;  this  is  shown  as  Figure  3  for  the  smaller  hole  size  in  test  compo¬ 
nents  now  under  consideration.  The  components  were  representative  skin/stringer  portions 
of  a  lower  wing  design,  tested  about  1958,  at  gross  cycling  stresses  of  115  +  48  MN/m2 
{16. 6  ±  7  ksi) .  After  testing,  the  panels  were  disassembled  and  examined  for  cracks.11'' 
Sixteen  of  the  cracks  in  three  of  the  panels  were  from  one  side  of  a  fastener  hole  in  the 
7075-T6  extruded  stiffener  and  no  more  than  about  one  flange  thickness  in  length.  The 
pin  fasteners  were  straight-shanked  steel. 
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FIGURE  3.  Crack  Length  Factor  for  Remotely  Stressed  Hole 

My  interpretation  of  the  expected  value  for  cyclic  crack  extension  in  extrusions 
of  aluminum  alloy  7075-T6  under  cycling  frequencies  near  one  per  second  and  ambient  environ¬ 
ments  is  shown  in  Figure  4.  This  interpretation  in  terms  of  various  minimum  to  maximum 
stress  ratios  (R-values)  can  be  used  to  construct  simple  loadings  crack  extension  rate 
curves  for  a  given  R-value  and  a  given  environment. 
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FIGURE  4.  Assumed  Ambient  Cracking  Rates-?075-T6  Extrusions 

.--The  most  favorable  behavior  for  the  product  7075-T6  is  taken  from  the  literature 
summary'  and  is  plotted  with  my  interpretation  of  the  expected  value  in  Figure  5.  Assum¬ 
ing  an  initial  crack  of  50  urn  (0.002  in.),  we  can  obtain  the  calculated  extension  under 
the  cyclic  loadings  for  cracking  from  one  side  of  the  hole  and  the  result  is  plotted  in 
Figure  6.  Also  shown  in  this  figure  are  the  approximate  crack  sizes  observed  after  dis¬ 
assembly  and  the  number  observed  per  size.  The  test  component  lifetimes  may  be  seen  as  an 
order  of  magnitude  longer  than  the  calculated  stiffener  cracking  up  to  the  sizes  observed 
after  the  test  was  concluded.  A  typical  crack  from  Ref.  17  is  shown  in  Figure  7. 

Although  the  total  information  on  number  and  size  of  cracks  found  in  the  disassem¬ 
bled  components  is  not  available,  it  seems  safe  to  conclude  that  sixteen  cracks  in  three 
components  did  not  develop  an  effective  length  of  50  um  until  most  of  the  component  test  life 
was  completed. 

If  the  cycling  loads  on  these  panels  relate  in  any  practical  way  to  the  behavior 
of  similarly  constructed  airframes  in  actual  service,  then  the  cracking  in  a  fleet  of  air¬ 
craft  of  this  type  will  be  relatively  extensive  at  some  later  period  of  the  fleet  lifetime. 
It  would  appear  very  desirable  to  have  more  exhaustive  studies  of  both  test  and  service 
crack  initiation  distributions. 
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FIGURE  6.  Calculated  Behavior  of  Cracks  Observed  After  Component  Test 


FIGURE  7.  Example  of  Fatigue  Crack  from  Disassembled  Test  Component 
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A  COMPARATIVE  INTERPRETATION  OF  SERVICE  CRACKING  EXPERIENCES 

Service  experiences  with  cracking  from  fastener  holes  seems  even  less  available 
than  that  from  test  specimens  as  described  above.  Nevertheless,  some  interpretation  can 
be  afforded  by  conducting  a  cracking-rate  integration  analogous  to  the  one  just  shown  for 
component  testing,  but  incorporating  the  influence  of  moist  air  or  water  on  the  behavior. 

From  the  data  comparisons  between  wet  and  ambient  cracking  rates  in  7075-T6 
summarized  by  Hahn  and  Simon (25)  and  its  similarity  to  results  by  Feeney,  et  al. (27'  the 
Vollert,  et  al. (28)  for  hold-times  at  maximum  load  up  to  nearly  one  minute,  the  largest 
likely  increment  of  per-cycle  cracking  rate  across  the  longitudinal  grain  in  relatively 
thin  extrusions  of  this  alloy  is  estimated  to  be  like  that  shown  in  Figure  8.  Using  this 
relation,  wa  can  use  the  cracking  prediction  method  to  obtain  extension  rates  in  both 
ambient  and  fully  humid  environments.  Any  differences  between  the  two  conditions  may  be 
an  indication  of  the  differences  between  laboratory  testing  and  service  experiences;  pro¬ 
viding  temperature  influences  are  not  pronounced. 

MllM1WlhCMMM.il  'N'CKU 
0  SO  200 


Ktl  (aeN>  INCMMNI.  t  ■  tlCYCU 


FIGURE  3.  Estimated  Increment  of  Cracking  per  Cycle  Under  Fully  Wet  Conditions,  25  °C 

As  an  approximation  of  more  ordinary  representations  of  service  experiences, 
consider  load  cycling  at  an  R-ratio  of  0.1  and  a  maximum  stress  of  96  1/2  MN/  (14  ksi) . 

The  expected  cracking  response  of  7075-T6,  Figure  4,  as  well  as  the  response  with  the 
added,  largest  likely  increment,  per  cycle,  due  to  fully  humid  conditions  is  shown  in 
Figure  9.  The  calculated  cracking  from  a  hole-  is  shown  in  Figure  10. 

For  initial  cracks  of  50  pm  the  difference  in  wet-to~a»;bient  lives  at  crack 
lengths  of  50  mm  is  nearly  3:1.  The  results  thus  suggest  that  some  of  the  rcatter  factor 
in  comparing  test  with  service  experience  may  arise  from  the  influence  of  moisture  on 
the  behavior  of  cracking,  at  least  in  aluminum  alloy  7075-T6. 

In  particular,  it  is  instructive  to  examine  the  servicc-te-test  comparisons  in 
this  alloy  reported  by  Fitch,  et  al. (29'  Their  laboratory  simulations  of  service  experi¬ 
ence  for  lower  wing  cracks  were  typically  2  1/2  times  more  long-livea  than  the  service 
experiences  themselves.  Since  their  studies  were  intended  to  reproduce  cracking  in  the 
field  as  well  as  possible  and  since  the  principal  recognizable  difference  between  the  two 
cases  is  one  of  environment,  it  provokes  the  idea  that  environment  may  be  partly 
responsible. 

Other  data,  anticipated  for  this  paper  may  become  available  by  the  time  of  the 
lecture  series. 

CONCLUDING  REMARKS 

The  method  employing  the  K-parameter  description  of  elastic  stress  intensity 
in  material  surrounding  the  tip  of  a  crack  has  been  used  for  a  number  of  years  to  estimate 
the  likely  rate  of  crack  expansion  under  cyclic  loads.  Initial  development  of  the  method 
ha:  been  sketched  and  attention  directed  to  some  of  its  implicit  assumptions;  one  of  which 
focused  on  the  intensely  strained  region  comprising  the  crack  border.  The  method  does  not 
attempt  to  describe  the  details  of  response  of  this  region  but  only  invokes  the  '■cheme  that 
like  causes  must  produce  like  effects. 

Numerous  experimental  otservat*  ons  of  the  cycling-load  cracking  rates  in  the 
aluminum  alloy  7075-T6  indicate  a  consistent  difference  between  laboratory  tests  in  rela¬ 
tively  dry  and  relatively  wet  air,  with  th^  wet  condition  cracking  faster.  It  was  hypothe¬ 
sised  that  this  trend  may  account  fen  oraa  of  the  scatter  factor  between  test  and  service 
ExperisncatS  in  ej.rfremes. 

However,  application  of  the  X-parareter  method  to  the  interpretation  of  a  few 
component  test  results  led  to  the  conclusion  that  in  these  laboratory  experiments  the 
development  of  a  well-behaved  crack  (i.e,,  a  length  of  about  s0  um)  from  the  edge  of  a 
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fastener  seemed  to  require  the  larger  portion  of  the  component  lifetime.  This  long  initia¬ 
tion  period  belied  the  viewpoint  that  these  cracks  had  started  early  in  the  component  test 
and  had  grown  during  most  of  the  period. 


rta'dt  CRACK  EXPANSION  PER  CYCLE.  nm/CYCLE 
25 


50 


dl/dN  CRACK  EXPANSION  PER  CYCLE,  IN. /CYCLE 

FIGURE  9.  Estimated  Cracking  Behavior  -  7075-T6  Extrusion 
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FIGURE  10.  Calculated  Crack  Expansion  from  Hole  in  7075-T6  Extrusion 

The  question  which  may  thus  be  brought  to  mind  is  whether  the  variously  humid 
environments  of  service  experience  could  manifestly  alter  the  initiation  period;  causing 
initiation  to  occur  earlier,  or,  perhaps,  causing  it  to  be  even  further  delayed.  Once 
developed  and  exposed  to  relatively  warm  and  fully  wet  environments,  the  cracking  in 
aluminum  alloy  7075-T6  will  proceed  at  a  faster  rate  than  if  it  were  not  fully  wet. 
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A  SUMMARY  OF  CRACK  GROWTH  PREDICTION  TECHNIQUES 

Howard  A.  Wooc 
Aerospace  Engineer 
Air  Force  Flight  Dynamics  Laboratory 
Air  Force  Systems  Command 
Wrlght-Patterson  AFB,  Ohio 

SUMMARY 

The  use  of  material  growth  rate  data  and  analytical  retardation  models  in  predicting  crack  growth  under 
variable  amplitude  loading  is  reviewed.  Retardation  models  of  current  interest  are  discussed  and  compared. 
The  effectiv:  stress  model  developed  by  Willenborg,  et.  al.  is  dercribed  in  detail,  including  the  mathe¬ 
matical  formulation,  applicab ’ ’ ity  and  usage  limitations.  Comparison  of  analyses  a-'O  tests  for  typical 
spectra  are  shown.  A  prims  actor  in  the  accurate  prediction  of  spectrum  crack  growth  behavior  is  the 
proper  representation  of  basic  growth  rate  data  including  consideration  of  R  factor  shift  and  possible  limit, 
threshold  levels  of  stress  intensity,  closure  effects  and  environment.  The  relative  significance  of  each 
of  these  parameters  on  total  crack  growth  life  is  discussed. 

1.  Introduction 

In  recent  years  considerable  attention  has  been  devoted  uo  the  prediction  of  crack  growth  behavior  of 
aerospace  c'-ructures  subjected  to  repeated  leadings.  Among  the  most  important  reasons  for  developing  the 
capability  to  make  predictions  are,  (a)  the  need  to  assess  the  remaining  safe  crack  growth  life  and  inspec¬ 
tion  intervals  fot  existing  aircraft  in  which  early  cracking  or  other  damage  has  been  incurred,  (b)  to  moni¬ 
tor  aircraft  safety  -<ndei  probable  changes  in  service  usage  and  (c)  to  satisfy  damage  tolerance  design  re¬ 
quirements  imposed  by  military  and  commercial  users  (Ref.  3).  m  the  latter  case  new  USAF  requirements 
(Ref.  1)  stipulate  that  all  primary  safety  of  flight  structure  be  designed  so  that  initial  "manufacturing 
damage"  and  damage  presumed  to  have  been  missed  during  a  scheduled  in-service  inspection  shall  not  grow  to 
critical  sire  and  cause  failure  or  loss  of  the  aircralt  during  a  specified  period  of  time.  Figures  1  and  2 
depict  these  requirements.  It  is  noted  that  for  those  structures  considered  to  be  in  s tv' ce  in.pectable, 
the  required  safe  period  of  unrepaired  usage  is  a  multiple  of  the  scheduled  inspection  interval  and  for  those 
considered  ac  non  in-service  inspectable,  the  period  is  a  multiple  of  tne  design  serv  <-e  lifetime. 

In  order  for  a  contractor  to  comply  with  these  new  requirements,  numerous  tasks  must  be  performed  as 
part  of  the  overall  Fracture  Program,  Including  the  classification  of  critical  parts,  establishment  of  inspec 
tion  schedules  and  flaw  detection  capabilities,  and  the  derivation  of  loads,  stresses,  material  properties, 
and  a  validated  procedure  to  make  growth  predictions.  Figure  3  includes  these  major  tasks.  In  addition  co 
these  basic  needs,  special  considerations  as  listed  in  Figu/e  4  mast  be  examined  and  accounted  for  as  ti.ci- 
can  have  a  profound  effect  upon  the  res  ’.ltant  design  allowable  stresses  derived  to  meet  the  safe  growth 
requirements. 

In  the  past,  sole  reliance  upon  analysis  for  estimating  growth  behavior  under  complex  repeated  lo.,us 
has  not  been  possible  because  of  complex  load  interaction  and  environmental  effect-,  for  which  sufficient¬ 
understanding  has  not  existed  and  for  which  modeling  has  been  desired  but  not  successfully  accomplished. 

Thus,  heavy  emphasis  upon  experimental  simulation  has  beer,  necessary.  With  the  institution  of  design 
requirements,  however,  costly  testing  mu  :  be  kept  at  a  minimum  and  increased  emphasis  must  be  placed  on 
the  development  of  better  analytical  models  in  order  that  the  numerous  candidate  materials ,  parts  and 
loading  conditions  can  be  assessed.  Considerable  research  activity  is  currently  underway  to  accomplish 
the  much  needed  understanding  of  the  behavior  of  materials  in  an  aircraft  stress  and  chemical  environment. 

The  reader  is  referred  to  a  recently  published  summary  of  these  casks  (Ref.  2). 

While  an  exhaustive  summary  of  crack  propagation  behavior,  mode?  development,  analysis  and  test  corre¬ 
lations,  etc.,  is  beyond  the  scope  of  this  report,  some  of  the  important  aspects  of  making  life  predictions 
for  aerospace  structures  will  be  discussed.  It  is  the  intent  of  the  susraty  that  limitations  and  guidelines 
evolve  so  as  to  assist  structural  analysts  m  the  use  of  currently  published  growth  models  and  data  trends. 


2.  Summary  of  Current  Methodology 

In  general,  all  methods  currently  used  to  make  life  predictions  for  complex  loading  take  advantage  of 
the  experimentally  derived  rates  of  growth  either  :nder  constant  amplitude  sinusoidal  loading  or  the  quasi 
uniform  growth  over  discrete  and  repeatable  segments  of  time  sue-,  as  a  flight  or  mission,  and  sum  these  rates 
to  accumulate  total  growth.  Integration  may  be  accomplished  by  cany  numerical  procedures  depending  upon  the 
nature  of  the  particular  problem  being  solved.  When  the  summation  of  growth  intervals  is  done  without  re¬ 
gard  for  load  interaction  affects,  chat  is  in  a  linear  sense,  the  results  arc  often  quite  conservative  when 
compared  with  test  results  for  the  oame  spectrum  or  sequence  of  loadings.  General  programs  such  as  CRACKS, 
Ref.  4,  have  been  written  to  accomplish  the  summation  of  individual  growth  rates  for  rather  large  numbers 
of  stress  conditions  experienced  by  an  airframe. 

The  30-cdled  11  fracture  mechanics"  approach  is  the  basis  of  many  growth  methods,  Including  CRACKS,  ar.d 
is  depicted  in  Figure  5.  The  method  requires  chat  the  damage  or  crack  be  characterized  in  the  form  of  the 
stress  intensity  parameter  K  relating  stress,  crack  size  end  geometry. 


where: 


K  =  Co  {Ha 
C  *  geometric  constant 
o  »•  the  applied  stress 
a  «  crack  length 


(1) 
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Using  the  functional  relationship  of  r rowth  rate  da/dn  per  cycle  of  loading  and  the  change  in 
applied  stress  intensity,  AK, 

da  »  f(AK)  (2) 

dn 

total  growth  is  computed  by  summing  growth  under  each  cycle  of  load  application. 

n 

a  =  a  +  7"  f  (AK, )  (3) 


a  =  a  +  y  f(AK,) 

n  •  m  1 


where: 


an  -  crack  length  after  k  cycles 
a.  c  initial  crack  length 


The  summation,  equation  3,  is  linear  in  the  sense  that  sequence  or  order  of  variable  stress  cycles 
does  not  influence  the.  total  amount  of  growth  predicted  during  the  application  of  the  loadings.  It  is  a 
well  known  fact  that  for  certain  loading  sequences,  predictions  made  by  linear  summation  are  quite  con¬ 
servative  when  compared  with  test  data.  As  a  result,  numerous  retardation  cr  delay  moJelr  have  appeared 
in  the  literature  to  lessen  the  amount  of  "over  prediction."  Two  of  these  models,  based  on  the  concept 
of  reduced  growth  rate  within  a  zone  of  plastically  deformed  material  caused  by  high  load  applications 
(Ref.  5  and  6),  comprise  an  integral  segment  of  the  CRACKS  routine  and  are  used  quite  extensively. 

To  illustrate  the  extent  to  which  the  mechanical  procedures  have  been  assembled  for  purposes  of 
making  growth  predictions,  CRACKS  XI  (an  improved  version  of  CRACKS)  capability  has  been  reported  in 
Figure  6.  Included  are  "built  in"  stress  intensity  solutions  for  common  cracking  geometries,  options 
for  representing  rate  data  and  comprehensive  options  for  stresses  and  loads. 

It  is  safe  to  conclude  that  the  mechanical  aspects  of  conducting  growth  analyses  are  in  excellent 
shape;  at  least  in  far  better  shape  than  our  understanding  of  basic  rate  phenomena  and  our  capability  to 
rationally  derive  expected  flight  histories,  or  to  accoo  L  for  load  interaction  crfects.  With  regard  to 
K  solutions,  thele  are  available  numerous  elastic  cases  and  the  finite  element  techniques  have  broadened 
the  capability  quite  extensively.  As  will  be  discussed  later,  the  assumption  which  must  be  made  with 
regard  to  direction  of  crack  growth  and  the  sequence  of  element  failure  for  cracks  growing  in  multi- 
member  structures  are  uncertain  but  when  considered  and  combined  with  impressive  routines  such  as  CRACKS, 
may  give  the  analyst  a  rather  false  sense  of  capability  to  predict  and  often  extreme  over-confidence 
in  the  results, 

Jn  the  following  discussion  emphasis  will  be  placed  mainly  upon  the  trends  observed  in  growth  rate 
data  and  in  the  development  and  use  of  reta-dacion  models.  To  give  adequate  coverage  of  the  importance 
of  flight  history  simulation  in  both  analysis  and  test  is  beyond  the  scope  of  the  current  report. 


3.  Sasic  Cyclic  Growth  Rate  Data 

Since  Paris,  Ref.  7,  first  reported  the  dependence  of  rate  da/dn  on  the  range  of  stress  intensity, 

AK,  moat  data  produced  has  been  summarized  in  terms  of  AK  and  plotted  as  either  a  log-log  or  log-linear 
function  of  this  parameter.  Figure  7  depicts  the  general  form  which  data  takes  on  a  log-log  plot  (Ref.  3) 
For  most  aircraft  applications,  growth  rates  greater  than  10“ ?  inches/cycie  are  desired  although  the 
range  of  interest  depends  upon  Che  initial  K  level  in  the  spectrum.  Recent  analysis  using  a  cargo- 
transport  spectrum  and  the  initial  crack  lengths  specified  in  the  damage  tolerance  criteria  have  produced 
the  same  results  with  and  without  the  inclusion  of  a  threshold,  AK^,  cutoff  giving  some  indication  that 
threshold  may  not  be  important  as  originally  envisioned. 

It  is  difficult  to  find  many  factors  that  do-.'t  contribute  in  some  way  in  altering  fatigue  crack 
growth  rate.  Among  these  are  humidity  and  environment,  temperature,  material  yield  strength  and  toughness 
grain  size  and  direction,  stress  level  and  stress  ratio  R.  Any  process  or  heat  treatment  which  alters 
these  factors  nay  be  expected  to  produce  affected  growth  rates.  An  extreme  amount  of  carefully  produced 
test  results  are  required  to  evaluate  data  trends  for  many  of  these  factors  and  to  determine  their  sta¬ 
tistical  significance.  As  a  result,  little  is  actually  known  about  many  materials  currently  in  use  today, 
and  variability  is  generally  accepted  as  normal  scatter. 

In  performing  analysis  using  these  basic  data,  the  analyst  must  be  keenly  aware  of  the  important 
factors  which  may  be  present  to  alter  growth  rates.  Load  ratio,  R  ■>  omin/cmax  has  been  reported  to 
significantly  affect  most  aerospace  material  growth  where  for  a  constant  AK,  growth  rate  increeses  with 
increasing  value  of  E  (Figure  7).  There  has  recently  been  published,  however,  different  R  effects  for 
aluminum  and  titanium  in  data  reported  by  Katcher  (Ref.  8).  In  both  2219  and  Ti  6A1  4V,  he  reports  an 
apparent  upper  bound  effect  cf  stress  ratio  as  indicated  in  Figure  8.  In  his  report,  Katcher  attributes 
this  effect  to  crack  closure,  saying  chat  the  crack  is  always  open  above  R  =  0.3  and  partially  closed 
below  that  level.  Forman  (Ref.  12)  reports  layer  .ng  of  data  over  a  wide  range  of  growth  rates.  Hudson, 
Ref.  9,  substantiates  Forman's  observation,  but  a  re-examinction  of  the  data.  Figure  9,  gives  some 
evidence  to  support  Kateher's  data  since  at  lower  growth  rates  the  effect  of  load  ratio  is  considerably 
reduced.  Fitzgerald  and  Wei,  Ref.  10,  report  a  definite  layering  of  data  for  titanium,  Figure  11,  when 
plotted  against  but  note  that  the  effect  is  masked  when  ths  same  data  is  plotted  in  terms  of  AK  on 

a  log  plot.  Figure.  10.  The  authors  caution  against  generalizing  on  these  results  but  strongly  contend 
that  the  true  significance  of  R  factor  depends  upon  the  range  of  growth  rate  be  g  examined.  Aggressive 
environments  tend  to  increase  growth  rates  ior  those  materials  which  are  susceptible,  and  shift  the  data 
trends  in  a  somewhat  sniform  fashion  over  the  log-linear  portion  of  the  curve  as  illustrated  for  D6ac 
3iael  in  Figure  12.  The  lack  of  standard  testing  and  data  reporting  procedures  may  account  for  many 
reported  differences  in  growth  rate  among  investigators.  Differences  may  also  be  due  to  crack  front 
irregularities  (i.e,,  faster  growth  in  the  center  of  the  spaefaen) ,  surface  dimpling,  environmental 
obliteration  of  the  fracture  surfuce  and  in  many  cases,  the  method  of  producing  and  growing  the  initial 
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cracks  (Ref.  10).  Scatter,  or  variability  in  rates  for  otherwise  similar  conditions  can  bo  expected  from 
heat  to  hea'  in  a  given  material. 

Wha-ever  the  reason,  variation,  scatter,  etc.  in  cyclic,  growth  rate  data  is  expected  and  should  be 
accountea  for  by  the  analyst. 

Numerous  attempts  have  been  made  to  postulate  the  behavior  of  growth  rate  mathematically.  Tn  a 
paper  by  Peiloux,  Ref.  11,  a  chronology  of  growth  rate  "laws'*  has  been  summarized.  Because  of  the  ease 
of  integrating  simple  expressions  for  growth  rates  and  the  need  to  account  for  rate  variation  within  the 
current  computer  routines,  the  empirical  equation  format  appears  to  be  the  most  universally  used  method. 
Paris,  Ref.  7,  found  that  the  primary  behavior  could  be  described  by  the  power  law  relationship 


da/dn  »  C.aK,i 


(4) 


and  found  that  for  many  materials,  ti  -  4.0  agreed  with  reported  test  data.  Forman  Ref.  12,  accounted  for 
load  ratio  effects  and  the  tendency  of  the  upper  legion  of  the  rate  curve  to  approach  SU,... ,  and 
developed  the  following  expression:  critical 


da/dn  ”  CoAK^ 


(i-R)K=-BK 

!?'*  F°™an  sad  Hudson  (Ref.  9)  reported  excellent  correlation  of  this  expression  for  a'urainum 
(Ref.  11)  reported  a  three  parameter  empirical  equation:  a-uamisn. 


da/dn  =  C3  [U-R^K^ 


(5) 

Walker 


(6) 


pr°VideS  3  b6tler  £U  ^  — ialS  -  preferred  over  the 
There  is  obviously  no  single  "empirical  law"  which  is  superior  in  represent!™-  data  and  it  is  not 

-si  ' 

«t  l:  2J3SrSL1.SeX1J£  tfLnitVrnds  of  Cycllc  crack  *«"*  - ««• 

to  use  an  empirical  law  is  that  axt-apoiation  to  fnoi  a  ‘  8  n  0  interest.  The  importance  in  being  able 
P  cai  tow  is  tnat  extrapolation  to  include  regions  where  data  is  lacking  may  be  possible. 


4. 


Methods  of  Accounting  for  the  Effects  of  Variable  Amplitude  Loading 


in  exSrime«a’C&s?udieieof0sinerid0r  ’*  araPlitude  loadi"8  has  evolved  because  of  trends  observed 

‘MX 

4.1  Historical  Development  of  Retardation  Models. 

when  inspection  tn^als^Led^.Lrcrack^rCw^predictioJs  werfrequSd  for  th“5roof°te«edraircraft 
s-^rvi  onKa  L  rae’  WheeFt=r*  Rofl  6>  flrat  oublished  a  model  concept  based  on  the  theory  that  deluv  i-  ‘  ' 
growth  subsequent  to  the  application  of  an  overload  was  proportional  to  the  ratio  of  the  sizes  of  the 
current  yield  zone,  that  is  at  the  load  level  subsequent  to  the  overload,  and  the  zone  produced  bv  the 
overload.  As  summarized  in  Figure  14,  the  model  required  that  results  of  tests  be  fit  to  rrotlure>nn 
empirically  derived  value  for  the  exponent  m.  The  uniqueness  of  a  particular  'W'to'one  material  and/or 
to  one  spectrum  limits  the  usefulness  of  the  model  in  prediction  of  ’  growth  behavior  of  a  particular 

ShSPe-  I>1  Ref-  13’  ^  variatic^of 

*  utf.  iV  a.Og  fighter  spectrum,  and  led  to  the  establishment  of  a  conservative  valu« 

for  to  to  use  in  determining  safe  inspection  intervals.  Because  of  cha  spectrum  deoendence  ofT 
indiscrininant  use  with  spectra  radically  different  in  form  from  that  for  which  it  was  drived  can  lead 
nadcu*ate  unconservatlve  results.  Development  of  models  has  progressed  since  that  time  period  as 
summarized  in  Figure  IS  (Ref.  3) 

4 . 2  Fibers  Crack-Closure 


In  his  early  experiments,  Elber  noted  and  explained  ehe  non-linear  behavior  of  measured  load  dis¬ 
placement  records  (Figure  16)  as  physical  contact  or  interference  of  the  zone  of  plastically  deformed 
material  immediately  behind  an  advancing  fatigue  crack.  He  further  thought  that  cyclic  growth  only 
occurred  when  the  crack  was  fully  open  and  developed  a  relationship  betueen  applied  and  actual  stress 
intensity  range  AK,  as  follows: 

Aa/Att  -  C(AKe£f)n  -  C(UAK)n  (7) 

where: 

0  "  (K;-<x  -  Kcp)  ■>  Aioff  *=  (.5  +  4R)  for  2024-T3 

TiSax  -  v  Ik 

Ko;  «=  the  value  of  stress  intensity  at  onset  of  crack  opening. 

Using  this  relationship,  growth  rate  data  for  2024-T3  reported  by  Hudson  for  various  load  ratios. 

R  was  replotted  using  AKeff,  and  convincingly  explained  the  layering  of  data  reported.  All  data  fell 
nearly  on  a  single  curve  of  AKgff  versus  da/dn. 

Numerous  investigators,  subsequent  to  Elber,  have  reported  closure  measurements  (Ref.  15,  X6,  8) 
often  with  discrepancies  in  reported  closure  loads.  While  Elber  reported  limited  data  at  relatively  high 
net  section  stresses,  Shih  and  Wei  (Ref.  16)  have  indicated  that  closure,  U,  and  opening  stress,  c0p,  are 
dependent  upon  maximum  K  as  well  as  R  as  reported  by  Elber. 

One  of  the  problems  in  measuring  ard  reporting  closure,  is  that  so  far  only  surface  indications  have 
beer,  used  in  quantifying  the  amount  of  closure  present.  Host  Investigators  have  noted  variations  in 
closure  measurements,  depending  upon  the  location  of  instrumentation  relative  to  the  crack  tip.  In 
Table  1  are  reported  results  from  several  sources  ior  Ti  6A1  4V.  About  the  only  measurement  consistent 
with  all  was  that  crack  opening  was  present  at  or  above  R  *  0.3  for  all  reported  load  levels,  K  levels, 
etc..  In  contrast  to  Katcher's  argument  (Ref.  8)  for  closure  producing  R  ratio  effects,  Wei  and  Shih 
(Ref.  15)  in  reporting  full  R  factor  layering  up  to  R  »  0.90,  Figure  10  and  11,  suggest  that  these  trends 
in  growth  rate  data  may  not  be  fully  explained  by  closure. 

The  use  of  a  closure  model  to  predict  spectrum  behavior  has  been  reported  by  Elber  (Ref.  14)  and 
in  preliminary  studies  for  the  USAF,  Ref.  2.  Figure  18  includes  a  schematic  of  a  simple  spectrum  in 
which  the  opening  stress  is  seen  to  vary.  The  success  in  using  a  closure  model  for  the1  prediction  of 
delay  following  an  overload  depends  upon  the  assumptions  made  regarding  the  stabilization  of  closure 
load  following  the  overload  and  the  number  of  cycles  of  load  required  to  accomplish  "equilibrium".  For 
example,  following  one  or  a  fev  overloads  (Figure  19),  closure  (i.e.,  opening)  load  of  the  subsequent 
series  of  cycles  would  be  effected  by  the  presence  of  the  overload.  If  the  overload  would  cause  the 
opening  load  of  the  subsequent  cycles  to  be  increased,  undar  these  assumptions,  crack  growth  could  be 
completely  arrested  for  some  conditions.  Assuming  growth  of  a  retarded  nature  did  occur  following  the 
overload,  some  assumptions  would  have  to  be  made  as  to  the  length  of  crack  or  zone  over  which  the  retarda¬ 
tion  would  apply.  As  a  first  approximation,  the  yield  zone  produced  by  the  overload  might  be  tried. 

Ic  is  interesting  to  note  that  the  Willenborg  model  (Ref.  5)  and  Elber  (at  R  »  0),  indicate  that 
complete  stoppage  of  growth  is  possible  for  109%  overloads  (see  Section  4.3).  The  signifi¬ 

cance  of  this  fact  iu  not  known,  however,  and  will  only  be  determined  through  proper  experimentation. 

Shih  and  Wei  (Ref.  15)  have  reported  evidence  to  refute  closure  as  the  only  phenomenon  responsible 
for  retardation.  Recall  that  in  data  from  Ref.  8,  all  cracks  loaded  above  R  .3  were  open  and  no  delay 
based  solely  on  closure  should  be  noted  for  the  condition  of  AKmin  »  12Ksi  /In’  (see  Figure  20).  Sig¬ 
nificant  delay  is  reported  however. 

In  summary,  closure  appears  to  be  a  real  phenomena,  which  can  be  rather  readily  observed,  measured 
and  quantified.  Ic  apparently  is  not  the  only  phenomena  which  causes  delay.  Results  from  past  studies 
have  differed  because  of  (a)  specimen  type,  (b)  thickness,  (c)  precracking  procedure,  (d)  notch  geometry 
and  (e)  instrumentation. 

4 . 3  Tne  blilenborg  Model  (Ref.  5) 

Early  in  the  recovery  program  for  the  F-Ill  it  became  apparent  that  an  improvement  war.  needed  to 
the  Wheeler  model,  hopefully  a  mode)  which  would  not  rely  on  any  empirically  derived  parameters  except 
the  growth  rate  constants  used  to  describe  cyclic  data.  In  addition  to  this 

goal,  ease  of  automation  into  tlU.  CxACKS  computer  routine  was  essential.  Using  as  the  basis  the  yield 
zone  concepts  proposed  oy  Wheeler,  the  model  was  developed  under  the  following  assumptions: 

1,  Retarded  growth  occurs  when  chc  maximum  cyclic  stress  is  reduced. 

2.  Retardation  is  proportional  to  the  amount  rhat  the  maximum  stress  is  reduced. 

3.  The  length  of  retarded  growth  is  that  zone  of  plasticity  caused  by  the  overload, 

4,  A  new  condition  of  retardation  is  produced  each  time  s  load  is  applied  which  is  larger  thtn  the 
original  overload. 

To  illustrate  the  nsatheaatical  development  and  the  operation  of  the,  model,  the  esse  of  a  single 
overload  is  considered.  Figure  ii>  22  and  23  swaarizo  tho  development  steps  of  the  mode). 

Following  the  single  overload,  the  crack  continues  to  grow  under  cyclic  loading,  Ac  .  The  gtowtii 
rate,  however,  is  retarded  as  long  as  n>  subsequent  maximum  stresn  greater  than  c; (max)  is  applied  and 
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as  long  os  growth  remains  within  the  zone  of  plasticity  caused  by  the  overload,  o^max).  For  the  latter 
condition.  It  is  presumed  that  the  "current"  crack  length,  ac,  pluB  the  length  of  "current"  yield  zone, 
RyC,  is  less  than  the  value  of  flp,  that  is  the  extent  of  the  yield  zone  caused  by  the  overload,  Irwin’s 
yield  zone  model  Is  used  in  the  model  where 


■  yield  zone  size  -  K^  (8) 

7  C(oy)2 

C  -  2n  for  plane  stress  conditions 

C  for  plane  strain  conditions 


In  the  example  (Figure  21)  the  plane  stress  assumption  is  illustrated.  Although  a  single  two  level 
stress  spectrum  is  considered  here,  assume  that  a  third  stress  level  »  oap  (less  than  Oj)  occurs  fol¬ 
lowing  the  last  cycle  of  o2 ,  and  assume  also  that  growth  has  not  completely  progressed  through  the  yield 
zone  caused  by  the  overload,  Oj.  For  the  previously  established  conditions  of  retardation,  it  can  be 
presumed  that  rettrdatlon  will  be  terminated  when  the  value  of  is  large  enough  (o.  <  Qi ) ,  and  the 

current  crack  length,  ac,  is  of  such  extent  that  the  condition  exists: 

ac  +  Ryap  *  api  <’> 


where : 


Ryap  ■  yield  zone  caused  by  general  stress  at  crack  length  ctc 

2"<0y)2  \°y  / 


Oy  »  material  yield  strength 

Therefore,  the  value  of  general  stress  oap  is  as  follows: 


(10) 


Further  illustration  of  cap  is  indicated  in  Figure  22  where  it  is  plotted  against  the  increment 
of  Jrack  growth  following  the  overload,  oj  .  Note  that  o  is  bounded  by  values  oap  -  o^nd  oap  -  0 
over  the  increment  dj  -  ap.  In  a  physical  sense,  cap  may  be  thought  of  as  the  effective  portion  of  0] 
remaining  following  the  application  of  oi  which  is  capable  of  causing  retardation  for  stress  c2  <  cap 
at  a  crack  length  still  within  the  zone  caused  by  the  overload,  Oj,  Because  it  is  assumed  that  retarda¬ 
tion  is  proportional  to 
difference  oflp  -  o2 , 
following  the  overlod3? 


the  differences  in  applied  stresses,  the  amount  that  o2  Is  retarded  should  be  the 


at  any  crack  length,  (Note  that  o 


op 


-o2 (max) 


Oj(max)  -  o2(max)  immediately 


ap 


"y  J  2 (dp  -  dc) 


(plane  stress) 


"red  ”  the  am0unt  of  "residual  stress"  caused  by  the  overload  available  to 
retard  o2 

°ap  -  "2<max>  (11) 

The  relationship  between  orcd  and  aflp  is  illustrated  in  Figure  22  for  the  example. 

In  the  computation  of  reduced  growth  due  to  oj  loading,  both  o2 (max)  and  o2(min)  are  reduced  by 
the  amount  °Iel)  as  illustrated  in  Figure  22.  Negative  values  are  set  equal  to  zero.  Effective  values  of 
AK2,  R2  are  computed  with  R2  always  being  equal  to  or  greater  than  zero.  The  effective  AK  and  R  are  then 
used  to  compute  a  new  and  reduced  growth  rate. 

There  arc  three  distinct  modes  of  retardation  possible  with  the  model  (Figure  23). 

a.  Retardation  is  due  to  both  a  reduced  AK  and  R  «  0 

b.  Retardation  is  due  to  the  reduction  of  R  only,  R>0,  AKeff  »  AK 

c.  Maximum  retardation  occurs  when  both  AKeff  and  R  are  equal  to  zero. 

Note  that  condition  "c"  occurs  at  R  «  0  for  the  case  when  (°i/o2)max  ±  2.0. 

The  model  and  procedure  has  been  programmed  for  ease  of  computation  into  the  program  CRACKS  (Ref.  4). 
Schematically,  the  rate  of  growth  versus  the  increment  of  crack  growth  for  the  single  overload  case  is 
illustrated  in  Figure  22.  Maximum  retardation  is  seen  to  occur  immediately  following  overload  and  recovery 
to  normal  or  "^retarded  rate  occurs  within  the  yield  zone  as  shown. 


5 .  Correlation  of  Analysis  and  Test  Using  the  Wlllenborg  Model 

5 . 1  Single  and  Multiple  Feriodic  Overloads 

In  one  of  the  early  attempts  to  compare  the  Wlllenborg  model  predictions  with  test  results,  data 
from  Porter  (Ref.  11)  was  obtained  for  7075-T6  and  2024-T6  aluminum  panels.  The  results  of  these  correla¬ 
tion  attempts  are  Illustrated  In  Figures  24  through  29,  In  general  the  trends  noted  during  testing  are 
predictable  usfng  thz  analytical  model,  In  attempting  this  correlation,  average  growth  rate  data  taken 
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from  the  literature  was  used  and  thus,  It  Is  not  surprising  that  analysis  and  test  would  not*natch  exactly. 
Although  not  indicated  here,  the  analyses  were  re-run  with  constant  amplitude  data  derived  from  similar 
specimens  and  the  quantitative  correlation  was  closer  for  many  of  the  tests. 

5.2  Blocked  Spectrum  Loading 

The  second  set  of  test  results  for  which  correlation  was  performed  included  surface  flaw  growth 
experiments  using  a  200  flight  hour  blocked  version  of  the  F-lll  spectra  which  included  in  each  block 
58  discrete  layers  of  constant  amplitude  stress  arranged  in  a  random  sequence  (Ref.  13).  The  200  hour 
block  was  repeated  until  failure  of  the  specimen  occurred.  The  5g  full  spectrum  was  the  basic  version, 
used  however  in  an  attempt  to  obtain  test  data  for  reduced  severity  flying,  the  maximum  stress  levels 
were  truncated  in  several  of  the  tests.  In  addition,  the  basic  5.0g  spectrum  was  tested  with  stress 
layers  in  each  block  arranged  ir.  ascending  and  descending  fashion  (based  on  maximum  stress)  fco  assess 
possible  sequence  effects.  The  test  results  shown  are  representative  of  measured  crack  depth  obtained 
from  the  fracture  surface  after  completion  of  the  test  (see  Figure  36  for  example).  Analytical  correla¬ 
tion  was  only  possible  to  a  depth  of  approximately  0.25  inches  or  approximately  80%  of  the  thickness 
since  back  surface  effects  and  shape  change  altered  the  stress  intensity  factor  and  were  not  considered 
in  che  analysis. 

Test  results  indicated  that  truncation  produced  faster  growth  for  the  random  block  version,  (Figure 
30).  An  increase  of  stress  by  10%  Increased  growth  (Figure  30).  Both  trends  were  modeled  by  the  analysis 
as  is  indicated  in  Figure  30.  The  ordered  results  were  not  accounted  for  by  the  analysis  as  illustrated 
in  Figures  31  and  32.  As  might  be  expected,  the  low-high  order  would  produce  the  most  amount  of  growth 
according  to  the  model  since  the  last  load  in  each  block  would  retard  many  of  the  subsequent  low  loads 
at  the  beginning  of  the  subsequent  block.  Conversely,  high-low  would  indicate  a  lesser  amount  of  retar¬ 
dation  since  the  magnitude  of  stresses  affected  by  the  highest  stress  in  each  block  would  be  larger. 

5 • 3  Flight  by  Flight  Cargo  Transport  Spectra 

Most  recently,  the  model  was  used  to  successfully  predict  the  test  growth  results  of  cracks 
emanating  from  fastener  holes  under  blocked  and  flight  by  flight  versions  of  a  cargo-transport  spectra 
(Ref.  3,  17),  Two  versions  of  the  flight  by  flight  spectra  were  analyzed  representing  difference  mission 
usage. 

First,  a  blocr.ed  version  of  the  spectrum  was  modeled  for  the  case  of  an  open  hole  with  a  single 
through  crack  emanating  from  it.  Basic  growth  rate  data  for  the  material  (7075-T6511)  was  obtained  from 
several  literature  sources  and  a  band  of  scatter  for  as  many  load  ratios  as  possible  were  constructed 
about  the  data.  The  results  of  prediction  and  test  are  included  in  Figure  33.  Test  results.fell  within 
the  predicted  lives  for  the  anticipated  range  of  growth  rate  data.  A  comparative  "no  retardation"  run 
was  made  and  it  is  noted  that  for  this  spectrum,  little  difference  exists. 

Similar  analyses  were  conducted  to  match  tests  of  a  random  flight  by  flight  version  of  the  same 
transport  spectrum  utilizing  both  a  14  mission  and  a  15  mission  usage  definition  (Figures  34  and  35). 

For  these  coses,  open  hole  tests  were  modeled  using  the  cases  of  partially  through  and  through  cracks 
emanating  from  the  hole.  Once  again,  da/dn  data  was  modeled  using  the  Forman  expression,  with  a  2;1 
scatterband  defined  to  account  for  variability.  Correlation  between  test  and  analysis  was  good  as  the 
test  results  fell  within  the  anticipated  band  using  the  "upper  and  lower  bands"  of  data.  Note  that  more 
retardation  was  present  In  the  14  mission  than  In  the  15  mission  case.  It  should  be  pointed  out  that  all 
cycles  defined  in  the  analysis  were  derived  by  performing  a  range  pair  counting  technique  to  the  test 
spec.  i.  The  method  cf  range  pair  counting  is  described  in  Ref.  18.  it  is  interesting  to  note  that 
little  r'tfference  in  predictions  was  noted,  between  the  "counted  and  not  counted"  spectra.  It  should  be 
noted  that  quite  inaccurate  correlation  was  obtained  for  the  growth  of  very  small  cracks  In  these  tests. 

This  may  bn  due  to  either  the  K  solution  used  in  the  analysis  (Bowie  and  modified  Bowie)  or  due  to  the 
difficulty  in  measuring  actual  cracks  during  the  test.  The  recorded  test  values  represent  measured 
surface  lengths  taken  uuring  the  test. 

In  the  foregoing  discussions,  che  degree  of  correlation  was  judged  according  to  the  exactness  with 
which  the  actual  test  results  and  the  analysis  matched.  When  trends  are  correlated  and  when  test  results 
fall  within  the  expected  lives  predicted  by  the  range  of  da/dn  data,  it  is  difficult  to  blame  the  retardatlotl 
model  solely  for  exact  lack  of  correlation. 

In  summary,  the  model  has  been  fairly  successful  in  predicting  growth  behavior  trends  for  typical 
simulated  flight  loads  for  some  aluminums  and  a  high  strength  steel  alloy.  Trends  in  periodic  overload 
tests  in  7075-T6  and  2024-T3  were  closely  modeled  with  accuracy  well  within  the  range  of  basic  growth 
rate  data  scatter. 


6 .  Model  Limitations  -  Recommended  Usage 

Although  previous  discussions  have  indicated  fairly  good  correlation  between  analysis  and  tests 
using  the  Willenborg  delay  model,  the  obvious  inadequacy  of  the  model  to  account  for  all  loading  sequence 
effects  prohibits  its  unlimited  and  Indiscriminant  usage.  To  illustrate  this  point,  four  oases  that  ore 
not  modeled  but  which  commonly  occur  in  the  make  up  of  a  complete  flight  stress  history  will  be  discussed, 
Figure  37.  First,  the  model  cannot  account  for  compressive  loading  and  simply  ignores* all  portions  of 
the  stress  level  that  is  less  than  zero.  Compression  has  ''een  reported  to  have  a  variable  effect, 
depending  upon  the  magnitude  of  the  underload,  the  frequency  of  occurrence  and  the  sequence  of  occurrence. 
Secondly,  overload  effects  can  be  completely  negative  if  the  compressive  load  is  applied  following  an  overload. 
(Ref.  19).  Thirdly,  the  retardation  effect  predicted  by  the  model  Is  immediately  a  maximum  where  as  some 
materials  have  exhibited  so-called  "delayed  retardation"  (Ref.  16).  Fourthly,  the  model  does  not  predict 
a  difference  between  single  and  multiple  overload  as  experimentally  observed  by  several  investigators 
(Ref.  11  and  16).  _ _ 
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It  may  be  possible  to  use  experimental  results  to  "adjust"  the  range  of  effective  stress  and  load 
ratio  R  in  the  model  to  account  for  the  effects  of  compression,  however,  there  is  currently  only  a 
limited  amount  of  test  data  upon  which  to  base  such  adjustments. 

In  using  current  delay  models  in  design  analysis,  it  is  strongly  urged  that  verification  tests  be 
performed  to  validate  the  range  of  model  applicability  for  the  particular  spectra  being  used.  This  is 
particularly  true  for  blocked  type  spectra  where  the  occurrence  of  a  few  layers  of  load  can  profoundly 
overestimate  the  amount  of  retardaticn  actually  present.  The  use  with  spectra  arbitrarily  ordered  in 
ascending  and  descending  fashion  should  also  be  avoided. 


Conclusions 

It  has  been  shown  that  reasonable  life  predictions  for  crack  propagation  can  be  made  a&ing  currently 
available  methods  if  analysis  and  good  engineering  judgment,  provided  that  there  is  an  ambitious  attempt 
to  validate  methodology  prior  to  extending  model  usage  beyond  the  range  of  applicability.  The  current 
methods  of  accounting  for  delay  are  crude,  to  say  the  least,  and  considerable  improvement  is  certainly 
warranted.  Thera  are  considerable  research  programs  currently  underway  to  provide  the  necessary  experi¬ 
mental  data  to  assist  in  the  development  and  validation  of  improved  models  (Ref.  2).  In  other  areas, 
sincere  effort  is  lacking.  These  include: 

a.  Standardization  of  test  and  reporting  methods  for  basic  da/dn  and  environmental  crack  growth  data. 

b.  Study  of  the  effect  of  combined  environment  and  variable  stress  amplitude  on  crack  growth. 

c.  The  geometric  and  crack  shape  Influences  on  crack  propagation  life  (see  Figure  4). 
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Table  1  Typical  Closure  Measurements  T1-6A1-4V 
(from  various  Laboratories) 


R 

(load  ratio) 

Thickness 

(inches) 

Type  of  Pmax 

specimen  (max  load) 

Pop* 

U (Ref.  E o.  7) 

.1,  .5 

1.0 

Compact  8000 

Tension 

3300 

.38 

0.0 

1.0 

Compact  _ 

Tension 

- 

.78 

0.0 

0.75 

Compact 

Tension 

— 

.45 

CO 

1 

rH 

o 

0.20 

Center  _ 

Cracked 

Tension 

"  — 

.30-. 75 

*  All  sources  reported  cracks 

open  @  R  >.30 
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DAMAGE 


NEW- INTACT  STRUCTURE 

INITIAL  DAMAGE  a.  SHALL 
NOT  GROW  TO  CRITICAL  SIZE 
AND  CAUSE  FAILURE  IN  2X 
SCHEDULED  INSPECTION  PERIOD 
OR  2X  DESIGN  SERVICE 
LIFE  FOR  NON  INSPECTABLE 
STRUCTURE  i 


a.  £  a 
f  cr 


Imon-IWSPECH 


2X  INTERVAL 

h -  2  X  DESIGN  SERVICE  LIFE 


FIGURE  1.  DAMAGE  TOLERANCE  REQUIREMENTS  -  DESIGN  FOR  SAFE  CRACK  GROWTH 


STRUCTURE-FOLLOWING  IN-SERVICE  INSPECT  ION 


DAMAGE 


PRESCRIBED  DAMAGE  £  ,  PRE¬ 
SUMED  TO  HAVE  BEEN  MISSED 
DURING  AN  IN-SERVICE  INSPECTION 
SHALL  NOT  GROW  TO  CRITICAL 
SIZE  PRIOR  TO  NEXT  SCHEDULED 
INSPECTION.  SAFE  GROWTH 
PERIOD,  Tvx  1  N  X  INTERVAL  OF 
INSPECTION  AND  DEPENDS  ON 
f-PE  Of  ..vSrECTIuni 


if  S.  iC| 


IN-SERVICE  INSPECTABLE 


I 


NX  II 


i  LIFE 


FIGURE  2.  DAMAGE  TOLERANCE  REQUIREMENTS  -  DESIGN  FOR  SAFE  CRACK  GROWTH 


8-10 


•  PART  CRIT1 CALLITY  AND  IN-SERVICE  INSPECTABILITY  CLASSIFICATION 

•  DESIGN  SERVICE  LIFE  AND  INSPECTION  INTERVALS 

e LOCATI ON(S)  AND  CHARACTER  OF  INITIAL  DAMAGE  (SPECIFIED) 

•  DESIGN  STRESSES,  FREQUENCY  OF  OCCURRENCE  AND  SEQUENCE 

•  LOCATI ON(S)  AND  CHARACTER  OF  IN-SERVICE  DAMAGE  (SPECIFIED) 

•  MATERIAL  GROWTH  RATE  DATA  -  da/dN,  da  /  dt,  etc. 

•  MATERIAL  STATIC  FRACTURE  DATA  -  K[C,  Kc,  KISCC 

•  ANALYSIS  CAPABILITY  FOR  VARIABLE  AMPLITUDE  CRACK  GROWTH 


FIGURE  3.  KEY  ITEMS  REQUIRED  FOR  COMPLIANCE  WITH  DESIGN  CRITERIA  FOR  CRACK  GROWTH 


SHAPE  CHANGE  FOR  GROWING  SURFACE  FLAW 


CRITERIA  FOR  SURFACE  FLAW  TO  THRU  CRACK 


ASSUMPTION  OF  MULTIPLE  FLAWS 


ELEMENT  FAILURE  SEQUENCE  FOR  BUILT  UP  STRUCTURE 


LOCATION  OF  DAMAGE  IN  MULTIPLE  MEMBER  STRUCTURES 


ENVIRONMENTAL  MODEL  FOR  PLANNED  MISSION 


•  USE  OF  BENEFICIAL  RESIDUAL  STRESSES,  CLAMP  UP,  ETC., 
PROVIDED  BY  SOME  TYPES  OF  FASTENERS 


FIGURE  U .  SPECIAL  FACTORS  THAT  CONTRIBUTE.  SIGNIFICANTLY  TO  PREDICTION  OF  GROWTH 


FIGURE  5.  SUMMARY  OF  CURRENT  CAPABILITY  -  FRACTURE  MECHANICS  APPROACH 


FIGURE  10  FATIGUE  CRACK  GROWTH  RATE  DATA  FOR  T1-6A1-4V  AI.LOY 

TESTED  IS  AIR  AT  VARIOUS  LOAD  RATIOS  (REF.  10)  FIGURE  11  FATIGUE  CRACK  GROWTH  RATE  DATA  FOR  Ti-6AI-4V  ALLOY 

TESTED  IS  AIR  AT  VARIOUS  LOAD  RATIOS  AND  PLOTTED 
IN  SEMI-LOG  FORMAT  TO  SHOW  EFFECT  OF  R.  SEE  ALSO 
FIGURE  10.  DATA  FROM  REFERENCE  8. 
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A  CHRONOLOGICAL  SUKKARY  OF  THE  DEVELOPMENT  OP  RETARDATION  MODELS 


p  SS3H1S 


SCHEMATIC  OFCrAp 
STRESS  FOLLOWING  OVERLO/I 


FIGURE  22.  FORMULATION  OF  WILLKNBORG  MODEL  (  CONTINUED  ) 
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0*1  >>  0~2 
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FIGURE  23.  DEVELOPMENT  OF  WILLENEORG  MODEL  -  MODES  OF  RETARDATION 


(BOEING) 


N  -  THOUSAND  CYCLES 


FIGURE  24.  COMPARISON  OF  TEST  AND  PREDICTED  CRACK  GROWTH  2024-T3 
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FIGURE  29.  COMPARISON  OF  TEST  AND  PREDICTED  GROWTH  FOR  MULTIPLE 
OVERLOADS  (REF.  5)  WILLENBORG  RETARDATION  MODEL 


SPECTRUM  A4  (G^l.1  TRUNCATED  TO  Oj^  ■  91 


-SPECTRUM  A3  (OrAxl.l  TRUNCATED  TO  CT  -100  ) 
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ANALYSIS  PREDICTION 
WILLENBORG  MODEL 


TEST  RESULTS 
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30  .  COMPARISON  OF  TEST  AND  PREDICTED  GROWTH  FOR  SURFACE  FLAW  TESTS-EFFECT  OF 
SPECTRUM  TRUNCATION  AND  STRESS  LEVEL 
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FIGURE  33.  COMPARISON  OF  PREDICTED  AND  TEST  CRACK  GROWTH  BLOCKED  TRANSPORT  SPECTRUM 


FIGURE  34.  COMPARISON  07  PREDICTED  AND  TEST  CRACK  GROWTH  FLIGHT  BY  FLIGHT  SPECTRUM 
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7  •  J3g  SPECTRUM 
MAXIMUM  STRESS  ■=  118  ksi 
HI  1.0  SEQUENCE 


<*.5g  SPECTRUM 
MAXIMUM  STRESS  «  100  ksi 
Ji  :.o  sEQUEscr 


FIGURE  36.  EFFECT  OF  SPECTRUM  ON  SURFACE  GROWTH  TRANSITION  U6r.c  STEEL 


.  COMPRESSION  &  LOAD  REVERSAL  SEQUENCE 


TEST  DATA 


•  EFFECTS  OF  MULTIPLE  OVERLOADS 


A  B 


•  DELAYED  RETARDATION  PHENOMENA 
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FIGURE  37,  EFFECTS  OF  SINGLE  AND  MULTIPLE  OVERLOADS  WHICH 
HAVE  BEEN  OBSERVED  IN  TEST  BUT  WHICH  ARE  NOT 
ACCOUNTED  FOR  IN  THE  WILLENBORG  MODEL 
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THE  R.Ae.S.  -  ESDU  CUMULATIVE  DAMAGE  HYPOTHESIS 
J.A.fl.  LAMBERT 

Hawker  Siddeley  Aviation  Limited, 
Hatfield,  Herts. 

United  Kingdom. 


SUMMARY 

In  spite  of  its  limitations,  the  very  simple  Palmgren-Miner  cumulative  damage  hypothesis 
(otherwise  known  as  Miner's  Rule)  continues  to  be  widely  accepted  throughout  all  aircraft  design 
offices.  Fatigue  life  estimates,  based  solely  on  Miner's  Rule,  are  often  inaccurate  becaus  :hey 
neglect  a  major  source  of  error;  that  is,  the  redistribution  of  stresses  that  occurs  when  the  part 
yields  at  a  stress  concentration. 

The  Engineering  Sciences  Data  Unit  (ESDU)  in  London,  in  conjunction  with  the  Royal 
Aeronautical  Society,  has  recently  published  a  Data  Itr-j  which  presents  a  simple  method  for  taking  this 
localised  yielding  into  account.  Tne  method  involves  estimating  the  change  in  the  actual  mean  stress 
of  subsequent  stress  cycles  after  yielding  has  occurred. 

The  lecture  is  devoted  to  making  a  presentation  of  this  Data  Item,  and  illustrating  the  applica¬ 
tion  of  it  by  working  through  two  examples.  Whilst  the  method  certainly  improves  the  life  estimates 
in  applications  when  H’  "r's  Rule  would  have  badly  under-estimated  the  life,  there  is  a  tendency  to 
"over-correct"  the  Mi1  s  Rule  estimate  in  many  of  the  examples  studied.  A  proposal  for  a  simple 
modification  to  the  ES . .  method  is  presented,  which  reduces  this  over-correction. 


LIST  OF  SYMBOLS 


damage  done  by  first  programme 

damage  done  by  each  subsequent  programme 

strain  at  root  of  notch 

0.2  per  cent  proof  strength  of  material 

stabilised  cyclic  maximum  stress  for  a  given  strain  rrnge,  achieved 
after  a  period  of  cycling  at  that  strain  range. 

initial  value  of  fpc  at  the  beginning  of  a  programme  block 
tensile  strength  of  material 

Sact~Sel 

value  of  H  at  the  start  of  a  programme  block 

value  of  H  after  the  'peak'  in  a  stress  cycle  until  local  yielding  occurs  again 

value  of  H  after  the  'trough'  in  a  stress  cycle,  until  local  yielding  occurs 
again. 

stress  concentration  factor 

parameter  characterising  shape  of  semi -range/mean  stress  diagram 
(see  Item  No. Fat  A. 00.01) 

endurance  in  cycles  under  constant  amplitude  loading 

number  of  stress  cycles  in  programme  block 

stress  at  stress  concentration 

alternating  stress  at  stress  concentration 

mean  stress  at  stress  concentration 

tional  Suffixes  for  S,  S  and  S_ 
a  m 

actual 

under  constant  amplitude  testing 

theoretical  elastic  (i.e.  S  ^  is  the  theoretical  clastic  stress  at  the  stress 
concentration.  It  is  K'^  times  the  average  stress  distributed  over  the 
cross  section. 


minimum 

at  zero  mean  stress 
under  programme  loading 

convention:-  Tensile  otreeo  positivo.  Alternating  stresses  are  taken  as  positive. 
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1.  INTRODUCTION 

From  the  earliest  days  of  aircraft  fatigue  calculations  the  designer  or  atressman  has  relied 
almost  exclusively  on  the  well  known  and  very  simple  Palragren  -  Miner  cumulative  damage  hypothesis 
(otherwise  known  as  'Minerb  Rule')  when  making  his  fatigue  life  estimates.  However,  in  many  instances 
estimates  based  on  this  Rule  have  proved  to  be  inaccurate.  Based  on  the  results  of  a  large  number 
of  teats,  it  is  evident  that  the  application  of  occasional  high  tensile  stresses  will  increase  the 
life  or  endurance.  Similarly,  occasional  high  compressive  stresses  generally  decrease  the  life, 
compared  with  results  from  tests  in  which  no  such  high  stresses  have  occurred.  Until  fairly  recently 
the  designer  paid  most  attention  to  the  wing  lower  surface  (and  pressure  cabins)  when  considering 
the  fatigue-critical  parts  of  the  structure.  As  these  parts  were  more  likely  to  be  overloaded  in 
tension  than  compression,  the  use  of  Miner's  Rule  did  not  generally  lead  to  unsafe  life  estimates. 

More  recent  developments  in  fatigue  calculation  methods  have  laid  great  emphasis  on  the 
importance  of  the  correct  definition  of  the  ground-to-air  cycle, in  order  to  make  a  more  realistic 
allowance  for  this  cycle  in  the  damage  calculation.  Also  much  more  attention  is  being  paid  to  the  wing 
top  surface,  following  reports  of  cracks  occurring  in  service  in  various  large  transport  type  aircraft. 

In  some  instances  it  was  found  that  the  life  estimates  (often  made  retrospectively,  with  the  advantage 
of  hindsight)  for  wing  to,.  -urface  critical  areas  were  considerably  optimistic.  Whilst  accepting  that 
the  loading  spectra  may  have  been  too’light’ in  some  estimates,  even  making  quite  severe  assumptions 
in  this  respect  in  the  calculations  failed  to  get  the  calculation  to  ''agree"  with  the  service  failures* 
Could  a  factor  that  was  being  ignored  in  the  use  of  Miner's  Rule  for  wing  top  skin  calculations  be 
leading  to  gross  over-estimates  of  the  fatigue  life?  The  very  loads  that  might  produce  beneficial 
effects  in  the  wing  bottom  surface  could  bo  producing  an  adverse  effect  in  the  top  curface.  In  a  large 
wide-bodied  transport  aircraft,  for  example,  the  downward  bending  loads  in  the  wing  whilst  taxying  may 
be  about  a  third  of  the  magnitude  of  the  upward  bending  loads  in  flight.  So  if  the  tensile  stresses 
in  the  wing  top  surface  occurring  during  the  'ground'  phase  of  a  flight  are  large  enough  to  cause 
fatigue  problems,  then  the  compressive  stresses, which  are  three  times  greater,  could  conceivably  Have 
some  adverse  effect  on  the  fatigue  damage. 

As  it  is  quite  usual  for  fatigue  critical  sections  in  a  structure  to  contain  a  stress  con¬ 
centration  with  a  Kt  of  2.5~3.5,  it  follows  that  localised  yielding  of  the  material  will  occur  whenever 
the  nominal  stresses  exceed  JO-bO#  of  the  yield  stress,  or  2 0-3°%  of  the  ultimate  tensile  or  compressive 
stress.  In  a  typical  transport  aircraft  the  steady  1g  stress  in  flight  may  be  already  15-20%  of 
ultimate  stress,  so  that  even  a  modest  'gust'  will  cause  some  localised  yielding  at  stress  concentrations. 
Similarly,  stress  concentrations  in  the  wing  top  skin  may  yield  in  compression.  Estimates  of  "ndurance, 
based  solely  on  Miner's  Rule,  are  often  inaccurate  because  they  neglect  a  major  source  of  error;  that  is, 
the  redistribution  of  stresses  that  occurs  when  the  part  yields  at  a  stress  concentration. 

2.  A  METHOD  FOR  INCLUDING  rHE  EFFECT  OF  YIELDING  AT  A  STRESS  CONCENTRATION  IN  THE  DAMAGE  CAl-CULATION 

The  Engineering  Sciences  Data  Unit  (SSDU)  in  London,  which  is  a  private  company  owned  by  the 
Royal  Aeronautical  Society,  has  recently  published  a  data  item  (ref.1)  which  sets  out  a  simple  method 
for  taking  this  localised  yielding  into  account  in  the  cumulative  damage  sum.  The  rest  of  this  lecture 
will  be  devoted  t  making  a  presentation  of  this  data  item,  and  illustrating  the  application  of  it  by 
working  through  two  examples.  The  sensitivity  of  some  of  the  assumptions  used,  and  the  limitations  of 
tho  method  will  also  be  discussed. 

In  view  cf  the  uncertainty  of  the  data  which  often  has  to  be  used,  and  all  the  other  assumptions 
and  simplifications  that  surround  fatigue  life  calculations,  a  cumulative  da<  method  which  is  too 
complicated,  or  which  requires  a  lot  of  additional  test  work  to  evaluate  sore  r.ew  parameter,  is  unlikely 
to  gain  much  popular  support  with  design  engineers.  The  advantage  of  this  ESDU-kAeS  modification  to  the 
Miner's  Rule  is  that  it  requires  no  new  data.  The  method  has  been  kept  deliberately  simple,  but  is 
capable  of  refinement  if  the  need  arises. 

Under  cyclic  loading,  yielding  is  usually  so  localised  that  the  resulting  redistribution  of 
stresses  does  not  affect  the  bulk  of  the  material,  which  is  assumed  to  always  work  in  the  fully  elastic 
stress  range.  After  a  high  load  has  caused  local  yielding,  a  residual  stress  will  exist  when  the  load 
i3  released  in  the  previously  yielded  material,  which  will  change  the  mean  stress  of  all  subsequent 
stress  cycles.  This  change  should  be  taken  into  account  ir.  the  cumulative  damage  sum.  Its  consequences 
may  be  appreciated  moat  readily  by  considering  what  happens  at  a  stress  concentration  under  block 
programme  loading.  The  task  is  r.ot  arduous  because  each  readjustment  of  mean  stress  may  be  taken  to 
cover  the  whole  period  of  a  block,  and  because  a  uniform  pattern  for  each  block  is  set  up  when  a 
programme  is  repeated.  In  principle  the  calculation  procedure  applies  equally  well  to  any  complicated 
form  of  variable  amplitude  loading,  provided  the  order  of  occurrence  of  the  cycles  is  known. 

The  following  basic  assumptions  have  been  made  in  order  to  simplify  the  calculations,  although 
some  of  them  are  not  essential  to  the  procedure. 

(i)  The  material  behaves  perfectly  elastically  below  the  yield  stress  and  perfectly 
plastically  above  it.  The  yield  stress  has  been  taken  as  the  0.2  per  cent  proof  stress. 

(ii)  The  stress-strain  characteristics  of  the  material  are  tho  same  in  tension  and 
compression. 

(iii)  The  stress  concentration  is  constant  for  all  nominal  stresses. 

(iv)  Yielding  is  localised  to  stress  concentrations  and  therefore  docs  not  significantly 
affect  stresses  in  the  rest  of  the  member. 
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(v)  The  semi-range/moan  stress  relationship  for  endurance  is  as  given  in  RAeS  fatigue 
data  item  A.OO.OI,  i.e,  S6/Sa0  =  (l-S^/ft)” 

(vi)  The  crack  propagation  phase  is  ouch  ahortor  than  the  crack  initiation  phase  {or, 
alternatively,  that  "failure"  is  defined  as  life  to  crack  initiation  only  as  was 
Miner's  original  intention), 

(vii)  A  constant  amplitude  S-M  curve  for  the  member  is  available. 

(viii)  Stresses  are  ioposed  in  sets  of  blocks  of  identical  stress  cycles. 

Assumptions  (i),  (xi),  (iii),  (v)  and  (viii)  could  be  eliminated  or  modified  at  the  coot  of 
greater  complexity, 

3.  BASIC  PRINCIPLES  -  ESTIMATING  THE  CHANGE  IN  ACTUAL  HEAR  STRESS 


The  basic  principle  of  the  calculation  procedure  i3  very  simple.  At  the  stress  concentrations 
the  theoretical  elastic  stress  (S8^)  is  k£  times  the  nominal  stress  in  the  component  away  from  the 
concentration,  or  to  te  more  realistic,  it  is  assumed  that  the  strain  at  the  stress  concentration  is  Kt 
times  the  nominal  strain.  Based  on  assumptions  (i)  to  (ivl,  the  actual  stresses  at  the  stress  con¬ 
centration  can  now  be  established  for  the  four  basic  loading  variations  shown  in  Pigs.  I-**.  It  is 
assumed  for  the  moment  that  there  is  no  initial  residual  stress  at  the  stress  concentration  due  to 
previous  stress  cycling. 

TTPE  1  load  cycles.  &mnx  el  ^  fp  and  Smil>  eX  ^  -fp  (See  Fig.1) 

The  whole  stress  cycle  is  within  the  elastic  range  and  so  no  local  yielding  takes  place  at 

tho  stress  concentration.  Therefore  S  .  =  S 

act  el 

TIPS  2  load  cycles  ,  <•  f  but  S...  ,  -f_  (See  Fig.2) 

•  — . — — . -■  '■  « - -  a  pi  '  p  mm  el  ^  p  - 

The  stress  Sact  reaches  its  louest  possible  inlue  -fp  at  time  A,  after  which  conpresaive 
yielding  takes  place  at  the  stress  concentration.  Thus  whan  j  reaches  its  lowest  value  at 
time  B,  a  difference  exists  between  Sejand  Sac£,  denctod  by  H  in  the  figure.  As  the  component 
is  assumed  to  be  perfectly  elasto-plaatic,  this  residual  stress  K  ~  -fp  -Sn;n  ex  (which  will,  be 
tensile)  will  persist  unaltered  unti1  yielding  occurs  again.  11  will  be  noted  that;— 


Smax  act  “  Smax  el+ 


2S  ,  -f  <  +  f  at  time  C 
s  el  p  ^  p 


ain  act  ■  Smin  el  +  H 


-  -f  at  time  D 
P 

and  H  will  remain  unaltered. 


Therefore  yielding  does  not  occur  again  until  there  is  sufficient  change  in  the  loading  rangOj 
max  el^  raxn  el 

Also  note  that  it  is  only  the  mean  stress  of  the  cycle  which  changes  due  to  the  local  yielding; 
the  alternating  stress  Sq  is  still  the  same  as  S&  0^. 

«Pg  3  load  cycles  S&  3l<  fp  but  eJ>+fp  (See  ?-g.3) 

A  similar  argument  as  Tor  Pig.  2  is  followed.  Tensile  yielding  takes  place  at  tha  stress 

concentration,  resulting  in  a  residual  stress  H  =  -S  „  ,  *■  f  (which  will  be  compressive). 

1  max  oi  p 


S  .  =  S  _  *  H 

max  act  max  el 

a  +  fp  at  time  D 


<*  —  s 

ain  act  "  mir 


el 


+  H 


-25  .  -  f  > 

a  el  n' 


As  for  Type  £  load  cycles,  no  further  yielding  takes  place  and  H  remains  unaltered,  although 
m  thic  case  the  effect  of  H  is  to  reduce  the  mean  stress. 


TTPE  4  load  cycle.  S  ,  i  f  for  any  value  of  S  ,  (See  Fig.4) 

- — i...  s  el  /  p  m  ol. 

In  this  ex&apie,  tensile  yielding  occurs  before  the  first  -*ak  at  time  A,  whxch  rea^lx-e  itv 
oaximuT  extent  at  time  B,  when  a  difference  Hi  exists  between  Sex  and  3a(-f;>  This  value  of 
persists  until  time  C  is  reaches,  wl.in  the  compressive  proof  stress  is  reached.  After  time 
C  compressive  yielding  occurs  and  the  maximum  difference  between  5ax  and  SjCt  cocc«es  Kg,  which 
will  ' o  of  opposite  sign  to  Hi.  In  this  type  of  loading,  it  i<j  seen  that  H  changes  at  every 
half  cycle,  and  the-  actual  mean  stress  SB  act  =  0  at  tho  stress  concentration.  However,  although 
the  actual  alternating  stress  is  *  fp,  'he  aieernotlng  ‘'stress"  in  the  dansaga  calculations  is 
still  taker  aa  +_  Sa  c| ,  because  tht  fixtigu*  process  is  primarily  a  function  of  the  streir  range 
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The  value  of  H  at  the  end  of  the  block  depends  on  whether  the  block  ends  with  a  trough  or  a  peak. 
If  it  ends  with  a  trough,  H  is  as  for  a  Type  2  load  cycle;  but  if  it  ends  with  a  peak,  B  is  as  for  a 
Type  3  load  cycle. 

From  this  simple  analysis,  the  actual  stress  cycles  in  a  programme  may  be  written  down.  The 
analysis  of  any  block  of  stress  cycles  within  a  programme  is  made  in  the  same  way  as  described  above, 
except  that  the  value  of  H  from  the  previous  block  is  carried  forward  (now  called  the  initial  value  H 
for  the  next  block]  and  added  to  the  elastic  streesea  of  the  next  block.  0 


Note  that  when  a  Type  4  block  occurs  in  a  programme,  it  is  important  to  determine  whether  the 
last  event  of  the  block  is  a  trough  or  a  peak,  because  this  will  affoet  the  value  of  H  for  the  next  block. 
If  the  wrong  value  is  used,  this  may  affect  the  mean  stress  correction  for  the  next  block; 


Summarising,  the  rules  for  establishing  H  and  the  actual  stresses  at  the  stress  concentration 
are  as  follows:- 


1. 

2. 


Write  down  S 


a  el*  a  el 
Follow  the  questionnaire  below:- 


s  s 

max  el*  min  el 


QUESTION 

ANSWER 

IS  Sa  el  >  fp  ? 

Yea 

• 

No 

No 

No 

IsBo  +  Smaxel>  f p  ? 

- 

Yes 

No 

No 

2a  H  +  S  .  .<✓  mt  ? 

o  min  elN  p 

• 

— 

Yes 

No 

"In  this  case  only,  is  the  last 
event  a  peak  or  trough? 

Trough 

Peak 

Cycle  or  blocx  is  of  typo: 

4/2 

4/3 

3 

2 

1 

.*.  R  at  end  of  1st  cycle 

-fp 

“®rain  el 

max  el 

sfp 

"max  el 

-fp 

-Sn;in  el 

K 

o 

3,  II  =  value  of  H  from  previous  block  (H  usually  zero  for  1st  block  of  test,  and  for  all 
constant  anq>litude  teats). 

4*  Sm  act  *  Sm  cl  *  H  (c"cle  tyP*  1,2  0r  3)*  °r 

S  .  =  0  (cycle  type  4/2  or  4/3) 

o  oct 

s  .  =  s 

a  act  a  el 

5,  Note  that  if  the  questions  ure  asked  in  the  order  shown,  the  questioning  ie  completed 
at  the  first  ’yea"  answer. 

4.  ESTIMATING  THE  ENDURANCE  N  UNDER  PROGRAMME  LOADING  USING  CONSTANT  AMPLITUDE  S-H  DATA 

Assumption  (v)  (see  section  2)  is  not  essential  if  appropriate  S-N  data  is  available  in  the 
form  of  nominal  Sa  vt.  H  curves  for  several  values  of  nominal  SB.  When  this  is  the  case,  the  endurance 


However  where  only  one  S-K  curve  ie  available,  for  a  single  value  of  Sffl,  the  endurance  for 
each  combination  of  (5a  a=£  prog,  el  prog  )  say  be  estimated  by  referring  to  the  ESDU  Data  Item 
No.  Fat  A.00,01,  and  using  the  following  expression s:- 


1  - 


60 


(II 


The  above  expression  ie  applicable  only  for  S 
expression  may  be  used  in  its  place:- 


0. 


(1) 

When  S  is  compressive  the  following 
m 


ao 

The  next  threo 


expressions  all  relate  to  tensile  mean  stresses,  based  on  Eq(1^. 


If  the  mean  stress  ie  compressive  the  expressions  should  be  based  on  Eq{2)instesci. 

First  Sj,  ca  is  determined  for  each  value  of  3a  el  prog  in  ths  prog: warns  associated  with 

the  elaetic  mean  aireis  for  the  8-N  curve,  S  ,  „  ,  and  taking  H0  *  0.  Then:- 

o  el  ca*  v 
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Ja 

<>]| 

fj| 

P 

n 

if 

1 

A? 


(i)  for  the  constant  amplitude  S-N  data 


a  el  ca 

S  , 
ao  si  ca 


/  S  \ 

I  a  act  ca  1 

l  ft  J 


(ii)  for  each  programme  block 


ao  el  ca 


1  -  / jb  act  protA 

l  ft  / 


Therefore  the  combination  of  Eq  (3)  and  Eq  (4)  gives  the  following  expression  for  the  value 

of  S  ,  that  would  result  in  the  same  endurance  N  as  5  ,  :- 

a  el  ca  a  el  prog 

S'  /«.  i  a  \ 


a  el  ca 


,  /S  *  \ 

1  -  /  g  act  ca\ 

V  ft  J 

1  ~  f act  prog\  m 
\  ft  / 


a  el  prog 


The  value  of  N  for  this  value  of  S  ,  is  then  read  off  the  S-N  curve. 

a  el  ca 

Having  estimated  the  values  of  N  for  all  the  programme  blockB,  the  cumulative  damage  calculation 
is  performed  in  the  usual  manner,  except  that  the  damage  ratio  obtained  by  this  method  should  be  closer 
to  unity  when  failure  occurs  than  an  estimate  based  on  the  straightforward  Miner's  Rule. 

5.  EFFECT  OF  LARGE  VARIATIONS  IN  APPLIED  HEAN  STRESS 

In  all  the  foregoing  discussion  it  is  assumed  that  the  mean  stress  Sm  el  prog  remains  constant, 
or  very  nearly  constant.  However,  any  variation  in  the  mean  stress  throughout  a  programme  will  extend 
the  overall  theoretical  stress  range,  and  this  will  give  rise  to  additional  fatigue  damage.  The  classic 
example  of  this  is  the  (usually)  large  "ground-to-air"  cycle  (GTAC)  associated  with  wing  fatigue 
calculations.  An  example  of  c  dimple  programme  loading  in  which  large  changes  in  mean  stress  occur  is 
shown  in  Fig.5. 

note  that  the  GTAC  should  be  taken  froit  el  pr0g  to  Smin  ex  prog  ,  and  not  fromfcm)  aax  to 

(Sn)  j,in.  If  the  mean  stress  varies  within  the  interval  of  time  between  Smgx  ei  prog  and  SBin  el  prog 
such  that  there  it  another  secondary  cycle  of  SB  (or  more  than  one),  then  it  is  necessary  to  consider 
that  cycle  also  as  another  "secondary  GTAC",  defined  as  the  overall  S  »x  range  associated  with  the 
secondary  SB  ei  cycle. 

Note  also  that  by  defining  the  GTAC  as  n  "poak-to-peak"  event,  that  a  -J  cycle  is  deducted  from 
each  of  the  2  blocks  of  load  cycles  containing  Smax  e]_  and  Sffl£n  0±  respectively. 

Each  block  is  treated  individually,  as  in  the  simple  case  of  a  programme  with  no  variation  of 
mean  stresa,  including  the  GTAC.  The  GTAC  is  just  a  "block"  of  1  cycle/flight  in  this  context,  except 
that  the  Hc  value  will  bo  the  value  of  H  at  the  end  of  the  previous  GTAC. 

In  the  example  given  in  Fig.  5,  the  ra.m,  stress  corrections  will  be  as  shown  in  the  table  below:- 
i  Programme  j  1 


m  el  prog/?t 

S  .  Jt. 
a  ox  prog  t 

S  •’{ 

max  el  prog  t 

S  .  .  /f„ 

mm  el  prog  t 

- h - 

is  sfi*y 

153  H0  +  smax>fp? 

o  9i.nN  p 

.’.  Block  is  type 


The  programme  now 
repeats  i.self. 
i,e.  all  programmes 
ore  the  same  except 
for  block  1  in 
programme  1. 


LH  0  1-1.0  -1.0  4*  .50  +  .50  0  0 

--At  act  prog  -1^2 _ 1  -  •*.  I"  I*g  _ _ 

•  K  =0  for  the  first  programme  only;  subsequently  II  =  +  .50  for  the  GTAC  (i;e.  tne  value  of  8 
from  the  GTAC  of  the  previous  programme). 

0  Note  that  H  for  block  5  is  always  the  same  as  the  li  for  the  block  ir.  the  prograsioe  containing 
the  lowest  'trough'  value  (i.e.  block  4  in  thie  example). 


4/2 


+  .50  0 
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5.  WORKED  EXAHPLES 

The  ESDU  staff  have  checked  this  calculation  procedure  in  38  different  block  programme  loading 
experiments,  reported  in  refs.2-6.  These  experiments  were  selected  because  in  each  case  compatible 
constant  amplitude  S-N  data  was  available,  which  had  been  obtained  from  tests  carried  out  in  the  same 
laboratories  on  identical  specimens. 

2  worked  examples  are  given  in  Tables  1  and  2.  In  the  first  example  (taken  from  ref.4)  the 
elastic  mean  stress  at  the  edges  of  the  rivet  holes  is  approximately  fp,  and  so  tensile  yielding  takes 
place  from  the  very  first  cycle.  The  actual  maximum  stress  in  every  cycle  of  the  1st  programme  is  fp, 
and  as  the  amplitude  increases  at  each  block  change ,  the  actual  mean  stress  is  just  further  depressed . 
However,  the  residual  stress  loft  at  the  end  of  the  1st  programme  is  such  that,  theoretically,  the  rest 
of  the  cyclos  in  the  test  are  elastic,  and  only  in  the  last  block  does  Sxgy_  el  prog  *  fp*  T*le 
tabulation  for  deriving  Sa  aot  ca  is  identical  to  the  programme  No. 1  calculation  in  this  example,  simply 
because  the  S-N  data  is  for  the  same  mean  stress  as  the  programme  mean  stress.  Obviously  this  is  not 
always  the  case. 

In  the  second  example  (taken  from  ref.2)  the  only  difference  between  the  constant  amplitude 
tests  and  the  "programme"  test  is  that  the  3ame  constant  amplitude  test  is  preceded  by  one  application 
of  a  high  stress,  such  that  Saax  ei  /fp  =  1.79*  Applying  the  method,  the  actual  mean  stress  of  the 
subsequent  constant  amplitude  cycles  is  reduced  from  7.15  T/t-,2  to  -  1.5  T/n*  •  However,  in  the  highest 
3  stress  levels  tested,  tensile  yielding  occurs  at  the  edge  of  the  lug  hole  and  so  the  constant  amplitude 
test  mean  stress  is  also  reduced.  As  a  result  the  preload  has  less  effect  on  the  endurance  at  high 
alternating  stresses,  which  agrees  with  the  experimental  evidence.  Even  so,  in  this  example,  the 
correction  method  (including  the  way  the  S-N  data  is  corrected  to  another  mean  stress  value)  results 
in  a  over-optimistic  S-N  curve  after  preload  when  N ,>105,  as  ahown  in  Fig.  6,  If  a  higher  value  of 
m  had  been  used  in  the  calculation,  the  over-correction  would  not  have  been  so  great;  but  this  may  not 
be  the  root-cause  of  the  problem,  as  will  be  discussed  later. 

Fig.  7  shows  a  chart  on  which  all  the  estimated  endurances  based  on  Miner's  Rule/  actual  average 
endurances  are  plotted  against  the  corrected  estimates  of  endurance/ actual  average  endurances.  Ratios 
which  fall  between  the  limits  of  0.f>7  -  1.50  are  probably  as  good  a  result  as  can  be  expected 
consistently  using  any  cumulative  damage  rule.  On  this  basis,  endurance  estimates  based  on  Miner's  Rule 
were  within  this  accuracy  in  17  experiments,  or  nearly  half  the  total.  After  applying  the  corrections 
to  the  mean  stresses,  the  endurance  estimates  were  within  these  limits  in  29  experiments,  which  is  a 
significant  improvement.  However,  it  must  be  admitted  that  23  of  these  29  results  ere  over-estimates 
(i.e.  ratios >  1).  Considering  also  that  in  7  more  experiments  the  actual  endurance  was  over-estimated 
by  more  than  50&  after  'correction',  it  must  be  concluded  that  the  ESDU  correction  method  does  tend 
to  over-estimate  the  endurance. 

Until  the  highest  Soax  ap  prog  in  the  programme  exceeds  the  proof  stress  fp  by  (say)  more  than 
35$l!,  there  dees  not  seem  to  be  any  advantage  in  making  any  modification  to  the  basic  Miner's  Rule  method. 

It  will  be  seen  that  nearly  all  the  open  symbol  points  on  Fig. 7  lie  within  the  ratio  limit  .67  -  1.50; 
in  many  instances  the  estimate  is  made  worse  after  applying  the  ’correction'  than  before. 

However,  when  the  highest  SmQX  ai  pr0g  in  the  programme  exceeds  (say)  1.35  fp,  Miner's  Rule  is 
likely  to  under-estimate  (or  over-estimate,  in  the  event  that  Smin  ei  pr0g  is  less  than  -1,350 to  such 
a  degree  that  3orae  correction  is  desirable.  As  mentioned  earlier,  the  great  advantage  of  this^ESDU 
method  is  its  simplicity;  but  the  tendency  to  "over-correct"  the  Miner's  Rule  estimate  seems  to  be  a 
result  of  over-simplifying  the  problem. 

The  effect  of  modifying  some  of  the  assumptions  used  is  discussed  in  the  following  section, 
whilst  keeping  in  mind  the  need  to  still  keep  the  correction  method  as  simple  os  possible. 

6.  A  SUGGESTION  R>3  A  MODIFICATION  TO  ASSUMPTIONS  (i)  AND  (ii)  IN  THE  ESDU  METHOD 

A  weakness  in  the  ESDU  method  is  possibly  that  assumptions  (i)  and  (ii)  are  too  crude,  and  when 
high  values  of  H  ore  involved  in  the  calculations,  probably  unrealistic.  It  is  well  established 
(refs.  7*  8  et  al.)  that  under  ••  given  cyclic  strain  beyond  the  elastic  limit,  the  actual  stress  very 
quickly  settles  down  to  a  "cyclic  {'tress"  value  which  is  different  from  the  monotonic  stress.  In 
annealed  or  naturally  aged  light  alloys  the  cyclic  stress  can  be  substantially  higher  than  the  raonotonic 
stress,  but  in  the  higher  strength  alloys  the  change  is  generally  loss  pronounced.  Therefore,  in  block 
programmes  where  the  maximum  elastic  stresses  frequently  exceed  f„,  it  would  b^  expected  that  the  ESDU 
method  would  'over-correct'  the  Miner's  Rule  estimate  when  the  material  exhibits  this  strain-hardening 
characteristic,  to  any  marked  extent. 

Consider  a  programme  containing  Type  3  stress  cycles.  When  Sei  exceeds  fp  for  the  first  time 
in  the  test  (or  in  service),  Smax  *  fp  i.o.  the  first  yield  is  monotonic.  At  the  end  of  this  first 
Type  3  cycle  the  ESDU  method  gives  Snin  act  =  fp  -  2Sa  e>  However,  if  Sm<n  aC£  is  compressive  following 
tensile  yielding,  then  compressive  yielding  will  occur  at  a  lower  stress  than  -  fp.(Bau6chinger  effect). 
This  affect  may  be  expressed  -is  a  reduction  in  the  value  of  H  at  the  completion  of  the  stress  cycle. 

As  a  result,  when  the  next  cycle  is  applied,  tensile  yielding  will  occur  again  as  $act  approaches  its 

maximum  valuo;  compared  with  the  ESDU  method  in  which  Smax  ej  =  fp  (i.e.  yielding  does  not  occur  again 

whilst  the  stress  cycle  is  the  same).  As  cycling  continues,  the  material  will  strain-harden  (or  strain- 
ssftefi)  so  that  Smax  aot  in  each  successive  cycle  will  be  a  little  higher  (or  lower),  until  Saax  act  =  fpc« 

The  number  of  cycles  required  to  reach  this  stabilised  stats  varies  for  different  strain  ranges. 
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The  monotonic  and  cyclic  stress-strain  behaviour  of  2024-T4  and  7075-T 6  light  alloys,  in  the 
endurance  range  from  10^  -  1CV  cycles,  hns  been  obtained  from  ref.  7.  By  comparing  the  stress 
amplitude  measured  at  the  start  of  a  fatigue  test  with  the  highest  amplitude  reached  before  failure, 
for  several  strain  ranges,  the  ratio  fpc/fp  was  obtained  for  each  value  of  A6/2.  However,  the  data 
in  ref. 8  showed  that  2024-T3  alloy  does  not  strain-harden  at  all  under  repeated  tensile  loading  (R  =  0), 
and  only  slightly  under  fully  reversed  loading  (R  =  -1).  C;irves  showing  the  ratio  fp^fc  plotted 
against  A€/2  for  these  materials  are  given  in  Fig.8. 


How  strain  ranges  ,>  .02  are  unlikely  to  be  encountered  in  an  item  loaded  by  a  conventional 
aircraft  loading  spectrum  (this  corresponds  to  N  105  in  2024-T4),  so  in  practice  the  only  part  of 
Fig.8  which  is  of  interest  in  the  damage  calculation  is  the  extreme  left-hand  end  of  the  curves.  If  it 
is  assumed  that  (fp0/fp)  -  1  varies  linearly  with  A£/2  in  this  region  of  the  curves,  and  that  At/2 
=  Suel/Ei  then  from  Fig.8  the  following  simple  relationship  can  be  drawn:- 


f  /f 
pc  P 


=  1  + 


k  fl  ./E 
a  el 


(6) 


where 


and  S 


/E 


=  0 

for  2024-T3  when  R  =  0 

=  15 

for  2024-T3  when  R  =  -1 

=  45 

for  2024-T4 

=  8 

for  7075-76 

-  for  example 

<  .01 

(approx.) 

a  el' 

It  is  therefore  suggested  that  the  ESDU  correction  method  would  be  more  realistic  if  the  value  f 
was  substituted  for  fp.  As  a  material  can  strain-soften  after  a  period  of  strain-hardening,  if  the 
strain-range  is  decreased  (ref. 9),  the  value  of  fpC  t Dpropriate  to  the  SQ  ei  value  of  the  programme 
block  should  be  used,  regardless  of  the  previous  stress  history. 

From  the  same  source  in  ref.7  it  was  seen  that  in  the  range  of  A£/2  of  interest  in  fatigue 
calculations,  the  stabilised  value  of  fpC  is  reached  after  approximately  1  000  cycles,  starting  from 
the  intial  value  fp.  When  a  programme  block  contains  many  thousands  of  cycles,  the  period  before 
stabilisation  of  fpC  can  be  ignored,  =uid  the  full  value  of  fpc  would  be  used  throughout  the  block. 
However,  when  the  block  contains  only  a  few  cycles,  the  full  value  of  fpc  would  not  be  attained.  In 
this  event,  the  following  procedure  is  suggested:- 


pc 


Assume  that  it  takes  1  000  cycles  for  the  cyclic  stress  to  change  from  fp  to  fpC,  or  from  f. 


ipe 


back  to  fp  (for  any  value  of  fpc),  and  also  that  the  cyclic  stress  changes  uniformly  with  the  number  of 
cycles  applied.  Then  tl.e  number  of  cycles  (ng)  required  to  change  the  cyclic  stress  from  fpco  to  fpc 
is  giver,  by:- 


a) 


b) 


when  f  > 
pc 


pco 


when  f  s  i  , 
pc  >  pco 


ft  -  f  \ 
_  [  PC  pco  \ 

\  pc  "  fp  / 

_  /fPC0  ~  fp<A 
\  pco  p  ! 


x  1  000 


x  1  000 


(7) 


How  if  the  block  contains  n  <  ng  cycles,  then  the  final  value  of  the  cyclic  streso  in  the  block 
will  not  be  fp0,  but  a  value  fp^ ,  given  bys- 


a)  when  f  >  f  , 
pc^  pco 


b)  when  f  <£  f  , 
pc  >  pco 


f/c  =  fpco  +  (lOOo)  (  fpc  ~  fp) 
(lOOo)  (fpco"  fp) 


(8) 


f  '  =  f 

pc  pco 


The  same  arguments  will  be  assumed  to  apply  when  the  initial  yielding  is  compressive.  If  the 
programme  contains  type  2  stress  cycles,  then  the  Bauschinger  effect  applies  equally  to  the  subsequent 
tensile  stresses,  so  that  the  (tensile)  value  of  H  at  the  completion  of  the  cycle  is  reduced.  It  will  be 
further  assumed  that  type  4  stress  cycles  can  be  treated  in  exactly  the  same  way  as  in  the  ESDU  method, 
i,e.  as  a  J  cycle  of  type  2,  followed  by  a  J  cycle  of  typo  3,  or  vice  versa. 

The  problem  of  estimating  the  real  value  of  S^in  act  to  #3  uw  for  the  Bauschi^er  effect  appears 
at  first  sight  to  be  very  complicated.  However,  it  is  acceptable^  or  the  purposes  of  this  suggested 
modification  to  the  ESDU  methodjto  assume  that  the  shape  of  the  cyclic  stress-strain  "loop"  io  constant 
when  related  to  the  highest  (or  lowest)  corner  of  the  loop  as  the  origin  of  ordinates.  By  making  this 
assumption  it  i3  possible  to  express  the  reduction  AH  in  SBin  el  *n  a  fcyPe  5  cycle  (or  in  Smax  el 
in  a  type  2  cycle),  simply  as  a  function  of  Sa  el*  During  the  elastic  unloading  part  of  the  stress- 
strain  diagram,  i.e.  for  low  values  of  Sa  eq,  A  11  =  0.  After  a  certain  value  of  Sa  0q.  AH  increases 
as  Sa  el  increases,  until  in  the  limit  Smin  act  -  AH  =  -fpc  (or  Smax  act  -  Ah'  -  fpc).  fig*  9  shows 
the  curves  of  AH  against  Sa  eifor  2024-73  and,7075-T6,  obtained  from  the  diagrams  in  refs.  7  and  8. 

These  curves  may  not  be  very  accurate,  but  will  serve  to  illustrate  the  effect  of  this  suggested 
modification  to  the  SBDU  method.  Further  work  would,  be  necessary  to  derive  more  accurate  curves  if  the 
modification  is  tn‘  en  up  seriously. 


•V-- 
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It  is  not  claimed  that  the  suggested  modifications  discussed  above  constitute  a  complete  or 
rigorous  approach  to  the  problem  of  determining  the  real  stress-strain  history  at  the  root  of  a  notch 
under  block  programme  loading.  Obviously  the  problem  is  very  complex  but,  in  keeping  with  the  spirit 
of  the  original  ESDU  method,  the  suggested  modifications  have  been  kept  very  simple  end  approximate. 

Even  so,  the  original  claim  that  the  ESDI'  method  requires  no  additional  data  to  be  found  before  it  -an 
be  applied  is  already  crumbling.  It  nay  not  be  at  all  straightforward  to  obtain  values  of  fpc  or  41  H  , 
which  are  the  two  new  parameters  required  if  this  modification  is  taken  up.  However,  it  is  considered 
that  even  this  crude  attempt  to  allow  for  strain-hardening  (or-aoftening)  and  Bauschinger  effect  will 
go  some  way  towards  reducing  the  risk  of  over-estimating  the  fatigue  life,  in  some  circumstances. 

Summarising,  the  modified  calculation  procedure  is  os  follows:- 

1)  Proc'eed  as  in  the  ESDU  method,  but  substitute  f-eo  for  fp  in  the  questionnaire  to  determine  the 

type  of  cycle.  (N.B. :-  initially  fpco=  fp,  and  H1  =  0). 

2)  For  each  cycle  type  2  j  or  4,  estimate  f  / f  from  Eq  (6).  The  steps  following  are  for  a  type 

3  cycle,  for  example.  ”  ” 

3)  Calculate  nB  from  Eq  (7).  If  n  only  just  >  ns,  then  the  average  value  of  fpc  to  use  for 
determining  H1  will  have  to  be  assessed  in  each  case.  If  n  }•>  ng  then  use  T  , 

4)  If  n<  na  apply  Sq  (8)  to  calculate  fp^..  Then  take  average  value  (fpC0  +  fpc)/2  for  determining 

Hr 

5)  Obtain  Hi  as  in  the  ESDU  method  =  fp0  -  SBax  ex  (or  average  value  of  fpC  -  Smax  ei).  Then 

H2  =  Hi  -AHj  where  AH  is  obtained  from  curves  similar  to  Fig. 9.  Then  H0  for  the  next  block 
=  H2  from  the  previous  block.  (N.3.:-  AH  always  reduces  the  appropriate  value  of  H;  H1  in  typo  3 
cycles,  H2  in  typo  2  cycles.)  ' 

6)  The  revised  values  of  Sn  aot  are  obtained  by  taking  the  average  of  Snax  act  and  Smin  act,  but 
note  that  these  terms  can  vary  by  different  amounts  compared  with  the  ESDU  valuea.  It  can  be 
seen  that:- 


a)  in  type  2  cycles  : 


S 

max  act 
s  • 

mm  act 


S  ,  + 
max  el 

-fpc 


(H2  -ah) 


b)  in  type  3  cycles  : 


S 

max  act 
S  ■ 

rain  act 


+  f  • 
pc 

f  ,  + 
nun  el 


(H1  -AH) 


c)  in  type  4  cycles  t  S^  ^  =  -  fp(. 

S  .  .  =  -  t 

rain  act  pc 

.".S  .  =  0  as  before 

m  act 

Note  1.  If  AH  0,  Hi  H2  and  so  it  will  be  necessary  to  determine  whether  a  type  2  or  3  cycle 
block  finishes  on  a  peak  or  a  trough,  in  the  same  way  that  it  is  necessary  for  a  type  4 
block. 


Note  2.  Type  1  cycles  are  treated  as  in  the  ESDU  method. 

7.  COMMENT  ON  ASSUMPTION  (iii)  IN  THE  ESDU  METHOD 

Care  should  be  taken  when  applying  the  ESDU  method  to  the  life  estimation  of  joints  or  lugs,  as 
distinct  from  open  notches,  not  to  under-estimate  the  life  as  a  result  of  using  too  high  a  value  for 
sm  act  prog*  The  stress  concentration  factor  for  a  joint  in  compression  may  be  lower  than  Kt!  and  for  a 
lug  in  compression  the  S.C.F.  i3  approximately  zero.  Therefore,  although  a  compressive  stress  H  may  exist 
at  the  edge  of  the  hole  as  a  result  of  tensile  yielding,  subsequent  high  compressive  applied  loads  will 
not  relieve  this  value  of  H  by  the  amount  that  would  be  estimated  if  assumption  (iii)  is  used.  The  use 
of  assumption  (iii)  in  joints  and  lugs  may  lead  to  an  estimate  of  SB  act  prog  which  is  too  high  in  the 
blocks  following  tensile  yielding,  and  hence  to  an  over-estimate  of  the  fatigue  damage  clone  by  those 
blocks. 


8.  B1M0HK  OF  EXAMPLES 


The  suggested  modification  to  the  ESDU  method  have  been  applied  to  the  experiments  analysed  by 
ESDU  mentioned  in  section  5*  Unfortunately  the  result  is  rather  an  anticlimax,  because  very  few  of  the 
endurance  estimates  are  significantly  affected  by  the  modification!  In  the  2024-T3  tests,  there  is  no 
change  in  fp,  according  to  Fig. 9,  and  although  tensile  yielding  occurs  in  most  of  the  blocks,  the  Sa 
values  ore  not  high  enough  for  any  significant  Aii  value  to  occur.  So  the  modification  does  not  change 
any  of  the  stress  values  already  predicted  by  the  ESDU  method  very  much.  Also  in  the  7075-Tb  tests 
when  the  highest  stress  cycle  is  a  type  4  cycle  occurring  very  infrequently,  then  there  is  nc  change 
from  tne  ESDU  figures  if  the  rest  of  the  programme  consists  of  type  1  cycles.  The  modification  villonly 
have  3ome  effect  when  there  are  type  2  or  type  3  cycles  m  the  programme.  An  example  of  this  has  already 
been  given  in  Table  2;  so  the  rework  of  this  example  is  give  1  in  Table  3.  However,  it  h&e  to  be 
admitted  that  the  corrections  to  the  over-estimate  of  the  endurances  according  to  the  ESDU  method  ore 
very  slight  in  this  example,  but  at  least  the  suggested  modification  does  result  ir.  a  slightly  better 
estimate. 
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i 
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9.  CONCLUSION 

The  ESDU  method  for  improving  a  'Miner's  Rule'  damage  estimate  by  correcting  the  mean  stress  at 
stress  concentration  does  make  a  significant  improvement  in  the  accuracy  of  the  estimate  when  the 
maximum  elastic  stresses  at  the  stress  concentration  (=  Smax  )  are  greater  than  about  1.35  x  0,2# 
proof  stress.  In  most  cases  it  would  be  expected  th_  basedon  the  method  the  estimate  would  be  correct 
within  a  factor  of  1.5  on  the  actual  endurance  or  life,  which  is  considered  to  be  about  as  good  a  result 
as  can  be  expected  from  any  cumulative  damage  rule.  When  the  maximum  elastic  stresses  at  the  stress 
concentration  are  less  than  1.35  fp*  the  Miner's  Rule  estimate  and  the  ESDi'  method  estimate  are  usually 
both  correct  within  the  factor  of  1.5»  However,  there  does  appear  to  be  a  tendency  for  the  method  to 
over-correct  a  conservative  'Miner's  Rule'  estimate,  and  so  the  results  should  bo  used  with  caution. 

In  an  attempt  to  reduce  this  tendency  to  over-correct  the  Miner's  Rule  estimate,  a  further 
modification  is  suggested  which  involves  cyclic  stress  and  Bauschinger  effects,  whilst  still  retaining 
the  very  simole  correction  concept  of  the  ESDU  method.  However,  this  suggested  modification  is  found 
to  have  any  effect  only  in  a  limited  number  of  stressing  situations,  and  also  it  requires  additional 
data  that  may  not  be  easily  obtainable. 
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TABLE  1.  DAMAGE  CALCULATION  KDH  A  HI VETTED  JOINT  SUBJECTED  TO  A  5  BLOCK  LOW-HIGH  PROGRAMME 

Specimen  :-  Hivettod  lap  joint  Kl  =  3.75  ?  - 

Material  2024-T3  Clad  Sheet  f  =  33  Kg/mm  f  =  1*6  Kg/mn 


S-N  Curve  :-  Constant  amplitude  for  S  =  9.0 Kg/m 


Prog. 
Block 
%  prog 


Sm  el  prog 
sa  el  prog 
smax  el  prog 
Smin  el  prog 

Is  Sa  el  ^  33  ? 

Ho 

Ho  +  sraax  el 
Ho  *  S.uia  el 
Is  H0  +  Soax  el  >  33  ? 
Is  Hc  •*•  Smin  el  <-33  ? 
Cycle  typo 
E 


Sn  act  prog  j  27.3  23/ 

As  II  at  the  end  of  programme 
are  identical  to  programme  2 

Constant  Amplitude  Cycles 


1st 

1 

2 

5 

4 

5 

2nd 

1 

9.0 

9.0 

9.0 

9.0 

9.0 

9.0 

1.51 

2.42 

3.77 

5.12 

8.08 

1.51 

33.8 

33.8 

33*8 

33.8 

33.8 

33.8 

5.7 

9.1 

i4. 1 

19.2 

30.3 

5.7 

39.5 

42.9 

47.9 

53.0 

64.1 

39.5 

28.1 

24.7 

19.7 

14.6 

3.5 

28.1 

No 

No 

No 

No 

No 

No 

0 

-6.5 

-9.9 

-14.9 

-20.0 

-31.1 

39.5 

36.4 

38.0 

38.1 

44.1 

8.4 

28.1 

18.2 

9.8 

-0.3 

-16.5 

-3.0 

Yes 

Yes 

Yes 

Yee 

Yes 

Mo 

- 

- 

- 

- 

- 

No 

3 

3 

3 

3 

3 

1 

-6.5 

-9.9 

-14.9 

-20.0 

-31.1 

-31.1 

27. 3 

23.9 

18.9 

13.8 

2.7 

2.7 

2nd  end  subsequent :- 

1 _ 2 _ l _ 

.0  9.0  9.0 

.51  2.42  3.77 


9.1  14.1 
42.9  4?.9 
24.7  19.7 


11.8 


33.8 

33-8 

19.2 

30.3 

53-0 

64.1 

14,6 

3.5 

No 

No 

-31.I 

-31.1 

21 .9 

33.0 

-'>6.5 

-27.6 

Mo 

No 

No 

No 

1 

1 

-31.1 

-31.1 

2.7 

2.7 

etc. 

°o  ex  ca 
Sa  el  prog 
Smax  el  ca 
smin  el  ca 

la  S*«(  >„  33  ? 

la  S^.ej  >  1^? 
la  Sm'ie-at  <  35  ? 
Cycle  type 
H 

•  •  Sra  act  ca 

2 

1-<Sm  act  ca/^t'  >2 
act  prog/^t^ 

•  ♦  Sa  ca 

.*.  N  x  10‘6 
n  x  10-3 


33*8  33*8  33*8  33*8  N.3. :-  It  does  not  always  follow  that 

9.1  14.1  19.2  30.3  .  ^  ca  “  Sm  e!  prog 


24.7  19.7 


47.9  53.0 


r/N  x  105 
2,n/N  x  105 


No 

Yea 

Ho 

Yes 

No 

Yes 

No 

Yes 

No 

Yes 

3 

-6.5 

3 

-9.9 

3 

-14.9 

3 

-20.0 

3 

-31.1 

27.3 

23.9 

18.9 

13.8 

2.7 

27.3 

23.9 

18.9 

13.8 

2.7 

.648 

.648 

.731 

.731 

.833 

.833 

.910 

.910 

.997 

.997 

.648 

.997 

.731 

.997 

.833 

.997 

.910 

.997 

.997 

.997 

1.51 

2.42 

3.77 

5.12 

8.08 

0.98 

1.77 

3.15 

4.68 

8.0 8 

43.0 

320 

2.4 

95 

0.535 

15 

0.265 

2.26 

0.087 

0.175 

00 

320 

13.5 

95 

0.88 

15 

0.325 

2.26 

0.087 

0.175 

7.44 

39.58 

28.04 

8.53 

2.01 

- 

7.04 

17.05 

6.95 

2.01 

85.60 

33.05 

.‘.  Miner's  Kule  estimate 
Corrected  estimate 
Actual  average  result 

*  Miner/Actual 
Corrected/ Actual 


=  11.7  programmes  to  failure 
=  2 8.7  programmes  to  failure 
=  30.9  programmes  to  failure 

=  2^8 
=  0.93 
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TABLE  2. 


DAMAGE  CALCULATION  TO  FIND  THE  EFFECT  OF  ONE  HIGH  PRELOAD  ON  A  CONSTANT  AMPLITUDE 
S-N  CURVE 


Specimen 

Material 


Test  Programme 


All  stresses  are 


Light  Alloy  Lug  Kt=  3*0  ,  p 

DTD  683  extruded  alloy  fp  =  33  T,fn  f^  =  38  T '/fa  mean  stress 

correction  index  taken  as  =  1.4 

1  application  of  0  19*65  followed  by  constant  amplitude  teat 

of  7.15  +  Sa  until  failure.  Compared  /ith  results  of  same  tests 
without  preload. 


in  *4 


+  ve, tension. 


From  Table  2 


act  ce/Yi) 


and  use  Fig.  9  to  de 
2  3 


18.75 

40.20 

2.70 

tion,  all  the 

other  teste 

33.0 

No 

-19.70 

No 

1 

By  iaapee 

N/A 

-19.70 

0 

-19.70 

are  tu.au  wjpe 

UU  •  i 

20.50 

-17.00 

+  1.75 

0.984 

constant 

constant 

for  all 

for  all 

tents 

tests 

- 

21.45 

constant 

18.75 

16.08 

13.41 

10.  VI 

9.36 

fc.«J 

5.355 

4.02 

40.20 

37.53 

34.66 

32.16 

30.81 

28.1*. 

26.805 

25.47 

2.70 

5.37 

8.04 

10.74 

12,09 

14.76 

16.095 

17.43 

34.15 

33.90 

33.80 

33-60 

33.50 

55.40 

33.25 

33.20 

No 

Ho 

No 

No 

No 

No 

No 

No 

Yes 

Yes 

Yes 

No 

No 

No 

No 

No 

«. 

No 

No 

No 

No 

No 

3 

3 

1 

1 

1 

1 

1 

-6.05 

-3.63 

-1.06 

0 

0 

0 

0 

0 

0 

0 

0 

0 

0 

0 

C 

0 

-6.05 

-3.63 

-1.06 

0 

0 

0 

0 

0 

15.40 

17. 8? 

20.39 

21.45 

conntant - 

>• 

.720 

.654 

.585 

•  550 

constant - *• 

4.58 

5.56 

2.66 

2.00 

1.75 

1.25 

1.00 

0.75 

.0205 

.032 

.055  0.096 

0.125 

0.51 

0.80 

5 

.0142 

.0257 

.0562  0.109 

0.117 

0.219 

0.489 

.595 

1.44 

1.25 

0.98 

0.83 

1.0? 

1.42 

1.64 

3,4 

Source :  Ref,  2 


o  —  results  without  preload 
A  —  »  after  » 


%  1^06  \ 

ATT 


'.ff 


O  &v. 

>s_ _ _ : 

\s 


Oh 


::  after  preload 

1 

1 

& 

~e~ 

6.  Effect  of  EiJDU  correction  on  the  estimated  endurance  alter  a  single  high 
preload,  compared  with  test  results  and  the  endurance  curve  obtained  from 
testo  without  preloads. 


®  Smax  el$  *p 

A  S  >f  but  <1.35  f 

max  el  p  P 

S  Smnx  el>‘-55  fp 

•  Smaxel>1*»f(7075-T6) 


Tagged  points  arc  from  Table  Z 
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MINER'S  RULE  ESTIMATE  /  ACTUAL  ENDURANCE 


Fig.  7.  Comparison  of  endurance  estimates  based  on  Miner’s  Kule  with  or  without 
the  ESDU  correction. 
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Fig.  8  Curves  showing  extent  of  cyclic  strain-hardening  likely  in  202*t-T3,  -T4 

and  7075-T6  Al.  alloys 


Fig,  9.  Correction  for  tt  in  Type  2  and  3  cycles  to  account  for  Bauschingor  effect. 


Tne  sign  of  & H  is  always  taker  sc  that  it  reduces  the  numerical  value  cf  H. 
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FATIGUE  LIFE  PREDICTION 
-  A  Somewhat  Optimistic  View  of  the  Problem 


by 


Dr.  Ing.  Walter  Schtitz 

Industrieanlagen-BetriebsgesellscbaSA  mbH 
801 2  Ottcbrunn,  EinsteinstrsBe,  Germany 


SUMMARY 

An  exceptional  lack  of  correlation  between  the  fatigue  life  predicted  from  calcu¬ 
lations  and  tests  and  the  service  life  actually  obtained  has  been' reported  many  times. 

This  may  be  due  to  one  or  several  of  the  following  causes s 

1 .  Incorrect  load  spectra  were  assumed  in  the  calculations  and  applied  in  the  tests  in¬ 
cluding  the  full  scale  test. 

2.  Miner's  Rule  was  used  in  the  life  calculations. 

3.  Unexpected  failures  occurred,  starting  from  material  flaws  in  non  redundant  structure 
built  of  high  strength  materials. 

k.  The  load  sequence  in  the  tests  including  the  full  scale  test  was  too  much  simplified. 

It  is  suggested  in  the  paper  that  major  improvements  in  the  accuracy  of  fatigue  life 
prediction  should  be  possible  using  modem  methods  and  modem  data.  These  are  compared 
to  hitherto  existing  methods  for  life  calculations  in  the  design  stage,  for  component 
testing  and  for  the  full  scale  fatigue  test. 

Reference  is  also  made  to  other  papers  of  the  necture  Series,  in  which  the  problem  areas 

l.  -  4.  mentioned  above  are  discussed  in  greater  detail. 


i.  INTRODUCTION 


The  perplexing  lack  of  correlation  between  the  fatigue  life  required  by  the  opera¬ 
tor,  "successfully  demonstrated"  by  tests  and  the  actual  service  life  has  been  well  docu¬ 
mented  /T  -  67  especially  for  military,  mostly  tactical,  aircraft,  Althougn  a  s'. steer 
factor  of  four  usually  ib  applied  to  the  full  scale  test  result,  this  has  not  prevented 
fatal  accidents  occurring  at  one  third  or  less  of  the  "proven"  fatigue  life,  i.  e,  the 
service  failure  happened  at  one  twelfth  or  less  of  the  test  life.  This  regrettable  sit¬ 
uation  has  net  improved  in  recent  years;  or.  the  contrary,  seme  very  modem  aircraft  types 
have  oeen  especially  bod  in  this  respect. 


The  automobile  noustry,  on  the  other  hand,  has  been  quite  successful  in  Germany  to 
ensure  a  sufficient  life  of  the  fatigue  critical  components  of  motorcars,  without,  how¬ 
ever,  overdesigning  them  appreciably.  Moreover  it  routinely  establishes  a  reasonable  cor¬ 
relation  between  the  fatigue  life  of  these  components  under  straightforward  (i.  e.  block 
programme)  tests  and  service  life  on  the  proving  ground.  Naturally  the  problem  for  the 
automobile  designer  is  much  simpler  than  for  the  aircraft  designer  because 

-  the  critical  suctions  are  usually  known 

-  the  parts  are  monolithic 

-  the  stress  concentration  factors  are  known  or  can  be  easily  measured 

-  the  materials  are  medium  strength  steels  which  are,  among  other  things,  not  sensitive 
to  quasistatic  changes  of  mean  stress,  if  these  occur;  they  are  also  very  forgiving 
with  regard  to  flaws 

->  there  is  a  ’unique  relation  between  load  or  deflection  and  stress  which  can  ts  cal¬ 
culated  and  calibrated  easily 

-  and  the  proving  grour.a  spectra  are  well  known 
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The  above  factors  precisely  describe  why  the  correlation  between  predicted  and  ac¬ 
tual  life  is  not  so  good  for  aircraft: 

-  the  critical  sections  are  usually  not  known  and  car.  be  determined  by  calculation  on¬ 
ly  with  difficulty,  e.  g.  by  Jarfall's  stress  severity  factor  concept  /77, 

-  the  parts  are  usually  built  up  of  sheet  rivetted  to  stiffeners  etc.  with  the  attend¬ 
ant  danger  of  fretting,  multiple  crack  initiation,  scatter  in  production  quality  and 
fatigue  life  etc. 

-  the  stress  concentration  factor  is  not  known  or  is  practically  meaningless,  as  for 
lugs . 

-  the  materials  are  high  strength  Al-  Ti-  and  Fe-alloys  extremely  sensitive  to  changes 
in  mean  stress  which  occur  tv/ice  every  flight,  and  to  smali  flaws. 

-  the  accelerations  measured  at  the  c.  g.  are  in  some  cases  not  related  at  all  the 
loads;  the  relation  between  load  and  stress  at  the  critical  section  is  complex  in  ev¬ 
ery  case. 

-  and  the  load  spectra  are  not  v/ell  known  and  can  be  measured  only  v/ith  difficulty. 


If  the  present  unsatisfactory  situation  is  to  be  improved,  one  or  preferably  ail  of 
the  above  shortcomings  must  be  improved.  V/ith  this  in  mind,  the  methods  used  up  to  now 
for  fatigue  life  prediction  in  the  various  phases  of  ar.  aircraft  programme  are  described 
in  the  paper,  followed  by  the-  refinements  immediately  possible  using  available  methods 
and  data.  Next,  potential  improvements  are  discussed  using  methods  and  data  which  will 
presumably  become  available  m  a  few  years.  Finally  recommendations  for  future  research 
and  investigations  are  made.  Naturally  not  all  topics  can  be  covered  extensively  in  one 
paper,  nor  is  the  author  an  expert  in  all  these  areas.  Therefore  reference  will  be  made 
where  applicable  to  other  papers  of  the  Lecture  Series  and  of  the  open  literature. 


For  the  purposes  of  the  paper  the  various  stages  in  the  development  of  an  aircraft 
structure  are  divided  into  four  phases: 

-  Design 

-  Construction  and  Development 

-  Prototype 

-  Production  and  Service 

The  four  phases  can  be  characterized  as  follows:  * 


1)  Design  Phase: 

-  The  design  philosophy,  i.  e.  safe  life,  safe  crack  growth,  fail  safe,  is  fixed. 

-  No  testing  on  components  is  possible. 

-  Comparative  tests  for  notched  specimen  fatigue  behavior,  crack  propagation,  residual 
static  strength,  fracture  toughness,  stress  corrosion  susceptibility  etc.  is  possible 
on  candidate  materials. 

-  General  fatigue  data  on  notched  specimens  or  rivetted  /joints  are  available  from  the 
literature  or  former  projects;  sometimes  they  are  not  strictly  comparable  however. 

-  Similar  data  for  crack  propagation,  residual  static  strength,  fracture  toughness  etc. 
are  available  as  above. 

-  Design  changes  are  easily  and  cheaply  possible,  the  necessity  of  design  changes  for 
fatigue  reasons  is  not  v/ell  founded  in  some  cases  however. 

-  Loads  data  must  be  assumed. 


2)  Construction  and  Development  Phase: 

-  Fatigue  tests  with  small  design  details  are  possible  for  development  purposes, 

-  Toward  the  end  of  the  phase  fatigue  tests  v/ith  large  components  are  possible. 

-  Damage  tolerance  te<?tc  including  crack  propagation  on  components  are  also  possible. 


*  The  following  definitions  are  not  identical  to  those  of  the  official  procurement 
phases  in  an  aircraft  programme. 
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Design  changes  are  easy  but  more  expensive  than  in  the  design  phase. 

Loads  data  must  still  be  assumed,  but  forecast  of  the  aircraft  usage  is  available 
l'om  the  operator. 


3)  Prototype  Phase: 

-  Pull  scale  fatigue  test  is  possible  on  the  prototype  structure,  as  well  as  damage 
tolerance  tests. 

-  Design  changes  are  quite  expensive. 

-  The  prototype  is  flying,  therefore  limited  data  on  prototype  loads  are  available  to¬ 
wards  the  end  of  the  pnase. 


4)  Production  and  Service  Phase: 

-  Full  scale  fatigue  test  is  possible  on  production  structure,  as  well  as  damage  toler¬ 
ance  tests. 

-  Design  changes  are  extremely  expensive, 

-  Actual  service  loads  are  data  available  after  some  years. 

-  The  service  load  spectrum  may  change  later  because  of  different  operations. 

-  Inspection  for  fatigue  and  other  cracks  is  required  in  service  aircraft. 

-  Structural  damage  due  to  a  variety  of  reasons  must  be  repaired  in  service  aircraft. 


One  chapter  is  devoted  to  each  phase.  Individual  chapters  are  subdivided  into  the  four 
sections  described  further  above,  namely 

-  Present  status. 

-  Refinements  immediately  possible. 

-  Potential  improvements. 

-  Future  research  and  investigations  necessary. 


A  few  general  remarks  may  be  in  order  before  the  discussion  of  the  various  methods 
in  tne  four  phases:  A  theoretical  solution  of  the  fatigue  problem  is  not  to  be  expected 
in  the  foreseeable  future.  We  are  restricted,  at  best,  to  hypotheses  based  more  or  less 
on  phenomenological  observations  during  a  limited  (sometimes  very  limited)  number  of 
te'-ts.  Even  interpolation  between  test  results  is  not  without  risk,  much  more  so  extra¬ 
polation.  Therefore  it  is  the  best,  if  rather  trivial,  solution  to  simulate  what  happens 
in  service  as  closely  as  possible,  including  the  environment.  As  Schijve  said  at  the 
Agard  Conference  on  Random  Load  Fatigue  in  1972,  the  necessary  step  from  the  firm  ground 
of  reliable  test  data  to  the  labile  ground  of  assumptions  and  hypotheses  should  be  as 
small  as  possible. 


2.  DESIGN  PHASE 


2.1  Present  Status 

2.1.1  Materials  Selection 


The  main  materials  for  the  primary  structure  of  new  aircraft  have  been  selected  for 
some  years  no  longer  on  their  static  strength  alone  but  according  to  fatigue,  crack  prop¬ 
agation,  residual  static  strength,  fracture  toughness  and  stress  corrosion  properties.  A 
nigh  strength  titanium  alloy  in  the  STA  condition  has  been  dropped,  for  example,  in  one 
aircraft  project  because  of  unfavourable  residual  static  strength  and  fracture  toughness. 
Instead,  the  annealed  condition  and  Ti6A14V  (annealed)  v/ere  selected  inspite  of  their 
lower  static  properties.  For  establishing  fatigue  behaviour,  complete  S-N  curves  for  2 
to  3  different  stress  ratios  on  notched  specimens  with  a  Kt  of  3,6  have  been  used  in  Ger¬ 
many.  Sometimes  only  the  finite  life  region  was  determined  by  two  stress  levels,  if  this 
region  was  ail  that  was  required  for  a  modified  Miner  calculation,  as  explained  further 
below. 


For  crack  propagation  and  residual  static  strength  tests  sheet  or  plate  spec .mens 
160  mm  v/ide  and  320  -  400  mm  long  are  utilized,  because  a  lot  of  comparable  data  is 
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thus  available  from  the  NLR.  The  mean  stress  and  stress  level  chosen  for  crack  propaga¬ 
tion  tests  lead  to  failure  (i.  e.  unstable  fracture)  in  about  5000  to  20.000  cycles. 

The  fracture  toughness  tests  are  carried  out  according  to  the  relevant  A STM  standard  757. 
The  environment  has  usually  not  been  simulated  in  any  of  the  above  tests.  Stress  cor¬ 
rosion  sensitivity  is  still  mostly  determined  by  the  usual  alternate  immersion  test  on 
unnotched  specimens  stressed  to  a  very  high  percentage  of  twr  yield  stress. 

2.1,2  Determination  of  Fatigue  Allowables 

For  establishing  fatigue  allowables  it  has  been  customary  to  use  constant  amplitude 
data  in  the  form  of  Goodmann  diagramms  for  notched  specimens  of  the  material  in  question, 
in  Germany  for  example  with  a  stress  concentration  factor  of  3.6  or  2.5  /£,  10,  127,  in 
other  countries  the  corresponding  Mil-Hdbk  5a  data  or  the  well  known  NASA  results. 

Applying  Miner's  Rule,  assuming  a  damage  sum  of  unity  at  failure  and  a  safety  factor  of 
four,  the  life  was  calculated  under  the  assumed  load  spectrum,  wnich  enveloped  the  ground 
to  air  cycle.  This  was  considered  to  range  from  the  minimum  stress  during  taxiing  to  the 
maximum  stress  occurring  once  per  (average)  flight.  If  the  required  life,  i.  e.  4000 
hours  for  a  tactical  aircraft,  was  reached  or  exceeded,  the  corresponding  1-g  stress  was 
considered  safe,  otherwise  the  1-g  stress  was  lowered  and  the  procedure  repeated.  As  an 
added  safety  factor,  the  S-N  curves  was  sometimes  extended  to  a  stress  amplitude  of  zero 
with  the  slope  of  the  finite  life  portion,  so  that  all  stresses  in  the  spectrum  were  dam¬ 
aging. 

There  is  a  large  number  of  implicit  assumptions  in  this  method,  among  them: 

-  The  F-N  curves  of  the  structural  detail  in  question  and  the  notched  specimen  chosen 
are  identical. 

-  The  fatigue  strength  under  service-,  e.  g.  flight-by-flight-loading,  is  also  identical. 

-  The  stress  concentration  factor  was  chosen  properly. 

-  Miner's  Rule  is  valid,  i.  e.  5Lni/Ni  =  1.0. 

-  The  lead  spectrum  chosen  was  accurate. 

It  goes  without  saying  that  all  these  assumptions  are  more  or  less  incorrect  and  that 
Miner's  Rule  is  certainly  not' " the  weakest  assumption. 

The  safety  factor  of  four  mentioned  above  does  no-:  mean  m/Ni  =  1. 0/4.0  =  0.25  is 
assumed;  on  the  contrary,  it  is  necessary  for  statistical  reasons:  The  S-N  curves  used 
are  mean  or  median  curves;  if  X  nf/Nj.  =  1,0  were  valid  and  all  other  assumptions  correct 
the  calculated  life  would  still  have  a  probability  of  survival  of  lust  50  per  cent;  in 
order  to  reach  Ps  =  99.9  per  cent,  a  safety  factor  of  about  4  is  needed  at” the  standard 
deviation  s  =  0,20  advocated  for  this  purpose  by,  for  example,  Lundberg  and  others  /T4, 

\ 2J' 


In  the  U.  K.  sometimes  the  well  known  "Heywood's  curve",  an  S-N  curve  for  typical 
joints  /T27  is  used  instead.  In  one  respect,  namely  the  effect  of  fretting,  it  is  cer¬ 
tainly  superior  to  notched  specimen  curves,  Hov/ever  there  is  just  one  curve  for  all  Al- 
alloys  and  the  effect  of  mean  stress  can  be  accounted  for,  at  best7"ov  a  formula  not 


improved  since  the  194o's,  a  somewhat  sobering  thought. 


The  best  foundation,  in  the  author's  opinion,  for  determining  the  fatigue  allowables 
in  the  design  phase  is  still  a  comprehensive  experience  v/ith  previous  similar  aircraft. 
"Comprehensive  experience"  and  "similar  aircraft"  in  this  context  may  need  some  explana¬ 
tion;  Pure  design  experience  is  a  help,  but  it  is  certainly  not  enough.  The  proof  of  the 
pudding  is  still  the  service  experience  with  a  sufficiently  large  number  of  aircraft  of 
one  type  which  have  accumulated  a  high  number  of  flying  hours  each.  To  be  comparable,  the 
aircraft  must  be  built  of  similar  materials,  similar  joining  methods  and  constx-uction 
principles  must  be  used  etc.  Thus,  not  many  firms  can  actually  claim  comprehensive  expe¬ 
rience.  In  many  cases,  it  is  not  available  anywhere,  for  example  with  titanium  structure, 
electron-beam  welding  as  a  joining  method  etc.  Even  with  2024  -  75  the  existing  data  may 
not  be  strictly  comparable;  in  one  new  aircraft,  for  example,  2024  -  T35'i  is  used  in  much 
thicker  sections  than  in  any  previous  .  craft.  Unexpected  problems  may  therefore  appear; 
for  example  the  fracture  toughness  of  ,  .,im  plate  of  2024  -  T351  was  somewhat  lower  than 
estimated,  namely  about  1100  N  •  mm  (21  Ksi  •  Tin),  somewhat  less  than  7075  -  T73. 
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2.1.3  Residual  Static  Strength 


The  critical  crack  length  under  limit  stress  conditions  (=  1-g  stress  times  limit 
load  factor)  is  also  sometimes  calculated,  using  the  Kic-values  determined  in  the  ma¬ 
terials  selection  process  and  assuming  certain  crack  shapes  and  locations.  The  most 
doubtful  assumption  here  is  that  the  Kic-value  determined  from  a  cracked  specimen  with 
a  certain  crack  shape  is  similar  to  the  Kic  in  the  structure,  where  the  c rack  shaoe, 
the  kind  of  stressing,  the  material  properties  and  the  environment  will  certainly  be 
different. 


2.1.4  Design  Philosophy 


The  design  philosophy,  i.  e.  safe  life  or  fail-safe  will  also  influence  the  mate¬ 
rials  selection,  the  fatigue  allowables,  the  residual  static  strength  calculations  etc. 


2.1.5  Load  Spectrum 


In  establishing  the  load  spectrum,  one  must  completely  rely  on  similar  aircraft  ex¬ 
perience.  It  Is  therefore  a  great  help  if  earlier  measurement  programmes  have  been  set 
up  such  that  not  only  the  loads  on  that  particular  aircraft  type  could  be  determined, 
but  also  information  for  the  design  of  new  types.  Good  examples  of  this  policy  have  been 
presented  by  Buxbaum  in  /T6  -  18/7  There  may  still  be  difficulties,  if  new  operations 
are  envisioned  for  the  aircraft“in  question,  such  as  terrain  following.  Usually  at  this 
stage  not  even  the  planned  utilisation  (mission  mix  etc.)  can  be  forecast  reliably,  at 
least  for  military  aircraft. 


2.2  Refinements  Possible  Immediately 


2.2.1  Materials  Selection 


The  author  considers  the  materials  selection  process  described  above  quite  adequate 

at  the  moment,  with  a  few  exceptions: 

-  Stress  corrosion  susceptibility  should  be  tested  on  cracked  specimens,  because  of  the 
well  known  sensitivity’ of  some  materials,  notably  Ti-alloys,  to  stress  corrosion  xn 
the  cracked  condition.  A  further  advantage  is  that  a  number  (Kjscc)>  characteristic 
for  that  material  and  environment,  is  obtained,  suitable  for  calculating  allowable 
stresses  on  a  fracture  mechanics  basis.  The  specimen  developed  by  niper  /Tg ~J  is  to  be 
preferred  to  that  of  Brown  {20 ~f  because  with  the  former  type  a  complete  stress-time- 
curve  can  be  obtained  using  just  one  specimen.  A  still  better  idea  is  to  perform  com¬ 
parative  tests  both  on  unnotched  and  on  cracked  specimens  in  order  to  see  if  both 
methods  rate  materials  in  the  same  order;  for  some  AIZnMgCu-alloys  this  was  the  case 
/?17.  Some  further  refinement  aopears  necessary  for  stress  coxrosion  testing  and  is 
discussed  in  chapter  2.3.1. 

-  If  it  is  known  in  this  phase  that  novel  joining  methods  are  to  be  used,  like  electron 
beam  welding,  the  materials  should  be  tea  Led  in  the  joined,  e.  g.  EB~welded  conditions, 
A  redesign  of  major  components  to  a  conventional  joining  method  will  be  very  expensive, 
if  not  impossible,  later.  All  materials  properties  mentioned  above  should  be  tested, 
otherwise  a  grave  midjudgement  is  possible.  For  example,  at  the  IABC-  fatigue  tests 
were  carried  out  on  electron-beam  welded  2024  -  T3  sheet  specimens  /?-£J .  By  optimising 
the  welding  parameters,  it  was  possible  to  obtain  a  fatigue  strength  at  10?  cycles  of 
about  80  per  cent  of  the  unnotched  fatigue  strength,  far  better  than  any  other  joining 
method  conceivable.  But  the  fracture  toughness  of  the  2B-weld  was  quite  low,  only  a- 
bcut  75  per  cent  of  the  unwelded  material,  see  fig,  1,  High  fatigue  strength  alone 
thus  does  not  tell  the  whole  story;  on  the  contrary  it  could  lead  to  the  selection  of 
high  allowable  stresses;  possibly  the  static  safety  factor  of  1.5  against  ultimate 
would  be  considered  sufficient,  with  dire  consequences  when  flaws,  for  example  welding 
porosities,  welding  cracks  etc.  were  present  or  battle  damage  would  occur. 

-  If  the  materials  selected  v/ill  be  employed  in  an  aggressive  environment,  the  various 
tests  mentioned  (fatigue  crack  propagation  etc.)  should  be  carried  out  in  this  environ¬ 
ment,  which  may  however  be  difficult  to  define.  For  example  the  high  residual  static 
strength  of  some  low  alloy  steels  decreases  alarmingly  below  -50°C,  a  temperature  which 
will  certainly  occur  in  service.  Fig.  2  shows  this  effect.  For  determining  the  effect 
of  saltwater  on  the  fracture  toughness  of  TiSAl4V  the  following  procedure  was  adopted 
for  a  certain  aircraft  project:  A  precrocked  ASTM  three  point  bending  specimen  was 
loaded  'to  about  25  per  cent  Kjc  in' artificial  seawater  according  to  DIN  50  900  at  con¬ 
stant  temperature  and  p-h- value  for  several  hours.11  Afterwards,  it  was  broken  by  in- 
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This  short  time  In  the  corrosive  fluid  by  the  way  might  not  be  enough  for  other  mate¬ 
rials  like  Al-alloys. 
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creasing  the  load  to  failure,  Kjc  was  determined  per  ASTM  standard  /87.  and  compered 
with  Kxc  determined  in  air.  Results  are  shown  in  fig.  3.  This  low  constant  load  in 
the  corrosive  environment  is  considered  to  be  mere  representative  of  actual  service 
than  the  usual  step  loaded  tests  at  high  percentages  of  Kjc  Z?l7.  because  the  con¬ 
stant  1-g  stress  in  an  aircraft  is  also  only  a  small  fraction  of  the  failure  stress 
even  if  cracks  are  present.  Thus  corrosion  damage,  if  any,  is  done  at  low  constant 
stress,  failure  occurs  at  a  single  high  stress  cycle. 

The  residual  static  strength  of  cracked  sheet  or  plate  specimens  has  been  calculated 
mostly  as  the  maximum  load  at  fracture  divided  by  (W  -  2  10)  *  t,  the  uncracked  are? 
at  the  end  of  the  -rack  propagation  test,  i,  e.  staole  crack  extension  under  t».e  rising 
load  of  the  residual  strength  test  was  neglect'd;  this  hat  two  effects:  ho  depended  on 
crack  length,  even  for  specimens  of  identical  thickness  and  width  and,  on  the  -whole. 

Kc  was  too  low.  Liebowitz  and  Eftis  /?S7  have  published  a  method  to  cor r*r*  for  these 
deficiencies.  Tests  at  the  IABG  /a£  have  shown  that  this  method  indee-’  gj.ves  an  im¬ 
proved,  if  somewhat  too  high,  Kc-value,  see  fig.  A.  However,  film  •  oi  the  ora-/, 
during  the  test  and  inserting  the  crack  length  immediately  before  unstable  fra . .ure 
lc  into  the  calculation  for  Kc  is  to  be  prefered  and  should  be  u.ed  from  now  -n. 


2.2.2  Fatigue  Allowables 


The  establishment  of  -'atigue  allowables  can  be  impr^.  'ed  by  assuming  £  n- ,  iij.  =  .6; 
if  high  temperatures  occur,  which  appreciabi’  _ower  the  y  a’.o  strength, Tnj/Mi  -  .3 
should  be  used.  A  comprehensive  analysis  /?t7  if  about  f~  -‘light- .-/-flight  test  §"~-es 
taken  from  the  literature  (mostly  NASA,  1BF7  ARL)  cr  car-iec.  out  at  the  IABG  /?5/  -as 
shown  about  50  per  cent  of  the  test  series  to  reach  or  exceed  a  damage  sum  at  failure 
of  .6;  at  higher  temperatures,  this  va.t.e  decreases  to  .3.  see  fig.  5.  Further  if  S-N 
curves  of  joints  similar  to  the  ones  to  be  designed  are  available,  they  should  be  u:d 
instead  of  notched  specimen  curves. 


2.2.3  Residual  Static  Strength,  "rack  Propagation 


Improvement  is  also  possible  ir  the  .rack  pregig  t_on  and  r^iidc  :  static  strength 
area.  Especially  if  the  aircraft  or  the  structural  menoer  in  question  is  designed  to  the 
safe  life  or  the  safe  crack  growth  philosophy  as  defined  ’ r  /Z67  i:  is  -xtremelv  impor¬ 
tant  to  consider  +he  effect  of  the  allowable  fatigue  stress  on  track  -’-tpagation  os  early 
as  possible.  With  modem  design  the  stress  at  limit  load  factor  can  be  as  n_gn  -■ 

Ftu/1-5>  at  least  for  short-lived  tactical  aircraft.  The  result  of  the  assumed  stress 
spectrum  on  crack  propagation  should  at  this  stage  be  ana.  -sea  by  calculation.  It  should 
be  assumed  that  flaws  of  a  certain  size  and  shape  are  pres©..t  .n  the  material  xrom  t— e 
beginning:  additional  flaws  may  occur  during  manufacture  of  the  compone-"  i-  quest_ir., 
e,  g.  welding  porosity,  welding  cracks  etc.  The  Forman  equation 


d21  c  •  A  Kn 

air  =  rnr^r.-xT^zif 
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has  been  proved  by  several  research  laboratories  to  give  the  best  appi uximati on  to  test 
results  for  many  aircraft  structural  materials.  Figs.  6  and  7  show  some  examnlLt  of  re¬ 
sults  obtained  at  the  IABG  /?£7.  It  was  demonstrated  by  these  tests  that  the  constants 
C  and  n  in  the  equation,  determined  by  a  few  tests  at  cne  stress  amplitude  and  mean  otreoo, 
can  be  used  for  other  mean  stresses  and  stress  amplitudes  with  reasonable  accuracy  as 
long  as  R  =  0.  For  R  t  0,  they  must  be  derived  from  new  tests  at  R  =  -1 .  It  was  also  dem¬ 
onstrated  that  the  portion  of  the  stress  amplitude  below  zero  cannot  be  neglected  fui 
some  medium  strength  materials  (e.  g.  2C24  -  T3  or  Vasco jet  90),  while  for  high  strength 
materials  (e.  g.  7075  -  T6  or  maraging  steel)  it  can,  see  fig.  8. 


The  Forman  equation  was  originally  intended  for  constant  stress  ampiitudes.  It  can 
also  be  used  for  variable  stress  amplitudes  by  calculating  the  crack  propagation  per  in¬ 
dividual  cycle,  neglecting  the  well  known  retardation  by  cycles  with  high  maximum  stresses. 
It  is  suggested  that  in  the  design  phase  this  very  simplified  procedure  is  good  enough  at 
the  moment  for  the  following  reasons: 

-  The  calculation  :s  simple,  many  firms  already  have  computer  programmes  for  the  Forman 
equation. 

-  A  deterministic  sequence  of  the  loads,  as  requireu  by  all  of  the  methods  which  cake 
retardation  into  account,  is  not  needed  except  near  nor  is  it  available  at  this 
time,  if  ever. 

-  All  the  other  para.neloi u  mvulvr.j,  !.  »  stresses,  design  details  etc.  are  still  very 
inaccurate  at  this  stage. 

-  The  result  is  conservative.  This  conservatism  is  very  useful  when  the  ’-eight  of  the 
aircraft  increases  later,  as  it  certainly  will. 


10-7 


For  residual  static  strength  or  fracture  toughness  calculations,  the  critical  crack 
length  should  be  calculated  and  compared  to  the  sensitivity  of  the  NDI  methods  envis¬ 
ioned  when  the  aircraft  is  in  service.  The  sensitivity  of  the  NDI  method  must  be  .judged 
in  a  statistical  basis  under  service  conditions,  not  on  single  fortuitous  results  under 
—-.coratory  conditions.  Numerical  data  are  available  in  the  literature  £$Q,  31.7  •  When  the 
regions  of  the  structure  for  which  fracture  mechanics  calculations  are  performed,  have 
discontinuities  of  very  large  size,  like  cutouts  or  wing  pivot  lugs  for  v.  g.  aircraft, 
the  nominal  stress  must  not  be  used,  as  sho\/n  by  one  such  case  in  Germany.  Instead  the 
nigher  stress  level  m  the  vicinity  of  the  discontinuity  must  be  substituted  in  the  cor- 
re; — "ding  : racture  mechanics  equation. 


.2.  Des..v  Philosophy 

to r  new  -.-craft,  only  the  fail-safe  or  the  safe  crack  growth  design  philosophy 
toler'-.ce  the  definition  of  /?6 7)  should  be  allowed,  because  with  the  pure 
s«re-!l-  ie  approach  v-c  man:  structural  failures  have  occurred.  For  designs  which  are  al- 
reet  .  — mtte--  to  the  safe  life  philosophy,  a  calculation  of  the  crack  propagation  and 
of  -ciiua.  static  strength  should  be  mandatory  in  this  phase,  to  be  verified  later 

.n  tne  _ 1  .caie  test  programme. 

.am---*  Tolerance  i~  required  cf  the  structure  for  several  reasons: 

-  rccas:  i-'.l  meter. al  ilv.  s  have  net  been  detected  during  manufacture  and  which 

may  os  reset-  ir.  onl;  one  • -  «  few  aircraft  and  not  m  the  full  scale  test  article 
'I  '-example  . 

-  .'tic-M  cc-rosion  cr.  .-os,  iz.-eiwr  objects  damage  and,  last  not  d.east,  battle  damage. 

-  lo  ensu”’  .dtas'.'ini  *  -lure  "hen  the  full  scale  test  has  not  yet  been  per- 

forrec  (see  section  n.i.' 

I...  manger  rf  lac/,  of  cor:  Z  r.  r,  between  the  f’  j.  scale  test  life  and  the  service 


~t  ;h; uli  c<“  notes  mat  ..c--  ;.rs*  two  ^eas^ns  would  also  apply  if  no  repeatea  2. ids  ..'ould 
occ-r. 


:  otent-al  Imp-  .i.  -- 


.  ’  Naterui-  -els  *ior. 


'  consider^'  .  i.  . rovemen-  .n  the  materials  selection  process  will  be  possible  if 
-..e  ■t-at-  .e  proper  uwo’  11  r'  longer  Kc  judged  on  constant  amplitude  tests,  but  on  ran- 

_cm.  o” ---  .y-flight  tec- s .  *  .  author’s  knowledge,  there  are  at  least  four  research 

;nr  tres  '‘C-.r/aj  present: 

-  ""sts  with  a  star.du/'cliz.-.  random  process  sequence  on  three  aeronautical  materials, 

-  T3,  "16  -V  ey  i  mar -’■mg  steel.  This  is  a  cooperative  programme  between  the  LBF 
4i»'  the  Zrl  ..  A  gene-!  a*!  ...table  pseudo  random  sequence  is  being  developed  and  will 
be  u--  ,  is  tying  -hecret.  *al  and  practical  requirements.  For  example  Markovian 

-ransi^rons  /.ill  b-  useu  t.  ^void  the  (in  service)  ver.  unlikely  or  even  impossible 
occurrei  e  of  a  very  large  stress  excursion  following  a  very  small  stress  excursion, 

I  anting  time  muc+  not  zi  too  long  etc.  Additional  details  are  given  in  /?27. 
iiuUi,  *  -[<  ii„_,  th  ->!■)--  3.6  are  employed;  all  results  will  be  avails  ole  in  197A. 

It  is  postulated  that  this  or  a  similar  sequence  is  more  universally  useful  for  the 
lictej  ;,In  ’tion  of  fatigue  properties  ^han  flight-by-flight  tests. 

-  Three  different,  typical,  automotive  loan  spectra  have  been  standardized  and  are  being 
applied  j.n  random  testc  to  typical  automobile  components  like  -/le  spindles  in  a  large 
cooperative  programme  of  the  Cummulative  Damage  Subcommittee  of  the  Division  A  Com¬ 
mittee  "Residual  stresses  and  Fatigue"  of  the  Society  of  /utomotive  Engineers.  One  of 
the  objectives  of  this  programme  is  the  generation  of  -aterial  information  for  desigr 
purposes.  Details  we re  recently  given  by  Jaeckei  /f37- 

-  Standardized  flight-by-z Light  tests  with  a  gust  load  spectrum.  In  addition  to  "etched 
.  (..limti:;  uf  :s:  .h-uU-ul  Al-alloys,  typical  riveted  sing?®  and  double  shear  jo.cts 
are  employed.  V.ith  the  single  shear  joints  sever*]  values  of  secons-ry  bending  a/' 
applied  as  this  does  influence  the  fatigue  life.  Th  -"suits  /,  11  be  /ailable  in 
for  further  details  see  /547- 

-  dander  lib  :  fliHLt-b> -flight  tests  with  a  maneuver  load  spectrum.  Tn.r  : s  c  opera¬ 
tive  psograi-imfe  between  MLR,  LBF  and  IABG  and  will  start  m  "373.  Toad  and  tr*.'  se¬ 
quences  typical  for  various  fighter  operations  li.  ’  ground  attack  etc.  ha.o  Ire  .■/ 
been  measured  fy  *-he  Mir.  The  specimens  will  again  be  typical  joints  and  noten-  d  fi  - 

rz . 
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In  a  relatively  short  time,  we  will  therefore  have  available 

••  standardized  sequences  for  components  stressed  by  flight-by-flight  loading  under  ma¬ 
neuver  or  gust  spectra  as  well  as  for  components  not  exposed  to  the  g.t.a.c.  and 

-  data  on  the  fatigue  behaviour  of  some  materials,  partly  even  .in  the  form  of  riveted 
joints,  under  standardized,  but  realistic  loading. 


If  it  could  be  established  that  for  materials  rating,  which  is  qualitative  anyway,  one 
pseudo-random  sequence  would  be  good  enough,  a  lot  of  tests  could  be  saved.  For  example, 
in  crack  propagation  tests  on  2024  -  T3,  7075  -  TC  /357  and  Ti6Al4V  /367  under  similar 
flight-by- flight  loading  to  a  gust  spectrum  the  omission  of  the  g.t.a.c.  gave  even  quan¬ 
titatively  similar  results,  i.  e.  an  increase  of  the  number  of  flights  to  a  certain  crack 
length  of  45  to  75  per  cent. 


For  rating  the  fracture  toughness  of  materials,  the  ASTM  standard  /57  in  force  at 
the  time  should  be  sufficient.  It  is  to  be  expected  / 377  that  a  similar  standard  will  be 
developed  for  thinner  sections  where  plane  stress  conditions  prevail.  Crack  propagation 
tests  employing  the  standardized  sequences  mentioned  above  should  also  be  available  in  a 
few  years'  time. 


The  one  other  area  where  large  improvements  are  necessary  and,  indeed,  possible  in 
the  near  future  is  the  effect  of  the  environment  on  the  materials  properties  of  interest 
here.  This  is  especially  true  for  stress  corrosion  tests,  where  "SCC  testing  must  take 
on  broader  dimensions  than  the  important  but  incompl  rte  story  told  bv  600  seconds  of  im¬ 
mersion  in  3.5  %  I!aCl  solution  followed  by  3000  secrnds  out  of  it"  (Anderson  in  £5&7) •  As 
Anderson  suggested  in  that  paper  the  actual  load  sequence  including  hold  times  migKt  have 
to  be  simulated  in  order  to  get  data  of  engineering  significance.  \Ie  then  no  longer  have 
9  stress  corrosion  test  in  the  present  meaning  but  a  corrosion  fatigue  test. 

Hr.  Anderson  will  present  detailed  information  on  this  subject  at  the  Lecture  Series  ^97. 
If  the  hold  times  occurring  in  service,  for  example  on  the  upper  wing  surface  of  an  air¬ 
craft,  must  be  simulated  in  actual  time,  these  will  indeed  be  expensive  tests:  Even  tac¬ 
tical  aircraft,  which  have  a  required  life  of  only  4000  flying  hours  must  last  for  15  to 
20  years,  not  much  shorter  than  civilian  transports.  Research  is  urgently  necessary  in 
these  respects,  see  section  2.4.1, 


2.3.2  Fatigue  Allowables 


Progress  is  also  to  be  expected,  when  the  fatigue  allowables  are  no  longer  deter¬ 
mined  by  constant  amplitude  tests,  v/ith  the  attendant  assumption  that  Miner's  Rule  is 
valid.  Rather,  the  results  of  standardized  random  or  flight-by- flight  tests,  even  on  some 
typical  joints,  will  be  available  for  that  ;urpose,  If  new  tests  are  necessary  because  of 
new  materials  and/or  joining  methods,  these  standardized  sequences  should  be  used.  How¬ 
ever,  when  the  load  spectrum  of  the  aircraft  in  question  is  known  to  differ  from  the 
standardized  spectrum,  some  sort  of  damage  accumulation  hypothesis  must  still  be  used. 
Employing  Miner's  Rule  only  as  a  transfer  function,  the  life  under  the  different  spectrum 
can  be  calculated.  It  is  not  necessary  in  this  case  that  the  damage  sum  is  unity,  as  pos¬ 
tulated  by  Miner,  but  only  that  the  damage  sum  is  similar  for  the  various  spectra  ("rel¬ 
ative"  Miner's  Rule).  This  t  ypcthesJ s ,  as  demonstrated  in  /?57  and  JpQj ,  gives  reliable  re 
suits,  as  long  as  the  spectra  do  no-1-  differ  too  much  as  to  sEape  ana  severity  I  would 
like  to  come  back  to  the  remark  at  the  beginning  of  the  paper:  The  necessary  steps  from 
reliable  test  data  to  nearly  calculated  data  must  be  as  small  as  possible!  The  effect  of 
changes  in  spectrum  shape  and  severity  on  fatigue  life  will  be  investigated,  by  the  way, 
in  several  of  the  cooperative  programs  mentioned  in  section  2.2.2,  so  it  will  be  known 
in  the  near  future  if  the  relative  Miner  Rule  is  generally  applicable. 


2.3.3  Fracture  Toughness 


We  will  certainly  see  a  requirement  to  the  materials  producers  to  guarantee  minimum 
KlC-values  for  their  products.  Some  producers  already  are  willing  to  give  such  guarantees, 
for  certain  materials;  several  aircraft  firms  already  require  minimum  fracture  toughness 
for  specific  applications.  Progress  must  be  made  in  the  calculation  of  the  critical  sizes 
of  actual  flaws.  For  example,  the  quenching  crock  shown  ir  figs.  9  aud  10  gave  a  lower  Kic 
than  a  corresponding  fatigue  crack.  This  may  t-  due  to  the  embrittling  or  corroding  in¬ 
fluence  of  the  quenching  medium  or  to  the  greaser  sharpness  of  the  quenching  cra<-K  tip  or, 
most  probably,  to  a  combination  thereof.  This  result  again  poi-.ts  to  the  effect  of  the 
environment  on  all  the  properties  in  which  we  are  interested  and  which  will  have  to  be 
investigated  in  the  near  future. 


*  Mr.  Crichlow  will  present  simile''  techniques  Lockheed  ha:  boon  using  for  many  years  at 
the  Lecture  Series  /PPJ  • 
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The  scatter  of  Kjc  will  also  have  to  be  taken  into  account,  because  the  present 
Method,  using  mean  Kic-values,  implies  a  probability  of  fracture  of  50  per  cent.  In  the 
literature  there  is  a  fair  amount  of  data  shewing  statistically  evaluated  Kic-values 
/567;  at  the  IABG  we  have  found  £p>7 ,  587  that  s  =  0.05  is  a  conservative  standard  de¬ 
viation  of  the  fracture  toughness  of  a“large  number  of  different  aeronautical  materials, 
when  the  specimens  were  taken  out  of  the  same  plate  or  forging,  see  fig.  11.  For  spec¬ 
imens  taken  out  of  different  plates  or  forging,  extremely  large  variations  of  Kic  have 
been  reported  for  one  steel  at  least,  by  Wood  £7^7. 


When  welding  is  ulitizea  as  a  principal  joining  method,  as  in  several  modern  air¬ 
craft,  it  must  be  assumed  that  several  pores,  not  just  one,  will  be  present  in  the  weld¬ 
ment.  There  is  a  test  programme  underway  at  the  IABG  at  the  moment  to  investigate  the 
effect  of  these  multiple  flaws,  which  are  usually  not  crack  shaped,  on  fracture  toughness 
and  other  properties.  A  similar  problem  has  to  be  solved  for  riveted  joints  -where  mul¬ 
tiple  crack  initiation  can  occur  under  the  rivet  heads. 


2.3.4  Crack  Propagation 


We  should  be  able  to  calculate  crack  propagation  under  variable  amplitude  loading 
with  reasonable  accuracy  in  a  few  years'  time,  using  methods  which  take  retardation  by 
high  maximum  stresses  into  account.  Mr.  Wood  gives  an  overview  of  this  important  topic 
in  this  lecture  Series  [p2j .  Several  methods  are  available  in  the  literature  fp 3  -  467, 
none  however  has  been  compared  extensively  to  test  results.  It  would  be  a  very  worthwhile 
engineering  effort  to  check  the  accuracy  or  otherwise  of  these  various  techniques  against 
the  relatively  large  number  of  random  or  flight-by-flight  crack  propagation  tests  avail¬ 
able  at  present;  in  the  near  future,  more  test  results  will  become  available,  for  example 
under  the  standardized  sequences  described  in  section  2.3.1.  Fundamentally  the  method  of 
Habibie  Jp 3,  44,  347  should  be  superior,  if  only  because  it  requires  a  realistic  flight-by¬ 
flight  or  random  test  as  a  basis;  thus,  "the  step  from  reliable  test  data  to  merely  cal¬ 
culated  results"  is  small.  For  a  flight-by-flight  load  sequence  used  by  the  MLR  /357  and 
later  by  the  IABG  fp 67  on  2024  -  T3.  7075  -  T6  and  Ti6A14V  sheet  specimens,  Habibie  dem¬ 
onstrated  good  correTatior.  between  tests  and  calculations.  A  practical  disadvantage  is 
that  a  flight-by-flight  test  is  first  necessary  to  determine  the  required  constants.  This 
disadvantage  will  however  disappear,  as  soon  as  test  results  become  available  in  suffi¬ 
cient  quantities.  The  "USAF-method"  fppj  has  the  advantage  of  simplicity,  as  only  constant 
amplitude  tests  are  required;  the  necessary  calculations  are  not  too  tedious,  especially 
if  a  computer  program  for  Forman's  crack  growth  equation  £ ?7  is  already  available.  For 
example,  we  have  recently  expanded  the  Forman  computer  program  at  the  IABG  with  little 
effort  to  include  the  USAF-method. 


One  snag  is  inherent  in  all  methods  which  take  retardation  into  account:  As  the  ef¬ 
fect  of  single  high  stress  peaks  must  be  allowed  for,  the  deterministic  occurence  of 
these  peaks  must  be  known.  It  can  be  known,  if  ever,  only  after  the  aircraft  has  been  in 
service  for  a  long  time  like  the  Venom  [pi/,  and  then  not  with  any  accuracy,  as  the  loads 
occur  in  a  more  or  less  random  fashion.  TKus  a  conservative  sequence  must  be  assumed, 
i.  e.  one  with  a  small  number  of  high  loads  if  the  crack  propagation  in  an  actual  aircraft 
has  to  be  predicted. 

2.3.5  Loads  Data 


The  number  of  loads  measurements  is  steadily  increasing;  it  is  to  be  expected  that 
in  future  aircraft  types  several  representative  aircraft  per  squadron  will  be  equipped 
with  an  instrument,  e.  g.  tape  recorder,  which  continuously  records  strains  at  a  large 
number  of  points  in  the  primary  structure  as  well  as  other  important  airplane  parameters 
like  c.  g.  accelerations,  velocity,  altitude,  flap  settings  etc.  These  "recording"  air¬ 
craft  should  be  flown  by  service  (not  test-)  pilots  in  routine  squadron  service.  The 
corresponding  tape  recorders,  if  not  already  available,  will  be  developed  fp&J .  One  addi¬ 
tional  advantage  of  measuring  strains  at  many  locations  is  that  load  spectra  (strictly 
speaking  ever,  load  sequences)  will  be  available  for  those  components  for  which  there  is 
no  correlation  between  load  and  acceleration  at  the  c.  g. ,  like  the  empennage  or  the  land¬ 
ing  gear.  Such  spectra  are  not  well  known  at  present.  Every  aircraft  should  at  least 
carry  a  fatigue  meter  or  similar  instrument.  The  problems  of  measurement  with  these  ac¬ 
celerometers  will  be  presented  in  more  detail  by  Mr.  Lambert  £*<£[  at  this  Lecture  Series. 


2.4  Future  Research  and  Investigations 


2.4.1  Materials 


It  is  evident  that  the  development  of  materials,  preferably  Al-alloys,  with  superior 
fatigue,  fracture  toughness  etc.  properties  (without  loss  of  other  qualities)  would  con¬ 
siderable  ease  our  problems.  To  the  author’s  knowledge,  new  alloys  of  improved  fatigue 
strength  have  not  been  developed  on  purpose,  the  (small)  gains,  if  any,  obtained  up  to 
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now  have  been  accidental  byproducts  cf  metallurgical  and  processing  changes  for  other 
reasons,  like  the  T  73  heattreatment  cr  the  addition  of  silver  to  AIZnMgCu  alloys  to  im¬ 
prove  stress  corrosion  properties.  So  it  would  be  a  very  worthwhile  effort  to  try  and 
improve  the  fatigue  strength,  which  should  then  be  verified  by  tests  on  notched  specimens 
and  typical  .joints  under  realistic  loading,  preferably  the  standardized  sequences  men¬ 
tioned  in  2.3.1,  and  not  by  the  rotating  bending  tests  on  unnotched  specimens  so  dear  to 
metallurgists ' 

The  prospects  oi  improving  fracture  toughness  and  --‘siduaL  static  strength  and,  to  a  lim¬ 
ited  extent,  cracr  propagation  resistance  without  decrease  of  static  strength  look  much 
better.  Steels  as  well  as  Al-allcys  ha^e  already  been  developed  with  this  aim;  for  example 
the  new  AIZnMgCu  alloys  7050  and  7475  do  have  a  superior  combination  of  residual  static 
strength  and  crack  propagation  properties  as  shown  in  Jigs.  12  and  15 _/Fo7,  rompared  to 
usual  Al-alloys  like  2024  -  T3  or  7075  -  T6.  The  author  has  shown  /5l  /  tEat  hight-strength 
materials  are  very  sensitive  to  mear.  stress,  i.  e.  the  allowable  stress  amplitudes  are 
much  lower  at  high  positive  mean  stresses  that  at  zero  mean  stress,  see  fig.  14.  So  it 
would  already  be  an  improvement  if  r.  h-'gh  strength  steel  or  Al-allcy  could  be  developed 
which  did  not  exhibit  this  unfavorable  characteristic. 

The  effect  of  the  environment  on  the  materials  properties  must  be  investigated  thor¬ 
oughly.  First  a  definition  of  the  actual  environment  is  necessary.  Is  a  test  in  3.5  per 
cent  NaCl  actually  a  close  enough  simulation  of  an  airciaft  environment? 

Second,  corrosion  is  assumed  to  be  a  time-dependent  phenomenon.  However  the  combined 
action  of  time  and  load,  especially  if  the  latter  is  variable,  can  reverse  this  effect, 
as  reported  in  £$Q ~J  and  shown  by  some  IABG-results  /527,  see  fig.  15.  Here,  tests  under 
variable  (8  step-programme)  loading  demonstrated  a  much  smaller  effect  of  a  salt-water  en¬ 
vironment  than  tests  at  constant  amplitude,  alt  lough  the  former  took  about  10  times 
longer  than  the  latter.  How  can  this  be  explained? 

Third,  a  possibility  must  be  found  of  shortening  the  testing  time  compared  to  actual 
service  time,  otherwise  the  tests  take  too  long,  are  too  expensive  and  their  results  come 
too  late. 

2.4.2  Loads  Data 

The  sequence  of  loads  measured  in  service  bv  continuous"1  y  recording  instruments  must 
be  evaluated  statistically,  whereupon  the  original  "history"  is  lost.  This  evaluation  can 
be  dene  ir  many  different  ways,  van  Dijk,  for  example  listing  ten  methods  in  Ao7.  It  is 
by  no  means  established  at  present  which  method  is  best,  especially  if  it  is  considered 
that  loads  measurement  programmes  may  have  different  objectives:  Fatigue  life  assessment 
of  individual  aircraft,  or  data  for  the  design  of  new  aircraft,  or  setting  up  of  a  full 

scale  fatigue  test,  it  may  well  be  that  different  counting  methods  must  be  used  for  the 

different  purposes,  as  proposed  in  f+Qj ■  Further  research  is  necessary  in  this  respect; 
the  question  vh  oh  evaluation  method  Is  best  (for  the  purpose)  can  only  be  answered  em¬ 
pirically,  i.  e.  by  tests  with  the  real  load  sequence  ana  the  synthetic  one,  assembled, 

from  the  spectrum.  With  the  usual  evaluation  methods,  an  additional  importer t  information 
is  lost:  The  correlation  between  stress  amplitude  and  mean  stress.  ?ome  materials  are 
sensitive  to  positive  mean  stresses,  as  explained  in  section  2.4.1,  others  are  not.  So 
it  may  well  be  that  comparative  tests  with  the  real  sequence  and  the  synthetic  one  may 
give  good  results  for  one  material  and  not  so  good  results  for  e  second  material. 


3.  CONSTRUCT: OH  AND  DEVELOPMENT  PHASE 

3 . 1  Present  Status 

3.1.1  Design  Detail  and  Large  Component  Fatigue  lests 

At.  present,  the  fatigue  strength  of  small  design  details  (e.  g.  lugs)  is  still  most¬ 
ly  judged  by  constant  amplitude  tests.  The  results  are  often  compared  to  other  similar 
data,  if  available,  or  to  notched  specimen  -N  curves  to  check  on  the  design  quality, 
"fatigue  performance  index"  /E37etc  '  if  it  is  below  a  specified  quality,  it  must  be  im¬ 
proved.  The  fatigue  life  in  service  is  then  calculated  using  Miner's  Rule ^details  being 
explained  in  section  2.1  2.  Except  when  it  is  definitely  established  that2.ni/Ni  ?  1.0 
under  realistic  loading,  as  for  lugs  /40,  54.7,  this  method  car.  result  in  a  significant 
overestimation  cf  the  fatigue  life  in  service.  This  is  true  especially  if  methods  in¬ 
ducing  residual  compressive  stresses,  such  as  coining,  cold  rolling,  shot  peening  etc. 


-Mr.  Cnchlov  is  presenting  similar  methods  Lockheed  has  been  using  for  many  years  at 
this  Lecture  Dories  AI7.  _ 


m?'  '  '  "  r '  ■  '  ■' 
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nave  been  employed,  as  on  practically  every  modern  aircraft,  and  are  being  checked  or 
optimised  or.  the  results  of  constant  amplitude  tests.  The  occasional  high  loads  charac¬ 
teristic  of  the  more  or  less  random  sequence  of  service  loads  can  reduce  these  beneficial 

>r  example,  by 
for  surface 
In  constant 

amplitude  tests  was  increased  nearly  ten  times  by  coining.  Under  the  F-104  G  flight-by¬ 
flight  sequence,  the  life  increased  only  by  a  factor  of  two. 


Large  components,  even  if  they  are  vital  for  the  structure  and  a  design  change  in 
the  prototype  stage  would  be  probilitively  expensive,  such  as  wing  carry  through  struc¬ 
tures  etc.  are  still  sometimes  tested  under  constant  load  or  simple  block  programmes 
/7§7,  although  it  is  possible  that  not  even  the  correct  failure  locations  will  show  up 
In”such  simplified  tests  /%7,  6§7 


§1 


3.1.2  Damage  Tolerance  Tests ,  including  Crack  Propagation 

The  residual  static  strength  of  craciud  parts  is  usually  not  checked  by  tests  at 
present,  one  depends  on  calculations  assuming 

-  that  the  part  will  act,  i.  e.  deliver  the  same  Kjc.  like  a  standard  fracture  toughness 
specimen  net  even  taker,  from  the  part  it^self. 

-  that  the  critical  locations,  where  the  cracks  will  start,  and  the  loads  are  known  and 

-  that  a  valid  formula  for  the  calculation  of  the  stress  intensity  factor  for  the  (as¬ 
sumed)  crack  shape  is  available. 

kt  least  the  first  two  assumptions  are  quite  weak. 


For  big  components  crack  propagation  and  residual  static  strength  tests  are  usually 
combined  with  the  fatigue  tests  mentioned  in  section  3.1.  The  residual  static  strength 
is  sometimes  determined  with  sawcuts  instead  of  actual  cracks,  although  it  is  not  certain 
if  the  results  will  be  similar,  especially  if  one  has  to  consider  cracks  other  than  fa¬ 
tigue  cracks,  like  forging  laps,  welding  cr  quenching  cracks  etc.  If  residual  static 
strength  is  just  calculated,  additional  difficulties,  compared  to  simple  components,  are 
that  the  load  distribution  is  usually  not  well  known  and  that  reinforcing  structu.ro, 
fastener  holes  etc.  is  ncc  accounted  for  in  elementary  fracture  mechanics  theory. 


3.1.3  Loads  Data 

Late  in  this  phase  the  planned  utilisation  can  usually  be  obtained  from  the  poten¬ 
tial  operator,  so  a  reasonable  sequence  of  loads  could  be  set  up  for  flight-by-flight 
tests  on  the  large  components. 

3.2  Refinement  Immediately  Possible 

3.2.1  Design  Detail  and  Large  Component  Fatigue  Tests 


As  explained  in  section  2.2.2  J"  r.i/Ni  =  .6  should  be  assumed  for  fatigue  life  cal¬ 
culations;*  if  however  methods  like  coining  or  shot  peenine  have  been  applied, £ nj/Ni  -  .05 
appears  tc  be  a  conservative  assumption,  Large  important  components  should  in  every  case 
be  tested  under  flight-by- flight  loading,  using  the  most  severe  spectrum  reasonably  to  be 
expected  in  service.  Only  a  few  Dig  components  car.  ever  be  tested  in  one  aircraft  pro¬ 
gramme,  therefore  the  much  more  reliable  information  flight-'oy-flight  tests  give  is  to 
be  preferred.  What  is  more,  such  tests  car.  actually  cost  less  than  corresponding  S-N  tests, 
because  a  much  smaller  number  of  expensive  components  is  needed.  "Severe"  spectrum  may 
need  some  explanation:  The  number  cf  amplitudes  cf  medium  size  must  be  increased.,  not  the 
highest  amplitudes  of  the  spectrum.  On  the  contrary,  one  should  be  careful  not  to  apply 
too  high  loads,  because  these  will  usually  prolong  the  fatigue  life.  Schijjve  and 

others  propose  to  truncate  the  spectrum  at  a  load  levtfl  exceeded  about  10  times“it?  the 
target  life.  If  the  test  must  be~ acceleretod,  as  for  Ions  life  aircraft  where  in  this 
phase  more  than  one  hundred'  thousand  flights  might  have  to  -r.e  simulated,  this  should  be 
done  by  leaving  out  small  amplitudes,  perhaps  onlv_sxter  several  thousand  complete 
flights  have  been  applied,  as  Kirkby  has  ehowr,  /JfoJ  that  frettir.^  damage  is  done  very 
early  in  the  fatigue  life  under  random  loading."  ~ 


^^tT  ■*^-*’'*<  <&$*?  >y 
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3.2.2  Damage  Tolerance  Tests,  Including  Crack  Propagation 

The  manufacturing  processes  for  parts,  expecially  forgea  ones,  can  be  optimised, 
although  with  some  effort,  for  maximum  fracture  toughness  and  minimum  residiul  tensile 
st:*esses .  As  shown  by  IABC  experience,  it  may  even  be  possible  to  build  up  residurl  com¬ 
pressive  stresses  by  judicious  use  of  heat  treatment  variables.  In  anothei  case,  using 
a  rough  die  plus  s  finishing  die  instead  of  just  one  die  resulted  ir.  a  large  improve¬ 
ment  in  fracture  toughness  and  critical  crack  size,  see  figs.  16  and  17,  although  the 
material  as  such  was  nominally  identical. 

Kany  experts  have  required  that  for  critical  applications  the  standard,  specimen 
for  determination  of  the  fracture  tonghrr  must  be  taker  cut  of  the  part  or  component 
itsself.  This  requirement  can  be  met  immediately,  if  at  additional  cost.  One  is  reminded 
of  the  analogous  procedure  for  castings:  Formerly  the  static  properties  of  a  casting 
were  determined  by  separately  c^st  specimens,  the  properties  of  which  were  not  neces¬ 
sarily  similar  to  those  of  the  casting.  So  it  has  been  a  requirement  for  many  years  that 
for  high-quality  castings  the  test  specimen  oust  be  cast  integrally  v/ith  the  actual  part. 

3 . 3  Potential  Improvements 

3.3*1  Design  Detail  and  Large  Component  Fatigue  Tests 

Design  details  should  be  tested  under  the  standardized  sequences  mentioned  in  sec¬ 
tion  2.5.1,  especially  if  methods  for  fatigue  strength  improvement  by  inducing  residual 
compressive  stresses  have  been  applied.  Some  advantages  of  these  standardized  test-  have 
already  been  mentioned  in  sections  2.3.1  and  2.3.2.  There  are,  however  additional  good 
reasons  for  such  tests: 

-  The  test  results  are  directly  comparable;  they  can  be  used  to  build  up  a  suitable 
"library",  against  which  to  judge' the  quality  of  later  design  etc, 

-  The  planned  utilisation  (mission  mix)  will  only  be  known  late  in  the  phase,  too  late 
for  design  detail  tests. 

-  It  is  a  big  simplification  if  only  one  load  sequence,  and  an  already  existing  one  at 

that,  can  be  employed,  because  in  an  aircraft  programme  using  new  materials  and  tech¬ 
niques  a  large  number  of  design  detail  tests  must  be  performed  and  programming  a  dig¬ 
ital  computer  or  other  programming  device  for  oath  ne..  Inst  can  be  time  con¬ 

suming  . 

Big  components  should  be  tested  to  their  individual  spectra,  as  detailed  in  section 
3.3.2.  However,  some  progress  is  to  be  expected  in  the  near  future:  Calculation  methods 
which  will  indicate  the  T>tigue  critical  sections  in  large,  complex  structures  are  al¬ 
ready  availaole  /59,  607.  They  nay  have  to  be  combined  with  Jarfall'c  Stress  Severity 
Factor  Concept  /7,  5£7~to  indicate  the  individual  fatigue  critical  fastener  in  built-up 
structures.  More  uescs  aria  measurements,  for  example  to  determine  fastener  flexibilities, 
will  certainly  be  necessary.  Anyway,  these  methods  should  a31ow  us  to  improve  the  fatigue 
properties  of  components  ly  distributing  the  material  where  is  it  needed  and,  hopefully, 
by  predicting  the  fatigue  life  by  comparison  with  known  results  of  a  similar  stress  se¬ 
verity  factor,  all  before  the  actual  fatigue  test  has  been  performed.  For  ships,  this  is 
already  theoretically  possible,  because  the  local  stress  distribution  at  any  section  can 
be  computed  with  Quite  good  accuracy  /E>07  and  the  necessary  fatigue  test  results  are 
available  /5l,  627.  *” 

3.3.2  Damage  Tolerance  Tests,  Including  Crack  Propagation 


In  a  few  years’  time,  we  can  expect  a  lot  of  new  methods  and  some  data  on  the  appli¬ 
cation  of  fracture  mechanics  to  actual  parts  and  structures.  In  the  author’s  opinion  the 
objective  of  any  fracture  mechanics  calculation  in  this  chase  is  to  be  able  to  compute 
correctly  the  critical  crack  length  or  the  failing  load  (residual  static  strength)  or  the 
allowable  stress,  when  the  respective  other  parameters  in  the  fracture  mechanics  equation 
are  known.  It  is  postulated  that  the  practical  difficulties  of  obtaining  correct  results 
will  be  far  greater  than  the  theoretical  ones,  even  for  monolithic  parts.  For  example 
tests  at  the  IABG  cn  nose  landing  gear  struts  have  shown  that  depending  on  crack  shape, 
size,  location  and  orientation,  the  residual  static  strength  of  the  strut  would  have  been 
under-estimated  from  -<«ro  \o  more  than  one  hundred  per  cent,  see  fig.  18.  The  corapar'son 
was  made  with  the  residual  static  strength  calculated  from  valid  ASTK  Rtf -values  of  CT 
specimens  taken  out  of  the  strut  itsself,  which,  by  the  way  at«30  Ks±  1] in.'  agreed  ver.r 
closely  v/ith  values  taken  from  the  literature  £J§7  for  the  material.  The  normal  calcula¬ 
tion  procedure  using  published  Kjc  data  for  the  material  thus  would  have  been  more  or 
less  conservative,  but  the  large'scatter  is  nevertheless  disturbing,  as  it  implies  that 
the  calculation  might  also  sometimes  be  unconservative. 
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For  built-up  structure  and  for  crack  propagation  the  picture  does  not  look  too 
reassuring  either  at  the  noment.  "None  of  the  cracks  whicn  had  been  initiated  during 
service  or  during  the  tests  at  the  corners  of  cutouts  propagated  appreciably  or  were 
the  locations  of  eventual  static  failure,  even  though  some  cf  these  cracks  were  four 
inches  long"  /537-  Some  other  authors  in  JJ&J  are  not  so  pessimistic.  Using  one  of  the 
rsetnods  (matrix" force  analysis)  described  in  section  3.5.1.  Swift  demonstrated  in  753 7 
that  the  residual  static  strength  of  curved  and  even  stiffened  panels  could  be  predic¬ 
ted  w_th  an  error  of  less  than  ±10  per  cent.  One  other  example:  The  effect  of  ballistic 
damage  on  the  residual  static  strength  of  complete  wings  was  also  closely  predicted  by 
application  of  fracture  mechanics  at  che  IABG.  We  will  therefore  have  fco  depend  in  the 
future  on  a  judicious  mixture  of  a  large  number  of  well-planned  damage  tolerance  tests 
and  of  complex  computations , 


.  3»?  Loads  Data 


See  section  2.3.5 


5.4 


Future  Research  and  Investigations 


In  the  author's  opinion  it  will  be  the  most  fruitful  field  of  investigation  to  ob¬ 
tain  enough  data  to  prove  or  disprove  the  calculation  methods  mentioned  ir  sections 

3.3.1  and  5.3.2.  Expeciaily  if  lar*e  components  lust  be  replaced  in  service  aircraft, 
such  as  the  wings  on  the  C-130  /o3/  these  components  should  not  be  scrapped  but  fatigue, 
crack  propagation  and  residual  static  strength  tests  should  be  carried  out.  It  should 
then  be  tried  to  calculate  the  failing  load,  critical  crack  length,  crack  propagation 
etc.  using  available  or  new  methods  and  to  compare  te'its  and  calculations. 


4.  prototype  PHASE 


4.1  Pres  snt  Status 


4.1.1  Full  Scale  Fatigue  Tests,  Including  Damage  Tolerance  Tests 


of  the  structure 


A  full  scale  fatigue  test  is  possible  in  this  phase;  if  it  is  opportune,  will  be 
discussed  below.  Anyway,  the  main  objectives  oi  the  full  scale  fatigue  test  may  be 
summarized  as  follows: 

-  determination  of  the  fatigue  critical  points 

-  fatigue  life 

-  crack  propagation  and  residual  static  strength  ^ 

-  fail  safety 

-  fatigue  life  extension,  if  necessary 

-  determination  of  inspection  intervals 

-  development  of  inspection  procedures 

-  determination  of  replacement  times  of  certain  components 

-  development  and  testing  of  repair  methods 


At  present  the  full  scale  fatigue  test  is  usually  performed  in  the  prototype  phase 
and  on  a  prototype  structure.  To  the  author's  knowledge  all  full  scale  fatigue  tests  on 
civilian  transport  aircraft  have  been  carried  out  for  many  years  on  a  flight-by-flight 
basis  to  an  assumed  sDectrum;  in  some  cases  the  sequence  was  very  simple,  containing 
only  one  or  a  few  different  flights  and  no  taxi  loads,  for  example.  Af^er  the  desired  num¬ 
ber  of  flights  multiplied  by  the  safety  factor  on  life  of  usually  two,  has  been  demon¬ 
strated,  the  same  structure  is  used  for  damage  tolerance  (crack  propagation-,  residual 
static  strength-,  fail  safe-)  t63ts.  Often  sawcuts  are  utilized  as  crack  starters  because 
no  cracks  have  shown  up  in  the  fatigue  test  et  the  required  locations. 


Tactical  aircraft,  on  the  other  hand,  have  oftsn  been  subjected  to  block  spectrum 
loading,  without  ehe  g.  t.  a.  c.,  like  tne  F  100,  F  '-Ob,  ?  105  and  F  106,  and  sometimes 
even  without  negative  loads,  like  the  F-4  56/.  A  safety  factor  of  four  on  life  is 


employed  if  the  applied  spectrum  was  an  average  one; 
two  is  sometimes  considered  sufficient  /57.  The  demo 


if  it  was  a  severe  one  a  factor  of 
demonstrated  number  of  flights  cr  flying 
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hours  has  to  be  calculated,  assuming  for  example  that  one  block  corresponds  to  so  many 
flying  hours. 


There  were  also  some  fatigue  life  extension  programmes,  as  on  the  P-100  £67J  in 
the^USA  and  the  D.  H.  Venom  in  Switzerland  ’.  In  Germany  the  F  104  G  was  retested 
/ o£/\  The  F  100,  'he  Venom  and  the  F  104  G  were  submitted  to  flight-by- flight  tests,  the 
sequences  for  the  latter  two  aircraft  being  extremely  complex,  consisting  of  various 
taxi  and  landing  loads,  gust,  maneuvers  etc.,  see  for  example  fig.  *8,  and  resulting  in 
several  hundred  different  flights.  The  actual  service  load  spectrum  was  known  for  all 
three  aircraft,  because  the  tests  had  started  late  in  the  service  life  and  a  very  ex¬ 
tensive  service  loads  me?  surement  program  had  previously  been  conducted.  For  the  Venom 
even  the  lift  distribution  had  been  checked  in  a  windtunnel  (and  had  been  found  to  dif¬ 
fer  substantially  from  the  assumed  one).  It  is  significant,  that  for  the  F  100,  the 
Venom  and  the  F-104  quite  good  Correlation  between  service  life  and  test  life  was  found. 
This  is  presumably  due  to  three  main  reasons: 

-  The  aircraft  structure  tested  was  to  a  production  configuration,  like  the  service 
aircraft. 

-  The  service  loads  were  well  known  and 

-  these  loads  were  closely  simulated  as  to  sequence  and  magnitude. 


These,  then,  are  the  minimum  requirements  to  be  met  for  a  reliable  fatigue  life  predic¬ 
tion.  Taken  literally,  the  first  two  requirements  mean  that  the  full  scale  fatigue  test 
could  only  start  quite  late  in  the  service  period  of  an  aircraft;  the  actual  loads  can 
be  (and  have  beer.)  gravely  underestimated,  even  if  the  prototype  loads  have  been  measured 
and  even  v/hen  production  aircraft  have  started  training  and  operational  readiness  flying 
££J.  The  production  structure  will  in  many  cases  differ  significantly  from  the  prototype 
structure,  while  even  small  engineering  deviations  considered  to  be  an  item  not  critical 
with  regard  to  fatigue  may  actually  be  critical  fUJ .  These  requirements  can  be  met,  there 
fore,  onl>  if  the  fatigue"  test  is  used  for  a  life  reassessment  /  extension  programme,  as 
for  the  three  aircraft  mentioned  above,  or  if  one  is  willing  to  have  a  number  of  aircraft 
in  service  before  the  full  scale  fatigue  test  has  even  started.  For  a  new  civilian  trans¬ 
port  aircraft,  the  latter  procedure  cannot  be  recommended  because  of  the  high  yearly  uti¬ 
lization  of  these  types.  On  the  other  hand  the  load  spectrum,  at  least  for  the  first  sev¬ 
eral  years  of  airline  service,  is  quite  v/ell  known,  grave  errors  are  not  likely.  Because 
of  the  long  life  required  of  these  aircraft,  the  full  scale  test  takes  quite  a  long  time, 
although  small  amplitudes  are  usually  omitted  for  reasons  of  cost. 


For  tactical  aircraft,  however,  there  are  some  good  arguments  to  postpone  the  full 

scale  test  to  the  service  phase: 

-  the  utilization  is  lo w,  of  the  order  of  200  flying  hours  per  year;  therefore  the  full 
scale  test,  once  started,  v/ill  quickly  catch  up  v/ith  the  service  hours. 

-  the  required  life  is  short,  4000  flying  hours  or  less,  so  the  test  v/ill  not  take  too 
long  even  if  no  cycles  have  been  omitted  (see  below),  and  will  usually  be  finished 
during  the  production  run,  in  time  to  incorporate  necessary  design  changes  in  at  least 
some  aircraft  at  reasonable  cost. 

-  the  damage  tolerant  design  of  the  airframe,  v/hich  is  necessary  anyway,  see  section 
2.2,4,  v/ill  (hopefully)  ensure  that  no  catastrophic  failures  will  occur. 

-  the  preceding  flight-by-flight  tests  v/ith  large  components  have  given  confidence  in 
the  fatigue  life  of  the  complete  structure. 


The  main  disadvantage,  in  the  author's  opinion  is  that  design  changes  shown  by  the  full 
scale  test  to  be  necessary  are  extremely’ expensive  for  the  aircraft  already  in  service. 


To  wait  with  the  full  scale  fatigue  tests  until  service  loads  can  be  measured  and 
to  rely  at  first  on  large  components  tests  is  the  procedure  adopted  by  the  U.S.A.F.  at 
the  moment  /56/.  Before  that,  the  U.S.A.F.  ffl  planned  to  do  two  full  scale  tests,  one 
in  the  prototype  phase,  the  other  in  the  service  phase. 


The  third  requirement  means  that  a  complex  flight-by-flight  test  is  necessary,  v/ith 
a  large  number  of  different  flights,  each  flight  consisting  of  a  large  number  of  cycles, 
sav  fifty  to  one  hurled.  One  example  is  given  in  fig.  18  for  the  F-104G  full  scale  test 
sequence^  No  simplifications,  e.  g.  use  of  only  a  few’different  flights,  or  abbreviations 
e.  g.  omission  of  small  amplitudes,  are  possible,  nor  are  they  necessary  at  least  for 
short  lived  tactical  aircraft,  in  view  of  the  servohydraulic  equipment  v/ith  digital  com¬ 
puter  control  now  available  £/0,  7 £7- 
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Considerable  effort  has  to  be  put  into  setting  up  the  test  equipment  and  producing 
the  sequence  of  test  loads.  In  the  F-104G  full  scale  test,  for  example  /5§7>  the  follow¬ 
ing  loads  are  applied;  '  "" 

-  gust  and  maneuver  cycles 


g.  t.  a.  c. 


-  taxi. 

The  combined  gust  and  maneuver  spectrum 
has  been  divided  into  three  subspectra 

-  clean  configuration  2 

-  tip-tank  configuration  92 

-  tip-and  pylon-tank  configuration  6 


obtained  from  c. 


% 


% 


j*  of  flight 


g.  acceleration  measurements 


time. 


These  were  again  split  up  into  subspectra  for  actual  missions  and  flight  conditions. 
27  tvpical  load  distributions  were  simulated,  taking  into  account 

-  3  configurations  (clean,  tip-tank,  tip-tank  plus  pylon-tank) 

-10  weight  distributions 

-  2  center  of  aerodynamic  pressure  locations 

(22  %  mean  aerodynamic  chord  for  Mach  0.68  and  0.9 

45  9s  "  "  "  »  »  1.45 

and  for  15°  flaps  at  Mach  0.68) 

-  positive  and  negative  flight  loads  from  -  2.3  g  to  +  6.9  g 

-  positive  aileron  deflections 

-  taxi  loads 


-  g,  t.  a.  c. 


A  section  of  the  flight-by-flight  programme  is  shown  in  fig.  18.  Additionally  an  exten¬ 
sive  stress  analysis  was  performed  with  several  hundred  strain  gages.  And  yet,  compared 
to  the  price  of  modem  aircraft  and  to  the  price  of  a  life  extension  program  that  might 
be  necessary  as  a  consequence  of  a  simplified  full  scale  test,  such  a  complex  full  scale 
test  is  not  expensive  *.  One  aircraft  primary  structure  is  necessary  for  any  full  scale 
test  anyway,  and  it  is  much  more  expensive  than  even  the  most  complex  full  scale  test. 


Damage  Tolerance  Tests  have  been  performed,  as  mentioned  before,  for  many  years  on 
civilian  transport  aircraft.  When  it  became  -bvious  that  a  pure  safe-life  design  was  not 
feasible,  the  fail-safe  philosophy  was  adopted.  Mr.  Crichlow  presented  a  well  known 
paper  on  this  subject  in  1959  /?2/.  Seme  doubts  have  teen  expressed  if  complete  fail- 
safety  already  could  ever  be  accomplished,  for  example  with  riveted  joints;  however  as 
far  as  the  author  is  aware,  not  one  catastrophic  failure  of  primary  structure  has  occurred 
in  any  civilian  airliner  designed  to  the  fail  safe  philosophy  -  and  some  of  the  early  jet 
transports  like  the  B  707  cr  DC-8  have  passed  50.000  flights  hours!  So  the  service  expe¬ 
rience  with  fail  safe  design  is  quite  reassuring  at  the  moment.  On  the  other  hand,  even 
very  modern  tactical  aircraft  have  been  recently  designed  to  the  pure  safe-life  philos¬ 
ophy,  Possibly  some  European  tactical  aircraft,  which  were  not  designed  around  high 
strength  materials  like  7075  -  T6  or  D6ac  steel  might  satisfy  the  "safe  crack  growth" 
requirement  of  the  r.ew  MIL  -  A  -  008866  /267>  but  that  would  be  a  fortuitous  byproduct  of 
other  design  decisions.  Residual  static  strength  tests  on  tactical  aircraft  after  the 
full  scale  test  have  usually  not  been  performed,  If  fatigue  cracks  were  detected  early 
enough  in  the  full  scale  tests,  their  propagation  was  monitored;  this  was  done  in  some 
cases  just  to  avoid  a  coaplsts  failure  the  full  scale  teat.  The  integral  construction, 
high  strength  materials,  high  stress  levels  and  nonrsdundant  structure  typical  of  many 
tactical  aircraft  are  not  conducive  to  extended  crack  propagation  tests  anyway:  The  ap¬ 
pearance  of  a  crack  signals  imminent  danger  of  failure  /7&7‘  Therefore  data  on  crack  pro¬ 
pagation  were  rarely  developed  in  full  scale  tests  of  tactical  aircraft.  For  the  F-100 
life  extension  programme  several  wings  were  available  and  ersek  propagation  curves  under 
several  specti’a  restricted  to  6  g  and  4  g  were  obtained  /5 27 »  vrtxich  correlated  quite  well 


*  A  fighter  bomber  of  the  German  Air  Force  was  tested  to  about  8000  flights  of  about  100 
cycles  each  in  a  complex  full  scale  test  for  about  2  million  Deutsche  Mark,  equivalent 
to  about  $  700,000,00.  The  test  took  about  tv/o  years  from  the  decision  to  start  the 
programme  gather  service  loads  data,  build  the  test  rig  and  program  the  computer  etc. 
urtil  8000  flights  had  been  applied.  Every  additional  1000  flights  cost  about  30.000,00 
Deutsche  Mark  including  inspections. 


10-lt. 


with  the  computed  curves,  although  no  retardation  by  high  loads  was  taken  into  account. 
Some  residual  static  strength  tents  were  also  performed.  The  well-known  test  programme 
for  all  F-111  service  airp'.anes  /7jj 7  was  performed  only  after  a  fatal  crash  had  occurred. 
The  USAF  has  instituted  a' large  fracture  control  programme  fcr  its  aircraft  £77,  79,  307, 
Mr.  Wood  is  referring  t.o  this  programme  in  his  lecture  £f&7. 

4.1.2  Loads  Data 

As  soon  as  the  prototype  starts  flying,  loads  can  be  measured.  The  author  is  under 
the  impression  however,  that  the  loads  measurement  programme  is  nr>t  always  considered 
urgent  enough  and  that  it  therefore  may  take  an  unreasonably  long  time  to  obtain  the  data, 

4.2.  Refinements  Possible  Immediately 

4.2.1  Full  Scale  Tests,  Including  Damage  Tolerance  Test 

The  necessary  requirements  for  a  full  scale  test  which  can  be  expected  to  deliver 
a  reasonable  correlation  with  service  life,  using  available  methods  and  data  have  already 
been  discussed  in  section  4.1.1.  It  must  be  decided  in  every  iriiridual  case  if  this 
test  should  be  performed  in  the  prototype  phase  under  the  load  spectrum  known  at  than 
time  and  on  a  prototype  structure  or  later,  in  the  service  phase,  on  e  production  struc¬ 
ture.  Whatever  the  decision  taken,  more  effort  can  and  should  be  applied  to  monitoring 
the  growth  of  fatigue  cracks,  especially  if  the  aircraft  has  been  designed  to  the  safe 
life  or  safe  crack  growth  philosophy;  that  is,  cracks  snould  be  found  while  they  are 
still  very  small.  Besides  the  obvious  advantages,  the  data  and  skills  thus  obtained  by 
the  NDT  inspectors  can  later  be  used  to  advantage  when  the  aircraft  is  in  service.  After 
the  required  life  has  been  demonstrated,  further  aitificial  cracks  should  be  introduced 
into  the  structure  and  the  test  continued.  At  the  end  of  every  test  the  residual  static 
strength  should  be  determined.  It  is  of  utmost  imj/cfcance  to  compare  the  crc.ok  propaga¬ 
tion  and  the  residual  static  strength  obtained  in  unis  test  with  calculated  values,  as 
mentioned  in  section  3.4.  The  local  stresses  should  also  be  determined  by  strain  gages 
at  as  large  a  number  of  locations  as  possible.  It  .111  increase  our  knowledge  of  damage 
accumulation  if  we  know  the  actual  stresses  at  the  location  where,  say,  tbe  critical 
crack  started.  For  example,  in  the  tests  described  in  [SSJ  the  nominal  stress  in  the 
notched  specimens  simulated  exactly,  with  regard  to  sequence  and  magnitude,  the  local 
nominal  stress  at  the  surface  of  the  F-104  G  .mg  skin  at  fitting  No.  3  at  the  wing  sta¬ 
tion  in  question,  as  determined  by  a  strain  gage  calibration  of  the  full  scale  test  ar¬ 
ticle.  This  location  was  fatigue  critical,  as  doJ?  is  service  aircraft  and  in  the  full 
scale  fatigue  test  cracks  occurred  there. 

If  it  is  decided  to  carry  out  the  full  scale  test  *.r,  the  prototype  phase,  the  most 
severe  spectrum  that  can  reasonably  be  expected  in  »  .rvAoo  snould  be  applied  (for 
definition  of  "severe"  spectrum,  see  section  3d  i).  Tne  fatigue  critical  areas  will 
then  show  up  quickly,  so  the  necessary  design  changes  can  be  incorporat  ,ct  in  all  produc¬ 
tion  aircraft  at  reasonable  cost.  If  this  fatigue  damage  sh ws  up  before  the  target  life 
multiplied  by  the  scatter  factor  of  four  is  reached,  ■‘■he  scatter' factor  could  be  re¬ 
viewed  and,  possibly,  reduced,  see  section  5.2.1.  This  is  considered  a  mere  conservative 
approach  than  using  a  spectrum  of  average  severity  and  the  uauel  scatter  factor. 

4.2.2  Loads  Data 

See  section  4.1.2. 

4.3.  Potential  Improvements 

4.3.1  Full  Scale  Fatigue  Tests,  Including  Damage  Tolerance  Tests 

As  the  next  step  in  improving  the  full  scale  test  procedures,  the  effect  of  the 
environment  should  be  considered.  Some  authors  /747  suggest  carrying  out  the  full  scale 
•cest  in  the  open  as  an  approximation  of  the  real  environment.  However  a  full  seal  .■  test 
takes  only  about  one  tenth  of  the  time  an  aircraft  is  in  service  and  the  geographical  lo¬ 
cation  of  the  full  scale  test  would  then  influence  the  result.  Mr.  Anderson  will  discuss 
another  procedure  in  detail  at  this  Lecture  Series  £5£7,  The  other  requirements  for  a 
full  scale  test  were  already  mentioned  in  section  4.1.1.  The  additional  corrosion  damage 
in  a  test  which  includes  the  environment  will  certainly  also  influence  the  crack  propaga¬ 
tion  and  the  residual  static  strength  behaviour.  No  further  refinements  appear  necessary 
at  the  moment. 


4.4.  Future  Research  and  Investigations 


See  section  2.4.1,  remarks  on  environment. 


•^ ^r”' r  fW*g?iqFfZ*31F~^£l 
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5.  PRODUCTION  AND  SERVICE  PHASE 


A  number  of  remarks  made  in  preceding  sections  also  apply  to  the  service  phase, 
for  example  with  regard  to  full  scale  testa  etc.  They  will  not  be  repeated  in  this  chap¬ 
ter;  instead  other  problems  which  may  appear  in  this  phase  will  be  discussed. 

5 . d  Present  Status  and  Refinements  Immediately  Possible 


5.1.t  Pull  Scale  Fatigue  Tests,  Including  Damage  Tolerance  Tests 
See  section  4.1 .1 . 


m 


Is- 


s«r 
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5.1.1  Service  Loads  Data 

Service  Loads  Data  shoul '  be  obtained  as  quickly  as  possible  on  many  aircraft  fly¬ 
ing  in  different  roles.  The  idea  of  lead- the- fleet  aircraft  In  which  utilisation  is  ar- 
tif-*  dally  increased,  at  first  sight  looks  very  promising  for  this  purpose  and  for  some 
other  reasons.  However  when  pilots  know  they  are  flying  such  airplanes,  they  tend  to 
handle  them  very  carefully  and  a  spectrum  might  be  obtained  which  is  not  typical  of  ac¬ 
tual  service  usage. 

5.1.3  Change  in  Service  Load  Spectrum 

Whatever-  the  efforts  with  the  measurement  of  service  load  data  and  with  the  full 
scale  test  all  eventualities  are  still  not  covered.  The  load  spectrum  ir  service  will 
in  some  cases  certainly  be  different  from  che  one  applied  in  test;  some  examples: 

-  The  same  aircraft  type  is  used  for  different  purposes  /T67  in  different  squadrons, 
i.  e.  ground  attack  or  high-level  reconnaissance  (deterministic  variations). 

-  Individual  aircraft  in  cne  squadron  may  be  flovn  with  different  severity  /T67 
(statistical  variations). 

We  must  also  reckon  with  she  change  of  operations  during  the  life  of  an  aircraft  type 
which  is  typical  for  tactical  aircraft.  Even  civilian  transports  mav  fall  into  this  cat¬ 
egory;  for  instance  the  "Super  Constellation",  a  type  originally  designed  fer  high  al¬ 
titude,  long  range  flight  was  used  in  Germany  as  an  "airbus"  for  short  range  flights  at 
’  ow  altitude  during  the  latter  pa:t  of  its  service  life.  Similarly  the  first  models  of 
the  DC-8  were  used  for  short  range  flights  as  soon  as  later  models  with  fan  as  vines  be¬ 
came  available.  What  to  do  in  these  cases  is  therefore  an  important  question,  which  will 
become  even  more  important  in  the  future  because  every  individual  aircraft’s  fatigue  life 
will  have  to  be  exploited  to  the  full  due  to  the  enormously  rising  cost  of  modern  types. 
By  carrying  a  fatigue  meter  or  similar  instrument  in  every  airplane  any  change  in  oper¬ 
ation  will  show  up  very  quickly.  This  is  the  procedure  followed  by  the  U.  K.  L S17.  If 
aircraft  use  up  their  life  at  too  fast  a  rate,  it  might  then  even  be  possible  to  assign 
them  to  other,  less  severe  operations.  This  is  an  additional  reason,  why  the  install a- 
tion  of  fatigue  meters  in  every  aircraft  is  considered  a  minimum  requirement,  see  sec¬ 
tion  2.3.5.  When  the  spectrum  In  service  is  thus  found  to  differ  from  the  one  applied 
in  the  tests  the  "relativs"  Miner  Rule  mentioned  in  section  2.3  2  can  be  applied  with  a 
better  accuraev  tnan  the  normal  damage  calculation,  if  a  realistic  load  sequence  has 
been  used  for  rhe  full  scsle  test;  that  is,  the  full  scale  test,  possibly  supported  by 
some  flight-by-ilight  specimen  tests,  can  be  used  as  a  basis  from  which  to  read  across 
to  other,  not  too  different  spectra.  This  procedure  also  has  been  used  in  the  U.  K.  for 
military  aircraft  however  the  'oasis  may  not  always  have  been  a  complex  flight- by¬ 

flight  tost,  so  that  the  necessary  step  from  its  result  to  a  different  spectrum  was  ac¬ 
tually  very  large. 

5.1.4  Repair  of  Structural  Damage 


The  structure  of  present  aircraft  can  usually  be  repaired  at  reasonable  cost  by  ri¬ 
ve  ted  or  bolted  reinforcements  in  ths  damaged  area  or  by  replacement  of  panels.  With 
sec.e  modem  air-oraft  the  repair,  which  may  be  necessary  for  reasons  other  than  fatigue 
damage,  may  appear  to  be  much  more  complex,  r.  g.  for  EB-welded  structure.  However  pros¬ 
pects  look  good  for  reoair  of  cracks  by  electrcn-beam  welding,  a  procedure  used  in  the 
gas  turbine  industry  /S27  or  by  WIG-  or  plasma  welding  /Bp7,  at  least  for  steels  and 
titanium  alloy*-. 


iniMussja® 
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5.2.  Potential  Improvements 

5.2.1  Full  Scale  Fatigue  Tests.  Including  Damage  Tolerance  Tests 


•See  section  4.2.1  and  4.2,1. 

To  the  author's  knowledge  r.c  full  scale  fatigue  tests  have  yet  been  performed  with 
asymmetrical  loads,  generated  for  example  by  aileron  actuation  or  empennage  loads.  These 
asymmetrical  loads  might  however  be  important,  at  least  for  the  structure  of  some  air¬ 
craft.  The  main  reason  for  the  omission  of  these  loads  is  that  practically  no  asymmetri¬ 
cal  load  spectra  are  available  yet.  Such  load  spectra  must  therefore  be  obtained  in  the 
next  years  in  sufficient  rumbers.  A  full  scale  fatigue  test  is  planned  at  the  IABG  on  a 
tactical  aircraft  in  which  asymmetrical  loads  will  be  applied. 


It  may  also  be  possible  to  reduce  the  usual  scatter  factor  of  four  in  the  future  if 
it  is  established  that  the  standard  deviation  of  s  =  0.20,  developed  from  constant  ampli¬ 
tude  and  simple  programme  test,  is  too  high.  IABG  tests  on  several  F-104G  wings  and  other 
components  indicated  a  much  smaller  scatter.  Fail  Safe  Tests  on  b&llistically  damaged 
structure  should  also  be  carried  out;  possibly  the  damage  should  be  applied  under  load 
to  allow  for  dynamic  effects. 


5.2.2  Service  loads  Data 


See  sections  2.3.5  and  5.2.1,  remarks  on  asymmetrical  loads.  Possibly  vie  wil>  also 
see  an  increased  use  of  PSD  methods,  i.  e.  replacement  of  the  discrete  gust  iacdsl  by  the 
continuous  turbulence  model  /T77* 


5. 3  Future  Research  and  Investigations 


5.3.1  Full  Scslo  Testa,  Including  Damage  Tolerance  Tests 


It  may  be  considered  advisable  in  the  future  to  apply  the  fatigue  loads  to  the  struc¬ 
ture  at  the  actual  velocity,  i.  s.  gust  loads  very  quickly,  maneuver  loads  more  slowly  to 
allow  for  dynamic  effects.  These  may  be  especially  important  for  landing  gears. 


6.  CLC3IKG  REMARKS 


The  attainment  of  an  adequate  service  life  in  an  aircraft  structure  and  its  correct 
prediction  by  tests  and  calculations  is  a  very  comolex  process  containing,  at  .he  moment 
and  for  some  time  to  come,  many  unknowns.  The  author  has  tried  to  show  in  the  paper  that 
by  bringing  together  modern,  but  readily  available  test  and  calculation  procedures  we 
can  expect  to  be  more  successful!  than  in  the  past  to  achieve  this  difficult  objective. 
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Fracture  Toughness  test 
ASTM  Bifid  Specimen 
Crock  Piane  Orientation  T-  L 

unwelded 

*re=  31.5  ksi  / inch ' 

1 10S0 

E-B  welded 

KIc  ~  ?<  ksi  Vinci) 

(32,5  Nmm^2 1 


-  unr, etched.  unwelded  material 

- EB  Butt  Weld,  welding  parameters  optimised 


Fig.  1:  Influence  of  Electron-Beam  Welding  on  Fatigue  Strength  and 
Fracture  Toughness  of  3.1334.5  (2024  -  T3) 


0  10  20  30  40  50  60  70  80 

Crack  Length  at  Unstable  Fracture  (mm) 


Fig.  2:  Effect  of  Temperature  on  Residual  Static  Strength 
of  1,7734.5  (similar  to  Vasco;iet  90) 


i  0-25 


Fig,  5:  Checking  of  the  Forman-Formula 
(Mat *riais:  RR  58  and  1.7734.5) 


Stress  Intensity  Factor  &K 


Nimm 
~§0  ksiftncft 


Fig.  6:  Checking  of  the  Forman-Formula 

(Materials  18/8/5  NiCoMo  and  PH  17-4) 


I*ig,  6:  Fracture  Toughness  of  NiCoMu  Calculated  by  Different  Methods 


TiGAtiVann. 
70°C  s=Q.06i 


Ti6AI6V2Sn  ann. 
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Ultimate  Tensile  Strength  G^lNjmm1! 


Pig.  14:  Mean  Stress  Sensitivity  and  Ultimate  Tensile  Strength 
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Fig.  15:  Influence  of  Artificial  Seawater  on  the  Fatigue  Strength  of 
Magnetic  Steels 
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CT-Spectmen  tASTMl 

KIc-  26,5- 30.6  ksi  ■/inch  (992-1060  Hmm^) 
(range  of  5  valid  tests  1 

Crock  Position  I 

K,e 30.5  *  700  ksi  v ~-~cF  ( 1050  -  2100 
(range  of  6  tests 1 

Half  circular  surface  crack  'n  a  team 
under  pure  bendirig 

Crack  Position  E 

K  *27.7- 66.0  ksi /inch  (950  -•  2200 Nmm/2) 
(range  of  9  rests) 

Semi  elliptical  surface  f'aw 


Material:  7075 -T6 

Fig.  18;  Fracture  Toughness  lest?  on  Actual  Components  (-'lose  Landing  Gear  Strut) 
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Fig,  19:  Full  Scale  Fatigue  Test 

Sequence  or  Load  Cycler,  in  Flight  No  11 
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